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OPENING REMARKS

By John L. Sloop

Director, Propulsion and Power Generation,
Office of Advanced Research and Technology, NASA

There has been considerable NASA interest in large liquid rocket engines.
In 1961 design studies were undertaken by NASA under the direction of Henry
Burlage at Rocketdyne and Aerojet on contracts NAS-5-1025 and NAS-5-1026. This
has led to a series of technology programs which we hope will be summarized and
discussed in this meeting. In addition I am sure you are familiar with the
studies at Marshall Space Flight Center on Nova and post-Nova. These have
shown the needs for more advanced propulsion concepts.

The purpose of our meeting is to present and critically discuss this
available information, to identify major problem areas, and to point out spe-
cific problems where in-house and contract effort is needed. The first two
sessions will contain presentations by contractor personnel. After these two
sessions this will be an all-government meeting for planning purposes and for
discussion.

We have divided the discussions into several sessions. These will be
headed and run by the chairman for each session. I will act as general
chairman.

At the end of the meeting the chairman of each of these sessions will give
a resume of the major problems where in-house and contract effort is needed.
I expect that these chairmen will summarize their own particular session.
After all the papers are presented the chairmen will make general comments and
the floor will be open for individual comments.
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SESSION I

PROPULSION REQUIREMENTS FROM A VEHICLE VIEWPOINT

Chairman: Francis Williams,
Future Projects Office,,
Marshall Space Flight Center, NASA



1. INTRODUCTION

By Francis Williams

Future Projects Office
Marshall Space Flight Center, NASA

Before we consider requirements from a vehicle standpoint, perhaps we
should first define the vehicle.

Nova is the name which has been attached to the propulsion requirements
that we are to discuss, so we might start out by defining Nova.

There are two definitions that come to mind right at first. The first one,
which I will quote from the dictionary of Rockets and Guided Missiles, goes
like this:

"Nova, appears suddenly at unpredicted times and places, some-
times becoming the brightest object for a few days. Then they fade
and pass away."

There is another definition that we, working in the area of Nova, prefer:
that is:

"Nova, the next large launch vehicle after Saturn V."

I think you can see why we prefer the latter definition. We sometimes
believe, looking at the past of Nova, some of the exercises we have gone
through, that it flares up and does fade away. We hope that the present flare
will be a continuous one and will maintain itself for a long time to come.

What are the requirements for Nova? These are not well established to
date. We have, as part of the studies that we are undertaking, a market anal-
ysis, if you will, or assessment of what future and more ambitious missions
might require Nova. The man-Mars exploration mission is one of the predominant
ones, and a rather demanding mission. Other missions which might require Nova
are: a lunar base; various orbital missions, both civilian and military types;
very deep space probes; and scientific missions that have very high velocity
requirements and require vehicles even bigger than Saturn V. There is also the
possibility of such things as global logistics which may fit into the picture
in the Nova time frame.

All these missions are being assessed by the groups that are working on
and worrying about Nova, not only just trying to assess the market but to
investigate each of these mission requirements or, if you will, "desirements,"
to determine their effect on the basic launch vehicle system. When we say
"system" in our discussions, system is not just a single-stage or two-stage
launch vehicle. This involves the overall facilities, logistics, the training,
the whole program.



Next we might ask the question: What does Nova look like? This also is
not well established to date. We have numerous designs and configurations
under consideration. Some of these and some of the trade-offs will be dis-
cussed subsequently.

We have various operational considerations that we are investigating - and
of course several propulsion system concepts that we are trying to weigh, one
against the other, to find out which is the "best. We have several major studies
underway at the present time. We have parallel or two systems studies that are
being conducted on a parallel "basis, one with General Dynamics/Astronautics,
headed "by Andrew Kalitinsky, and the other with Martin Marietta, Baltimore,
headed "by John Youngquist.

In support of these two systems studies we have three separate studies.
All three of these happen to be at Martin Marietta's Baltimore division. One
is launch operations and facilities; the other, test operation and facilities;
and the third, transportation and logistics.

There are numerous other studies being done in support of advanced tech-
nology that have application in the Nova area. Many of these will be discussed
in subsequent presentations.

I might also mention that in support of the basic Nova systems studies we
have obtained a considerable wealth of data from the three engine contractors
who will give presentations at this conference. Unfortunately, for them at
least, it is not funded support at this time. They have, I think, very coop-
eratively supported both of the system study efforts to date and I think we
have a very good working relationship there.

The Nova systems work is directed by a Nova management team. This Nova
management team is made up of personnel from various organizations within NASA:
NASA Headquarters, Marshall Space Flight Center, Manned Spacecraft Center, and
Lewis Research Center. We hope in the very near future to get the other NASA
organizations involved. We also have as members of the Nova management team,
the Air Force. Howard Barfield is the senior Air Force representative.

I would like as head of the Nova management team to solicit your support
and comments or criticisms on the Nova study. We have several published docu-
ments which have been distributed throughout NASA. If you do not have copies
of these, they can be made available to you. We will have another major review
in a couple of months. You are cordially invited to participate in these
reviews.

What we are attempting to do, very briefly, with the Nova studies is to
define the most desirable launch vehicle to succeed Saturn V. We hope, in the
following presentations by contractors, that we will somewhat set the stage for
this two-day session which is addressing itself to propulsion requirements for
Nova-class vehicles. We plan to present some of the results, some of the very
latest data that are available, some of the trends that are coming out of these
studies, and some conclusions that we feel can be drawn at this time.



2. PROPULSION SYSTEM PROCUREMENTS WITH RESPECT

TO VEHICLE SYSTEMS

By John Wamser

General Dynamics/Astronautics
General Dynamics Corporation

This paper is concerned with a discussion of a portion of our Nova Part II
study effort. I will discuss recovery and reuse and the selection of first-
and second-stage propellants. We have reexamined the use of hydrogen versus
RP as the first-stage propellants, and we have looked at the use of fluorine
as the second-stage propellant. I will also discuss the use of forced deflec-
tion nozzles in the first- and second-stage applications and present some data
on the thrust vector control requirements for these vehicles.

Figure 1 shows three typical Nova vehicle systems: A class II stage-
and-a-half vehicle and a two-stage vehicle using advanced propulsion, and a
class III single-stage vehicle also using advanced propulsion. In the case of
the class III single-stage vehicle, the design is also based on some assumed
improvements in the state of the art in materials and construction methods.

From the results of the study, it appears that all stages should be recov-
erable and reusable and that long lifetime and reusability are very important
criteria for the propulsion systems. It also appears that the stage-and-a-
half vehicle is somewhat less efficient than the two-stage vehicle.

In all cases the recoverable stage design is based on the Nexus concept,
and needs a low W/CjjA to minimize heating during reentry.

In the case of orbital recovery an ablation material is required to pre-
vent the tank from reentry heating damage. This is not the case necessarily
in suborbital recovery or suborbital reentry.

An attitude control system is required to provide the proper attitude for
the orbit and reentry. At subsonic speeds a parachute system is deployed to
reduce the velocity and just prior to impact retrorockets are fired to reduce
the velocity still further to something less than JO feet per second.

In the case of the single stage, the design is somewhat different in that
the stage is designed to enter from a rearward direction. This has a number of
advantages. It provides more readily a better c.g.-c.p. relationship and gives
more freedom in stage design. The heat protection system for the plug, for the
propulsion system, also doubles as the heat protection system for reentry. In
addition, we feel that this particular configuration with its plug arrangement
is compatible with some of the air augmentation systems which we are
considering.

The first comparison I would like to make is shown in figure 2. Here we
have the use of hydrogen versus RP as the first-stage propellants. The vehicle



on the left has lox/hydrogen in both stages. The one on the right has lox/RP
in the first stage. In "both cases the second stage is recoverable. Expansion
deflection engines are used throughout.

The height of the RP stage is considerably less than the hydrogen stage
by about 56 feet. Half of this is due to the use of RP. The other half is due
to the fact that the area ratios on the vehicle on the right were selected at
kO; the vehicle on the left at 100. However, 95 percent of ideal altitude
compensation was assumed in both cases and for this condition it turns out
that the propulsion performance is essentially the same, so this does not
really have any effect on the comparison except that it makes the vehicle on
the right still smaller.

The diameter of the RP vehicle is 100 compared with 13̂ . This results in
a lower launch drag and somewhat simplifies the manufacturing transport prob-
lems. Most important, because of the smaller size, it greatly reduces the
cost of the first stage. The payload ratio, 18.8 compared with l̂ .U, is not
as good for the RP vehicle. However, most of this weight is propellant itself,
the RP. The total cost effectiveness is $91 per pound in the 225-kilometer
orbit compared with $102. So we see that the RP vehicle is more efficient.
The recurring cost effectiveness is $51-50 compared with $58. This includes
the vehicle cost, propellant cost, and operational cost.

There are many other considerations in selecting a first-stage propellant.
One of the more important here is the fact that RP is noncryogenic and has
certain operational and logistic advantages. There are other advantages having
to do with safety and so on.

We have made comparisons of quite a number of vehicles with different pro-
pulsion systems in the first stage and different propellants. These results
are characteristic. The relationships hold. On the basis of this it would be
our conclusion that RP would be the preferred first-stage propellant in a two-
stage vehicle.

The next comparison is the use of fluorine versus oxygen as the second-
stage oxidizer. (See fig. 3.)

Both vehicles use, in this case, RP. Lox/RP is the first-stage propellant.
The second stages are again recoverable. The vehicle on the right has a
fluorine/hydrogen second stage. The vehicle on the left has a lox/hydrogen
second stage. What we are trading off here is the higher specific impulse and
higher density of the fluorine at its higher cost. The fluorine vehicle is
smaller in length, somewhat smaller in diameter, and has an improved payload
ratio of 16.8 compared with 18.8. However, its cost effectiveness is not so
good, $91 per pound compared with $107, an(i $51-5 compared with $60.

These relationships we have also examined in other configurations and
these are characteristic.

Figure ^ shows a comparison of using forced deflection nozzles versus bell
nozzles in the second stage of a two-stage vehicle. The vehicle on the left
has two M-l engines in the second stage; the one on the right has two expansion



deflection engines in the second stage. The M-l has a chamber pressure of
500 psi whereas the expansion deflection engines have a chamber pressure of
3;000 psi and an expansion ratio of 150. The length of the ED vehicle is
322 feet compared with 332 feet for the M-l vehicle. The diameter is the same.
The payload ratio is improved for the vehicle on the right. The total cost
effectiveness is greatly improved, $102 compared with $110, as is the recurring
cost effectiveness, $58 versus $65- This improvement is due almost entirely to
the fact that the high area ratio was used with the 3jOOO-lb/sq in. chamber
pressure ED engines.

There is a secondary effect in that the vehicle itself is somewhat shorter
since the interstage adaptor is shorter. What we are seeing here is the effect
of the area ratio in the second stage.

We have examined the same comparison, a similar comparison in the first
stage and, assuming that we would have about 95 percent of ideal altitude com-
pensation with the forced deflection engine, there is very little performance
gain in the first-stage application. However, the forced deflection engine
would be much smaller and we would then still have an improvement in vehicle
size and facilities and so on.

Our conclusion here is that we would recommend forced deflection nozzles
in both stages. I should say that, although we made this comparison here with
expansion deflection engines, the same thing would hold true for any forced
deflection engine, plug, or other configuration.

Figure 5 shows some typical thrust vector control requirements for the
type of vehicles we have been considering. Shown here is the effective gimbal
angle and control moments for a number of vehicles. Vehicles B, E, F, and H
are cylindrical vehicles from the part I study. The vehicle represented on the
right is a class II two-stage vehicle with a high drag shape. The effective
gimbal angle for vehicle B is just a little greater than 2°. Shown here is the
increment added to this for engine-out. This happens to be a l6 F-l first-
stage configuration and was designed for engine-out.

Vehicle E has the solid first stage. The large increment here is due to
the staging increment. In this case the vehicle was parallel staged and this
results in a large gimbal angle requirement.

Vehicle H is a stage-and-a-half vehicle and shows the difference between
lox forward and lox aft on gimbal angle.

For vehicle 2-B-l, it is obvious that the gimbal angle is quite a sensi-
tive function of the nose radius. Each nose radius here has associated with it
a particular flare angle. The 120-foot nose radius would have a small flare
angle, the 60 foot would have a large flare angle. We have selected for design
in this case a nose flare angle of about 28°. We see that the gimbal angle
requirements for this vehicle are quite similar to those of the other vehicles.

From these comparisons we would conclude that both stages of the two-stage
vehicle should be reusable and that the first stage preferred propellant would
be lox/RP, the second stage lox/hydrogen, and that forced deflection nozzles



have a. significant payoff in both stages, the first stage because of the height
advantage and the second stage because of the advantage that comes from the
high area ratio with its high rise.
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3- RESULTS OF PROPULSION SYSTEM DESIGN

AND TRADE-OFF STUDIES

By Joseph Streetman

Nova Propulsion Group, General Dynamics/Astronautics
General Dynamics Corporation

The major portion of our Nova part II study effort has "been devoted to
trade-off studies in the area of advanced propulsion. We have had, in general,
two objectives in this trade-off study. The first was to identify the areas
of advantage or disadvantage for forced deflection engines compared with bell
engines. The second was to compare the various types of forced deflection
engines that we know of today with the objective of determining if possible the
most optimum type.

The first of these trade-off studies that I will discuss is a generalized
comparison of bell versus expansion deflection engines, a part of which Mr.
Wamser has already covered. When you compare expansion deflection (ED) engines
or forced deflection engines with bell engines you immediately discover two
quite obvious characteristics. (See fig. 1.)

First, the forced deflection engine is quite a bit shorter than the bell
engine at a given thrust and area ratio as can be seen in figure 1. The par-
ticular configuration of the forced deflection engine is about 50 percent of
the bell length. We can get much shorter length with some of the other forced
deflection engine configurations. Also given in figure 1 is one of the impor-
tant dimensional characteristics of the forced deflection engine, the
DP/DT ratio, in this case 3-5 to 1. This is the ratio of the diameter of the

plug engine if a plug is used or the center body if an expansion deflection
engine is used to the diameter of the equivalent bell engine of the same
thrust.

The next characteristic of the forced deflection engine is that it pre-
sents the possibility of altitude compensation. In figure 2 the delivered Igp

is plotted against altitude; the dashed line shows Igp for the bell engine at

the normal compromise area ratio e for a first-stage application, in this
case 35 to 1 for a 3>000-psi engine, and altitude compensations of 90, 95.» and
100 percent. The performance of the bell engines at low altitudes is consid-
erably better than for the 90- to 95-percent altitude compensation cases,
although these are somewhat lower than the 100-percent altitude compensating
engine. This might indicate that there is some sort of a crossover point below
which the bell engine may be the most desirable from the performance standpoint
and above which the forced deflection engine would be.

We have a somewhat clearer way of presenting these data. If we check
typical vehicle trajectories and obtain altitude versus time histories, and
plot specific impulse versus time rather than altitude, and if we integrate

11



these curves and obtain the integrated average Igp versus time, we come up

with the plot shown in figure 3-

In this figure the integrated average Igp is plotted against flight

time for a "bell engine at the compromise area ratio of 35- For the 90- and
95-percent altitude compensation cases, we see that the crossover points are
approximately 222 and 160 seconds, respectively. Times longer than these
would favor the forced deflection engine "because of a higher delivered average
ISP- Times shorter would favor the hell engines.

So with 90- or 95-percent compensation there would "be very little payoff
for the use of the forced deflection engine from a pure performance standpoint.
However, for the 100-percent altitude compensation case, there is quite an
advantage throughout the entire flight range.

We made a study to see what would happen if we did achieve 100-percent
altitude compensation, to see what the maximum possible payoff would be. The
results are shown in figure h. The ratio of gross weight to payload is plotted
against expansion ratio. In this case it is a lox/EP first stage of the two-
stage vehicle using 2,000-psi chamber pressure. We show the performance for
bell engines if 100-percent altitude compensation were achieved. As can be
seen, there is not much of a payoff. This payoff represents about 3-5 percent
out to the 100 area ratio. If a more practical compensation were assumed, the
payoff would be considerably less.

The characteristic of the forced deflection engine that makes for short
length, however, makes possible the use of a very high area ratio in the sec-
ond stage, as Mr. Wamser pointed out. We have used area ratios from UO to 150
in the vehicles we studied in part II. Over this range we found an improve-
ment in vehicle performance of about 10 percent, and a comparable, almost
equal, and in some cases greater, improvement in vehicle cost effectiveness.

So there is quite a payoff in the use of the forced deflection engine in
the second stage if good efficiency is achieved.

Figure 5 shows a comparison of the single large external diffusion engine
with a four-external-diffusion installation at the same total thrust. In this
case the thrust level is in the 30 million to 20 million pound class.

First we might compare the two single installations, one with a I>p/I>p

ratio of 10, which makes it quite large diameter, and the other with a low
Dp/Drj ratio of 3-5; which appears to be about optimum from the weight stand-
point. In the configuration on the right there is quite a bit of difficulty
in mating the engine to the vehicle structure, and quite a bit of extra length
required. Both of these features cut into the advantage of low engine weight
with low I>P/DT ratio.

12



The configuration having a Dp/Dr ratio of 10 has been selected for all

our detailed single-engine installation studies in part II.

Next we might compare the single ED installation with the four ED engine
configuration shown on the left in figure 5- First, there is a height advan-
tage over the single ED engine installation. The single-engine configuration
has a distributed load application to the vehicle rather than the point load
application that you get with the four-engine configuration. This normally
would make for some savings in vehicle structure weight. However., we also
note that with the cluster four configuration it is quite easy to build the
engine with the Dp/Dp ratio for low engine weight.

I might also discuss thrust vector control. If you look at the cluster
four configuration on the left in figure 5> you see that almost any of the
known schemes today can be used. Gimbaling appears to be about as applicable
as it would be for a bell engine.

Secondary fluid injection also looks okay. However, if you look at the
single ED configuration, gimbaling certainly doesn't appear applicable at least
in this DP/DT range. Secondary fluid injection doesn't look very good either.

In fact, the only thing that looks promising at all is throttling, either of
quadrant or modules, if modules were used in this configuration. And even here
we have very little experimental evidence as to how effective this would be.

Some of the data in this comparison are summarized in table I. Included
in the table are the thrust vector control types just discussed, and their
applicability.

With regard to engine weight, there appears to be about a ^CD-percent
penalty with the use of the single ED engine compared with the multiple, pri-
marily because of the Dp/Dr ratio advantage of the multiple installation.

The cost advantage for the single installation looks like about a 10-percent
improvement over the four performance, although you can get a higher expansion
ratio with the single ED installation because of more effective utilization of
the base area, the performance is the same.

To summarize this portion of the study, the single ED installation cer-
tainly looks better than the multiple installation and does have some instal-
lation advantages. But because of better flexibility, if the choice had to be
made at the moment, we would choose the cluster four configuration.

A comparison of the ED versus the plug engine is shown in figure 6. We
will do this on the basis of the single large ED engine versus the plug engine.

This comparison, between the ED and plug is quite difficult. It is one in
which there are a lot of really important questions for which at the moment we
have very few experimental answers. This discussion will be partly intuitive.

First, looking at the ED, in either the bell module configuration or the
toroidal combustion configuration, it appears that the expansion sections are
more or less protected from the effects of base flow, low base pressure, and
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so forth, which is not the case with the plug engine. In the right-hand fig--
ures it is apparent that we might get some significant performance losses
through overexpansion due to flow around the vehicle base as shown in the
flight case compared with static no-flow case. It appears that this loss
might be less with the bell cluster plug configuration than with the toroid
because you do control the expansion down to a fairly high area ratio.

Second, thrust vector control appears quite difficult in either configura-
tion compared with the cluster four ED engines. However, it looks like it
probably would be less of a problem with the plug configuration than with the
ED. For the plug configuration, it seems throttling or perhaps gimbaling of
the modules, if they are used, offer promise of success.

The efficiency we don't know at the moment. It is quite important, I
might point out. Here we refer primarily to high-altitude efficiency because
that is where most of the payoff would seem to be, and where uncertainties at
the moment might cost us the most performance, although low-altitude efficiency
is also important but to a lesser degree.

With regard to base heating with the two configurations, it appears that
the problem is probably less with the ED engine than with the plug engine
because at least up to a very high altitude the exhaust jets diverge rather
than converge as they do with the plug engine; with the plug engine, the
exhaust jets probably impinge and jet back up to the vehicle base, which prob-
ably would increase the base heating to a large degree.

The next comparison is of the type of combustion chambers to use (fig. 7)•
Two leading contenders today seem to be some version of the bell module and the
toroidal combustion chamber. In weight, we feel that there is a slight, though
not overwhelming advantage for the bell cluster. This we feel is probably
because, at least for engines having high Dp/Drji ratios which are appropriate

for plug and some versions of the single ED, the bell module is more efficient
volumetrically than the toroid would be, and there would probably be some
advantage in weight for the combustion chamber itself.

With the ED engine, the external expansion section has to withstand the
effects of the high-pressure hot jet directly from the toroidal combustion
chamber in a ratio of something like 2 to 1, around JOO psi. In the case of
the bell cluster, the pressure could be atmospheric or less, if desired.

In terms of controlled expansion, we have already indicated that the bell
module might have the advantage here because with base flow the area ratio is
controlled down to a fairly high value with the bell modules.

For thrust vector control, it appears that probably the problems are less
with the bell module than with the toroid, as mentioned earlier. The bell
modules might be either gimbaled or throttled.

As for efficiency, we don't know at the moment. On the one hand the
internal expansion portion of the bell cluster is as good as we know how to
make expansion sections today. However, the discontinuities you get due to
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the relatively small numbers of exits to the external expansion section might
cause some appreciable losses whereas with the toroidal system, the exit is
almost a continuous annular throat, which might make for system advantage for
the toroid.

With respect to flexibility, there is quite an advantage in the toroidal
combustion chamber. For one thing the area ratio that can be obtained is not
a function of the number of modules used as is the case with the bell cluster.
This means that you don't necessarily have to use a large number of engines.
You can select an engine size or a module size which is convenient and economi-
cal to develop, produce, and so forth, whereas with the bell cluster you are
more or less driven to a fairly large number of engines. This, of course,
means that engine-out capability is probably necessary with the bell cluster,
where it is not necessarily required with the toroidal system, depending on the
number of segments you choose to develop.

Figure 8 shows the plug-engine area-ratio amplification, that is, the
area ratio of the plug engine to the area ratio of the bell module used plotted
against the number of engines. It indicates that to get an appreciable ampli-
fication, a fairly large number of engines has to be used. It is only on the
order of 1.5 with 10 engines. To get good amplification you have to go out to
the 20 region or even higher, which is desirable in some of the larger vehicle
diameters.

Perhaps it would be well to summarize the plug versus ED engines and the
comparison of the bell module with the toroid system.

We pointed out that there are a lot of important key questions that would
affect the decision in either of these areas, which we believe require experi-
mental answers. Other factors include:

(1) Efficiency. Here we refer again primarily to high-altitude efficiency

(2) The effects of base flow and pressure need to be known

(5) Base heating

(k) Sensitivity to engine out in both configurations

(5) Side-force generation

(6) Thrust vector control, both in the types that are applicable and the
effectiveness and efficiency of the types

(7) Degree of altitude compensation that can be obtained with the various
types

Figure 9 shows a comparison of single versus multiple pumps for use with a
multichamber bell cluster plug engine. In this case there are 2*4- bell modules
clustered around a plug.
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In the configuration using multipumps, the pumps are designed with the
shortest possible structure that we can build. In the configuration with four
pumps, or with single pumps, they require quite a bit of additional structure.
This is of the order of 10 or 15 feet for the single-pump configuration, and
considerably less for the multiple-pump configuration.

Also we have shown all these configurations assuming the use of the
topping cycle which is the most efficient one we commonly talk about. However,
with the topping cycle a high pressure is required, at least one high-pressure
hot gas line between each pump package and the chambers. In the case of the
multichamber pump installation this is no particular problem. The lines can
be made quite short. However, with the single-pump configuration, the lines
are quite long. They radiate out from the pump package to the chambers. And
they are fairly complex because expansion joints would be required to avoid
heating in the base area. You would have to have quite a bit of insulation of
these lines. For this reason, we don't believe that the topping cycle would be
the best one to use with this configuration. We think the gas generator (GG)
cycle should be used with the loss in efficiency of something like 1.5 percent,
which means about 7 seconds in specific impulse.

For the four-pump configuration, the question is not quite so clear.
Probably there the GG cycle would be feasible and with the same loss you would
get with the single-pump configuration.

In weight, there appears to be a significant advantage for the multipump
configuration compared with the single pump, and somewhat lesser advantage, per-
haps none at all, for the multipump compared with the four-pump configuration.

Figure 10 shows the reliability and economic considerations associated
with these configurations. Engine reliability shows the advantages we can get
with pump-out if 16 pumps were used, and with two engines out at 32. Note
that the reliability is higher at J2 with a couple of modules out than it is
with the single-pump configuration.

This figure also shows an improvement in cost effectiveness with an
increase in the number of pump packages used. Actually, we drew a smooth curve
through the points for the single, the four, and the 32-pump configuration; we
realized later that in reality there should be some breaks in this curve. In
fact, there should be two curves, one for the use of the GG cycle which would
probably look something like the curve shown and one for the use of the topping
cycle which would go through the 32-pump configuration, and which also would
have a shape similar to this curve. There should be some breaks for
reliability.

To summarize, considering all the installations, weight advantages, plus
reliability and costs, the multipump configuration appears optimum.

The question of the optimum number of pumps to use in a multichamber plug
configuration leads logically to the more general question of the optimum num-
ber of engines for use in the Nova class vehicle.
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Figure 11 shows the reliability and cost data which we believe apply,
along with the assumed values for a, the probability that a good engine will
be shut down mistakenly and |3, the probability that a bad engine won't be
detected and shut down, which leads to catastrophic failure. The assumption
for a and |3 makes quite a difference in the engine-out reliabilities shown,
especially for the very large number of engines.

Figure 12 shows the rest of the cost data that we believe apply. The
first unit cost includes both the first and the second stage as do recurring
and total cost effectiveness. There is very little to choose from. The total-
cost-effectiveness curve is quite flat between k and about 2k engines, but
starts to increase quite rapidly at 2k. We don't consider it particularly
advisable to go beyond that point. In fact, this curve would probably increase
quite significantly at the single engine point. It seems that a good choice of
numbers of engines to use might be the maximum number that you could use with-
out requiring engine out, which is something of the order of five or six. Per-
haps the minimum number that is practical to use with only one engine out is on
the order of 12 or Ik engines.

The next trade-off that we will discuss is chamber pressure optimization.
Figure 13 shows vehicle size effects with chamber pressure. The vehicle on the
left has 1,000 psi in both first- and second-stage engines. It happens that
they are in ones; the second stage has an area ratio of kO. The vehicle on the
right has the same number of modules and plug clusters. Two of the modules are
used in the second stage with an area ratio of 100. Even with this configura-
tion there is quite an area ratio advantage for the use of high pressure in
second stage.

Notice the ratios of gross weight to payload for the two configurations,
about 19 versus about I.k, a significant advantage for the higher chamber pres-
sure. However, most of this is due to the second stage. Note also the lengths:
173 feet for the vehicle on the right versus 196 feet for the vehicle on the
left. The widths are, respectively, 135 feet and lU6 feet. These are signifi-
cant but not overwhelming advantages.

Figure 1^- shows the cost considerations and performances for the first
stage only, using lox/RP with an expansion ratio of kO, of four ED engines.
Performance, here shown as the inverse of the ratio of gross weight to payload,
increases by about 10 percent between 1,000 and 3,000 psi. However, the engine
cost increases at an even faster rate, so that the total vehicle cost increases
somewhat between 1,000 and 3,000 psi. However, this is only about 2 percent,
which is almost within the accuracy of the study, so we have had to look at
some more intangible considerations - less tangible than cost performance and
so forth.

In terms of engine size, there is a significant advantage in going from
1,000 to 2,000 psi, and some advantage in going from 2,000 to 3>000 psi, but
not nearly as much as the step from 1,000 to 2,000 psi.

In the study that we show here we assumed a constant allowance for chamber
cooling over the range. We believe that we were somewhat conservative at the
low pressure end and somewhat optimistic at higher pressures. A more detailed
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study probably would shift this curve somewhat more in favor of the low pres-
sure chamber end. We have some indication that you could get by just with
regenerative cooling, no fin cooling, up to 2,000 psi.

So considering all these things, we feel that 2,000 psi is the best com-
promise chamber pressure for this particular configuration.

Now we come to augmentation, which is quite important for Class III
vehicles. About the first thing we found when we began to study air augmenta-
tion some months ago was that there was very little data available for ejector
performance in which the primary is the high energy source. In fact we found
no data at all on performance when the primary was a lox/hydrogen rocket. For
this reason, we started a relatively simple test shown schematically in fig-
ure 15 a short time ago with General Dynamics funds. It is now supported by
NASA.

We use a lox/hydrogen rocket with a thrust of 120 pounds, chamber pressure
of ̂ -50, optimally expanded. We are using tubes of three different area ratios,
three different diameters, several lengths to get several different length-to-
diameter ratios. We are measuring the parameters shown in figure 15, the rocket
thrust, tube thrust, total pressure distribution at the tube exit, and static
pressure distribution along the tube wall.

We are now getting data and are in the process of reducing and evaluating
and so forth.

Figure 16 is a picture of the test setup. We have shown the rocket, tube,
instrumentation, and so forth.

Several times during the presentation we have mentioned the importance of
certain questions for which as yet there are no experimental answers. We
believe most of these answers should be obtained from the NASA Advanced
Technology Program. The more important of these and the ones that we believe
would be applicable for the Advanced Technology Program may be summarized as
follows:

(1) Nozzle efficiencies at high expansion ratios, primarily at high
altitude

(2) Efficiency loss with engine out for the various chamber configurations
and the various engine configurations possible

(j) Side-force generation or thrust vector control, type effectiveness,
and so forth

(I*-) Degree of altitude compensation, or low-altitude efficiency

(5) High-pressure technology in the areas of turbines, pumps, bearings,
chambers, chamber cooling, and so forth
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To conclude, we have covered quite a lot of territory. The more important
conclusions may be summarized as follows:

(1) Altitude compensation is not essential for two-stage vehicles. The
advantage for the forced deflection engines is primarily in installation,
vehicle height, and in the second stage, in the higher area ratios that can "be
obtained.

(2) The single ED engine has installation advantages, but the multiple
ED engine installation is the more flexible and at the moment we feel that
would be the optimum choice.

(3) There is no decisive advantage for either plug or ED engines that we
can see at the moment.

(k) The toroidal combustion chamber appears to be more flexible than the
bell module, but weight and performance comparisons are uncertain. More
answers are required.

(5) For the multichamber bell plug cluster, the multipump configuration
is optimum.

(6) At a given thrust, a small number of engines is preferable to a very
large number.

(7) For a lox/RP first-stage, 2,000-psi chamber pressure appears to be
the best compromise.
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TABLE I

SINGLE vs MULTIPLE E D ENGINES

TYC GiMBALING

TYCSFI

TVC THROTTLING

ENGINE WEIGHT
EXPANSION RATIO

COST

WT./PL RATIO

SINGLE

NO

NO

MAYBE

140%
NOT LIMITED

90% (1)

15.3

MULTIPLE

YES

YES

YES
100%

100*

100% (4)

15.3

* Pc = 3,000 PSIA MOUNTING DIAMETER = 70 FT.
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RKT.T. vs FORCED DEFLECTION ENGINES
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INTEGRATED AVERAGE ISP vs FLIGHT TIME
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TOROID vs BELL MODULES
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SINGLE vs MULTIPLE PUMPS
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Figure 9
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RKT.TARH.ITY & COST vs NUMBER OF ENGINES
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VEHICLE SIZE VS CHAMBER PRESSURE
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STATIC AIR AUGMENTATION TEST
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U. PROPULSION SYSTEMS RELATING TO CLASS II

AND CLASS III VEHICLES

By John Youngquist

Baltimore Division, Martin Company

We have classified our engines, our vehicles, in three classes, and
essentially these three classes are determined by the propulsion technology.
I would like to discuss the class II and class III vehicles and the propulsion
systems relating to them, with emphasis on the performance, trade-offs, control
requirements, and reliability. I would then like to begin discussing class III
by considering air augmentation.

By way of review, figure 1 shows our class I vehicles on the left which
were of one M-l and solid M-l and class II vehicles on the right. The third
vehicle from the left is a tandem vehicle. The fourth vehicle shown is a
single-stage vehicle. The last vehicle is a partial stage vehicle with engine
staging.

These vehicles are all characterized by advanced propulsion systems with
hydrogen and oxygen. Vehicles three and four from the left have a multiengine
plug arrangement and the vehicle on the right-hand side is a large advanced
altitude-compensated engine.

The thrust levels of the three class II vehicles, and we will be talking
more of this, are about 18 million psi, and the two class I vehicles each have
a thrust level of about 30 million psi.

Figure 2 shows in summary the cost effectiveness picture. We actually
developed a concept of the uncertainty of the cost effectiveness for each of
these vehicles. Although I won't dwell on this, the third vehicle from the
left is the single-stage vehicle. Second from left is the two-stage hydrogen
vehicle and the left-hand vehicle is a partial stage. These latter two
vehicles are in the range of $0.95 to $1.10 per pound cost effectiveness.
Note, however, that guess of cost spread for the single-stage vehicle is, as
expected because of its sensitivity, higher than that for the other two
class II vehicles.

Relative to the geometry compression, figure 3 shows a number of advanced
rocket engine configurations.

This goes from one extreme to another at a constant chamber pressure of
1,000 psi. An F-l chamber is shown at left. You can go through the various
ED and RF nozzles or conceive of, say, a ring nozzle (this is similar to the
Rocketdyne torus. You can even conceive finally of the maximum compression at
the same chamber pressure with the same total throat area with the same total
exit area, the thrust plate. Thus, in our advanced engines we are tending
toward rearranging the chamber geometry to get this maximum compression.
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Figure ^ shows the effect of increasing chamber pressure. Here, against
a constant diameter we are making an improvement in area ratio of about 2-5-
Unfortunately this is a log scale. It goes from about 1,000 to 3,000 at 2.5-
So these two effects are shrinking our power plant compartments and we hope to
achieve performance improvements here.

Figure 5 shows a classical portrayal of what we can achieve with area
ratio. This is for lox/hydrogen as against mixture ratio. The dashed line is
for chamber pressure of 1,000 psi, and the solid line is for JjOOO psi. We
see that the chamber .pressure per se is not responsible for performance;
rather, it is increasing the area ratio. So the importance of the geometry
compression is clear.

Figure 6 shows the effect of altitude compensation. The upper two curves
are at 3,000 psi. The lower two curves are at 1,000 psi. The dashed curve in
each case represents a nozzle that is designed for 3 million pounds of thrust
against an 80-foot-diameter vehicle, not to overexpand at sea level. It is a
bell nozzle. The solid line represents 100-percent augmentation at the two
chamber pressures. Against this given vehicle diameter we can get a higher
chamber pressure against a higher expansion ratio. Thus, at a given diameter,
we certainly can achieve more integrated total impulse with the higher chamber
pressure. Note the area that relates to the efficiency of altitude
compensation.

We have expressed this in a comparison in table I. What we have done here
is try to break apart the performance contributions that relate to altitude
compensation and mixture ratio change, again from hydrogen/oxygen vehicles. In
a two-stage vehicle - and we have expressed these by exchange ratios in effec-
tive specific impulse - you would add all these effects up and optimize the
vehicle; however, here the effects are separated so that we can understand the
problem a little better.

On a two-stage vehicle, the effective altitude compensation, including
the high altitude area ratio, results in about 7 seconds of specific impulse.
In a single stage, which has more sensitive performance relationships, it is
about 10 seconds.

The area between 100-percent augmentation and the nozzle that was designed
so that it wouldn't overexpand at sea level in each case has resulted in an
integrated average of about 1 second extra specific impulse. Changing the
mixture ratio, while we optimize our vehicles to any particular mixture ratio,
produces specific impulses of 6.5 to 7 seconds. Changing from 5 "to 7 we see a
5-second improvement - this is converting the weight to specific impulse - and
a second improvement on the single stage. If you did not have altitude com-
pensation but raised the chamber pressure from 1,000 to >̂,000, and changed the
mixture ratio from 5 "to 7j that effect alone gives these values.

We can conclude from this chart that what we are desirous of knowing about
altitude compensation is how it works and how we can best exploit the idea of
getting a high area ratio to get the full performance benefits.
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Figure 7 shows these benefits turned back into payload increase against
chamber pressure, where no compensation on a single-stage vehicle is compared
with no compensation and compensation on a two-stage vehicle. Again we can
conclude that for the two-stage vehicle the improvement with chamber pressure
is not very substantial. However, it is vital to the concept of a single-stage
vehicle.

Next, let us discuss control requirements, which are shown in table II.
Consider the bottom three configurations. The maximum 5 requirement is for
hydrogen/oxygen vehicles which we have configured with the lox load tank for-
ward. We are getting relatively low peak gimbal or peak thrust vector require-
ments. We think this offers an opportunity to look at new methods of control
beyond gimbaling, certainly secondary fluid injection, but also throttling.

Figure 8 shows a duty cycle which at 2°, the average is more like 1°, is
characteristic of these low length-to-diameter vehicles.

Figure 9 shows this requirement translated into secondary injection fluid
requirements. This particular vehicle is a two-stage hydrogen/oxygen vehicle
which has a propellant load of about 13-5 million pounds. We can see that the
total injection fluid is about 0.6 of 1 percent, which is quite economical. We
have also analyzed, however, the throttling requirements for these low thrust
vector requirements; figure 10 shows the level of throttling that is required
to satisfy the control requirements on the two-stage lox/hydrogen vehicle.
Essentially we are saying that we have about a ±15-percent control requirement,
if you can postulate working around a mean thrust. If you can say it is
100 percent down, the requirement then becomes about 100 percent to 70 percent,
which particularly in the advanced or high-pressure engines we think the
response rate that we need is about 5 percent thrust per second; we think this
is possible to achieve in these advanced engines.

There are some other advantages that we might accrue from throttling, if
we would accept it as an approach to controlling the vehicle. These advantages
may be summarized as follows:

(1) Low maximum acceleration
(2) Compensate thrust variations
(3) Control guidance capabilities

Shape thrust-time history

In the single-stage vehicle particularly we could use throttling to mini-
mize the cutoff burnout load factor. In turn, the low maximum acceleration we
anticipate would be very desirable for the space payloads that the Nova will
carry. In the event that we go to modular type thrust units, the throttling
can be used to compensate for variations or flight variations.

There are possibilities with guidance control systems, particularly for
rendezvousing approach near orbit or cutoff of the engines where the low thrust
capability looks interesting.

In turn, we feel that we can make some improvements relative to heating
and loading on the vehicles by shaping the trajectory using throttling.
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Figure 11 shows a composition of reliability budget for a two-stage hydro-
gen vehicle and a single-stage hydrogen vehicle. The goal we have selected for
the two-stage vehicle is 92 percent; the general goal we have selected is
90 percent or higher above the target for the Nova vehicles. The goal for the
single-stage vehicle is 96 percent. The breakdown shows a lower requirement
for the engine cluster of a two-stage vehicle than for a single-stage vehicle.
The two-stage vehicle has 18 module engines in the first stage and two engines
in the second stage. Most of this number, 0-975 compared with 0.992, is
related to the altitude start of the two upper-stage engines.

In similar fashion the number is lower in pressurization and feed, essen-
tially haLf the operating hardware. This is reflected also in the staging
which is included in all other systems which is the lower number than the
single stage.

Figure 12 shows the engine cluster reliability for different operating
concepts. We are postulating the previous numbers, engine out with no hold-
down; most vehicles flying now, except through the Saturn S-1A, are holddown
only. In this figure we see how the single engine out supports the reliability
of the multiclustered engine arrangements.

Let us look at the effect of single-engine module reliability shown in
figure 15. The two-stage vehicle has approximately 20 engines; the single-
stage vehicle has about 2̂ 4- engines. Thus the number of engines is significant
here. What is significant are the altitude start requirement and the holddown
and no altitude start in the single stage. The single-stage reliability, with
about a 99-engine individual module, is getting up to very respectable total
vehicle reliabilities.

Figure 1*4-, although somewhat misleading, is intended to present the
approximate thrust levels of all the 150K engines that the country has devel-
oped in this area, and show what we believe to be the reliability retention.
Actually, we see historically an improvement in time against the number of
engines flight tested. We can see that the S-1A essentially has a perfect
flight test record. If we include its ground test record we are, however,
ahead of any previous experience in this class engine module.

We feel that this demonstrates the effort that has gone into this class of
engine. We actually have Aerojet engines in here, too, but we are talking
about the entire industry technology, which demonstrates the improvement we
have seen over the years.

Figure 15 presents another look at the reliability situation wherein we
have taken the failure history data on three different engine programs (Pratt &
Whitney, Rocketdyne, and Aerojet). We have taken the failure history. Plotted
along the abscissa is the planned number of engine firings through PFRT. If we
had entered the history of all these engines at about ^00 firings, we would have
expected a spread like this. Thus, looking at the composite of the industry, at
any number of tests, we can see that certainly for a low number of tests through
PFRT would have a wide spread. It is our judgment that more than 1,000 tests,
where the curves flatten out, will give some certainty of what we require.
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This goes certainly into the modular versus large thrust engine development.
Also shown in the figure are the approximate prices for this kind of a PFET
program on a 6-million-pound engine. A half-billion-dollar program will sup-
port about 37° tests. A 6-million-pound-thrust module for a billion-dollar
development will mean about 750 tests.

There is one other point concerning the part the engine will play in the
recovery systems, and this is reuse. We think that the reuse and engine life
history are going to have to be developed on the engine we select. We, in
turn, feel that a substantial number of firings are also going to be required
to demonstrate the actual reuse capability or the engine lifetime for recover-
able vehicles. Therefore we conclude that we would prefer a module lower than
the 6 million pounds; we would prefer a module in the range of half a million
to up to 2 million pounds, depending on whether we are dealing with single-
stage or two-stage vehicles, somewhere in that range.

Figure 16 is a schematic drawing of the air augmentation system. RENE
means rocket engine nozzle ejector. We in the Martin Company have been looking
at air augmentation for several years. The principle, basically, is we are
introducing secondary air, mixing it with the rocket engine exhaust, extracting
its energy, transferring momentum, integrating the momentum or thrust on the
outer shroud. We are not postulating burning other than what the fuel-rich
gases may yield. So that in concept we have selected the simplest system which
we hope to be able to reduce to the lightest weight and not get into a relia-
bility problem right from the start.

Table III shows another aspect of this augmentation. The ducted rocket
experiments or analysis were made over a decade ago. The differences between
the approach we have taken in our ejector system are that the secondary air flow
to the propellant flow is in the region of, say, 2 to 5> and the ducted rocket
was in the region of 20 pounds air to 1 pound of rocket exhaust. In turn, our
test data to date have shown that we are getting supersonic exit velocities,
whereas the ducted rocket was essentially subsonic exit. We are utilizing a
divergent shroud for mixing, whereas the ducted rockets were essentially ana-
lyzed on constant-area basis.

Our test model is shown in figure 17- This test model was tested more
than 2 years ago. Test model design is in progress right now and tests will be
made in the near future. This model is shown installed in the Tullahoma Tunnel.
It was a 3>000-pound lox/RP engine. The tabs seen in the figure are vortex
generators and were one part of the test objectives.

Figure 18 shows some of the results of these early tests. Effectively
the problem, as expected, lies with the length of the ejector and thus the
efficiency of mixing. The test data shown here are for an augmentation factor.
The total thrust out of the augmenter and the rocket divided by the rocket
thrust gives the augmentation factor. In this figure the thrust ratio is
plotted against the secondary air flow divided by the rocket propellant flow,
the mass ratio.
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Ejectors having three different length-to-diameter (L/D) ratios have "been
tested, two with and without vortex generation. The nozzle ejector with
L/D = 1-75 has essentially little augmentation.

The vehicles we are concerned with incorporate L/D ratios of about 5 fo
a single engine; these data are for Mach 2 at ̂ 0,000 feet, and are corrected
for inlet momentum losses. We are getting an augmentation factor of about 1-5
to 50-percent improvement.

Figure 19 shows the variation caused by a change in ejector L/D ratio
with respect to the modular engine concept. Here there is a geometric trans-
formation of the single engine to multiple engines; the ring engine gives the
shortest ejector. It is clear that with modular engines we can shorten the
duct length.

Figure 20 shows the vehicle concept incorporating this augmenter; we call
this Renova. This is a hydrogen/lox vehicle. The rocket engine is plotted.
This configuration has 750-pound-thrust engines, with about 36 of these in the
ring. For a single engine, the L/D ratio through this augmentation system
is 5-

We are postulating the nose fairing over the payload and looking at the
improvement we can get in normal shock recovery with body compression.

Figure 21 gives an idea of how long the augmenter can reasonably work in
the atmosphere. This is a plot of altitude against time; we are operating the
augmenter nearly to 150,000 feet. Note that we have bent the trajectory so
that the maximum q. condition is about 1,700 psf. This is about twice the
usual value for rocket vehicles; the penalties for air loads were introduced
into the Renova vehicle.

The remainder of the trajectory past approximately 130,000 feet is all
rocket. We have postulated shutting down engines and utilizing the duct area
for high area ratio and high specific impulse after we have ceased using the
ejector.

Figure 22 shows a performance map of the ejector operation. This is a
plot of the specific impulse and thrust against altitude. We have used a
reference module having an area ratio of 300 to 1. (See fig. 22.) If it were
altitude compensated the area ratio would go from about 23 to 300. This would
be comparable, say, to all-rocket vehicle thrust starting at about 30 million
pounds.

After we lose static augmentation beyond a Mach number of 3-5, we then
are traversing lines of constant Mach number on the trajectory shown in
figure 21.

The peak specific impulse is of the order of about 850. Burning time
was about 100 seconds to approximately 130,000 feet.

Let's look at the performance effect on the Renova vehicle. Figure 23
shows the specific impulse plotted against burning time for the Renova and



the all-rocket single-stage vehicle. The basic reason that the vacuum portion
is a little higher for the Renova is that it does have a larger diameter and
larger "base. The effect is of an integrated specific impulse. Without going
into details, weight statements, and so forth, I will say that the weight of
the ejector is about balanced off by the gain in performance in the vehicles
that we have analyzed so far. We do see weight improvements in the ejector
system, both in inlet design and perhaps in additional burning. The ejector I
have just described is about paying for itself in a single-stage vehicle. How-
ever, we think that we have an improvement and that the air augmentation scheme
should be further pursued in an advanced technology program.

Figure 2^ compares the summary cost effectiveness of the Renova vehicle
against the single-stage and two-stage vehicles. In general, the Renova
vehicle requires more development. A varying refurbishing factor on the Renova
due to the acoustic and heating problem gives rise to the slant lines; we are
studying this now and have not settled on a number. Essentially Renova is
competitive with the single-stage vehicle as it stands. We feel that with
improvements we can extract more performance and bring the air augmentation
scheme ahead of the all-rocket single-stage vehicle.

Our conclusions may be summarized as follows:

We feel that high-chamber-pressure technology should be pursued. Our
reason for wanting high chamber pressure is to get high area ratio at high
altitude. High chamber pressure and high area ratio are vital to any concept
of the single-stage lox/hydrogen vehicle. Without technology in this area we
feel we can't contemplate single-stage configurations. The high chamber pres-
sure or the high area ratio is less of a requirement in the two-stage vehicle.

Relative to air augmentation we feel that the approach we have presented
should continue to be pursued and that investigations of inlet matching and
burning should be made to improve the performance of air augmentation.

We feel that, in addition to gimbaling or secondary injection, throttling
should be investigated both for vehicle control and for the benefits of low
load factor that we may require for payloads and certainly for single-stage
vehicles.

Relative to reuse and reliability, we have proposed utilizing a high num-
ber of modules in order to get a single module so that we can get a high number
of tests in the development program. This high number of tests can give us
very good data on reusability of engines.

Altitude compensation is a problem of how it works and that it will work,
and not so much its efficiency. We require it, however, to get high area
ratios at high altitude to get this performance. The actual efficiency contri-
bution in the atmosphere we believe is small.



TABLE I.- EQUIVALENT VALUES - LOX/LH2

ALTITUDE COMPENSATION UNO. £ CHANGE)

(OVEREXPANSION EFFECT)

MIXTURE RATIO (5 TO 7) STRUCTURAL ONLY

COMBUSTION CHAMBER PRESSURi •'1QGO TO 3GO(A II 10 SEC Isp
& MIXTURE RATIO V 5 TO 7 / ff

i SEC !,„

. ' •

TABLE II.- JET DEFLECTION REQUIREMENTS

IGURATION

• 1 0 E E

10 EE

10 EE

10 E

> 10 EE

STAGE 1
PROPELLANTS

LOX/RP-1

SOLID

LOX/LH2

LOX/LH2

LOX/LH2

STAGE 1
ENGINES

F-1A

SOLID

HP PLUG

HP PLUG

mm^m^mî mmm

L-6H

MAXIMUA
(DEC)

mmmm^̂ ^mm

3.97

2.92

2.14

2.29

••••••••••

1.25



TABLE III.- SYSTEM CHARACTERISTICS

I. MAX.WS/WP«4-

2. SUPERSONIC EXIT 2. SUBSONIC EXIT

3. DIVERGENT SHROUD 3* CONSTANT AREA
SHROUD
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5- SUMMARY DISCUSSION

MR. WILLIAMS: One additional point I want to make. As you have seen, we
have concentrated our discussion of Nova in the propulsion area on chemical
propulsion. Lest we be misunderstood, we are in our Nova studies considering
nuclear propulsion. Within the Nova studies that are underway at General
Dynamics and Martin, we are, however, excluding nuclear propulsion for, if you
will, orbital transportation, for hauling cargo to orbit and those missions
which originate or at least start from orbit.

For quite a few missions or configurations nuclear propulsion definitely
has tremendous applications. For space probes, where you would want very high
velocity increments, all configurations on which we are doing design or trade-
off work are configured so that they are sized to accept a nuclear third stage
of the heat-exchanger variety and hydrogen as a working fluid.

The man-Mars mission, the payload, the planning, and the programing of
this, is based on nuclear propulsion, at least for the manned landing activ-
ities; the vehicles that we have under consideration, are sized so that they
can carry the very low density hydrogen into orbit that might be needed for the
working fluid for nuclear-Mars ships leaving an orbit and going to or in the
vicinity of Mars.

So we do have nuclear propulsion included in our Nova studies. I might
also add in our past Nova studies, that is, vehicles after Nova, or at least
in a time frame after the Novas that we have under consideration, we are
looking at a little bit more ambitious application of nuclear propulsion. But
it is not only chemical propulsion that we have under consideration. I want
to make that point clear.

QUESTION: It wasn't obvious to me from the Martin paper why we should
pursue this air augmentation. A number of people, including myself, spent
quite a bit of time a decade ago looking at this thing. The results from the
Martin Company don't convince me that I should go back into this rocket busi-
ness. Would the Martin people like to comment on this?

MR. YOUNGQUIST: I hope I made myself clear that I wasn't making large
claims for it. I feel that relative to the technology propulsion program we
have in the country we can afford to take a better look at this. Relative to
the engine concepts we have today, which in effect are the geometric effects,
it looks like we might have the possibility of configuring a good augmentation
scheme. I believe there are some serious unknowns about the theory and how air
augmentation works. I think we should understand this. I am not making a
vehicle recommendation. What I am doing is making a technology recommendation
for more exploration in this area.

MR. WILLIAMS: Maybe I could make a comment along these lines. The Nova
studies have been going on now in-house and with smaller contracts than those
we have presently in progress for about 3 to k years. We initiated activities
which finally led to the present GD/A-Martin contracts a little over a year
ago. Then the task which was defined to Martin and GD/A was, basically, at

51



•• •••
' • •' • ..

--- . * • • • • • • , ...
least the one they "bid on when the request for proposals went out, that of a
preliminary design of an F-l/M-1 Nova which would provide the U.S. with the
capability of direct manned lunar landing and return. As evident from the
material just presented, we have gone a little bit past designing or defining
a system which would do just that job. We have gone through an evolution over
the last year. We are looking a little bit farther downstream time wise. We
are looking at greater advances in technology, if you will. In fact, during
the last k or 5 months, and probably for some months to come, we are going to
be looking at systems which are not conventional by any stretch of the imagina-
tion as we know rocket systems today. We want to make sure that we are not
overlooking any major advancements, not necessarily breakthroughs, in the area
of advanced space systems before we continue what we hope will be a narrowing-
down process ultimately leading to the definition of one Nova system.

So we feel at this time that air augmentation may hold certain promise and
deserves some investigation. Again, the degree I think is one of the subjects
to which we need to address ourselves.

MR. THOMPSON: At the present.time we have two studies going, one which is
a continuation of the Martin effort, in conjunction with the Air Force at
Edwards Air Force Base, which will be done at Tulahoma. Initial firings of
this configuration will be soon. It is a 12-engine module configuration,
annular, lox/KP, each having 500 pounds of thrust. The objective is to find
a minimum L/D to get sufficient augmentation.

The other study that we have is a technical study which was recently
awarded to The Boeing Company. In this study we are going to be delving into
the heart of the matter, mixing phenomena, in particular, to look at the vis-
cosity coefficients required to calculate adequate performance and other
aspects of it.

I think that perhaps Mr. Williams could qualify the degree of thought that
is being put on the single-stage orbit vehicle.

MR. WILLIAMS: We have, of course, looked at advanced systems. There are
certain definite advantages to a single-stage system, particularly when we talk
about reuse: the turnaround time, recovery operation, the logistics, the
development itself. One of the figures in the paper by Mr. Youngquist showed
the cast sensitivity. This I think can be derived back to the weight - how
well we can design, how much we can reduce mass fraction. The Igp sensi-

tivity must be taken into account, in case we cannot squeeze out of an engine,
an advance engine, all that we want. It is very sensitive. It is not quite,
but almost, too sensitive to put too much effort in at this time.

It is hoped that this air augmentation might be a way to minimize, if you
will, the sensitivity and get a steeper slope, at least as plotted on the curve
that was presented. Mr. Youngquist indicated that right now the air augmenta-
tion seems to be carrying its own weight, but that is about all. Maybe with
certain new applications or modifications, we might be able to improve this.
We feel that before we throw it out once and forever, a certain amount of
investigation needs to go into it. In propellants, for example, we have
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looked at fluorines, at storables, a*t? quite a few things. We want to continue
this narrowing-down process but we do not want to overlook any promising ele-
ments that we might integrate into Nova.

MR. PAUL: I am wondering whether the two-stage contractors have looked
at the problem of sloshing, the suppressions of force, because the diameters of
our tanks are increasing up to around 80 or 100 feet. I am wondering whether
the stationary and tie-slosh baffles are still a good thing to use, or whether
the weight might increase excessively.

MR. WILLIAMS: This has been taken in consideration - we hope adequately.
The weights, the cost, the performance, and so forth, have "been quoted on the
basis of an attempt to assess the slosh problem in the control, as well as the
structural loads, moments, and so forth.

MR. KALITTNSKY: We have attempted to take slosh into account in some of
these large-diameter vehicles as well as some of the odd shapes. I must say
that it requires a good deal more analysis and some testing before we can be
quite sure. All we can do now is simply make an estimate, a guess, as to what
it is.

MR. WILLIAMS: We have attempted to put in penalties, if you will, from a
weight standpoint, for slosh suppression. What precisely this weight looks
like, whether it is mesh, ping pong balls, or what have you, we aren't quite
certain. We feel we have penalized the system sufficiently to solve this prob-
lem once we arrive at what the best solution is.

MR. YOUNGQUIST: More particularly, we have looked at the multicell versus
single-cell tanks, multicell tanks being orange-peel configurations which in
effect might be installed baffles as compared with cylindrical tanks or ellip-
soidal tanks which have ring baffles around the inner surface. I think what
we have looked at, and it depends on the type of control system you use, can
solve the problem in any given case. As a matter of fact, the solutions, even
though diverse approaches on how you install baffling, still seem to be a toss
up. We think we can handle the slosh problem.

MR. CONNORS: In talking about some of the advanced nozzles we seem to
overlook the fact that we are going to require venting for ED-HFO nozzles.
This will be an important consideration in the structural concept of the
vehicle.

I think also that probably in the Nova study it might have been well to
have done differently and included a freedom in configuring the vehicle, per-
haps using the advanced nozzle concept with current engine cooling technology -
F-l/M-1 engines configured to fit into a conventional nozzle. This would have
solved the base heating problem as well as the altitude compensation.

MR. KALITINSKY: We have looked specifically at M-l as a module and we are
also looking at F-l as a module. There are considerable gains to be obtained
from high chamber pressures. Since the present studies are examining the
avenues which will provide the greatest economic pay-off, we have to keep
showing the gains that can be achieved by going to higher chamber pressures.
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COMMENT: High chamber pressured'Are* vay down the street.

MR. WILLIAMS: Nova, maybe. This is, if you will, the dilemma that we
are in.

COMMENT: The figure used at the recent Lewis conference showed a cost of
three categories of vehicles on some time scale. Class II was a number of
years downstream of Class I.

MR. WILLIAMS: If you allow the advanced nozzle to fit into the same time
bracket as category 1, I think you may have picked up a significant gain. Also
some evaluation of what the heat shield requirements would be when you are
talking about clustering l6, l8, 20 engines should be made.

For the sake of those who didn't participate in the Lewis conference per-
haps these classes, as we have called them, should be clarified. Class I are
state-of-the-art vehicles. Class I vehicles utilize existing or in-development
elements of systems as basically they are designed or planned at this time.
Class I, we feel, could be available were a decision made in the next year or
two to pursue such a program into the early 1970 time period, that is, opera-
tionally available through a flight development program by, say, probably not
earlier than 1973, maybe 1971)-.

The Class II vehicles are typified by most of the material previously
presented. We feel it provides us time for certain advancements in the state
of the art of propulsion as well as structures, control, and so forth, and
would be vehicles that would be available in, say, the 197̂  through 1978 time
period.

Class III vehicles are very advanced, with quite sophisticated air augmen-
tation and would fall in the late 1970 or early 1980 time period. Air augmen-
tation falls into that category.

In the Class I, we feel that somewhere in the order of about $5 billion to
$6 billion will be required to get through a developmental program and get
supplies in the pipeline for an operational program. One has to then go back
and see at what rate this $5 billion to $6 billion can be accumulated.

Knowing as we do the budget situation, we are not going to accumulate
much in the next 2 to perhaps 6 years. So this doesn't give us much leeway
and adaptation of current hardware or planned hardware. It does, however,
give us some.

We have looked at the adaptation of F-l's and M-l's which definitely will
cost us money, will require certain feasibility demonstrations, and at the
somewhat elaborate development program over and above the elements themselves,
the F-l or up-rated F-l as we have used, or M-l's, or a rubberized M-l, to see
how we might modify these basic elements into a more sophisticated or exotic
system. This we felt from a timing standpoint primarily, and timing in that
the requirement to accumulate the money or wealth of resources to do this,
really pushed it into a class II time period, and hence we compared the system
with those other systems which could also be available at that time.



To us class I is something that we can start on, maybe not today but in
the very near future with a very positive definition or set of milestones to
advance toward. No particular proof of feasibility would be required to pursue
either of the Class I systems.

QUESTION: Would someone comment on the venting of the expansion deflec-
tion nozzles?

MR. STKEETMAN: This is something I meant to point out in the presenta-
tion but did not. We believe bleeding or venting of the center body on the ED
would seem to be required. It seems to be indicated by all the available test
data. However, we have not seen any definite data pro or con on the plugs. We
really can't make any firm statements about that.

MR. GILMORE: There is very little test data available on the plug nozzle
which we have spent more time on than the ED nozzle. However, as far as we
can determine, there should not be any venting requirement. This still has to
be verified by real test data, however.

MR. WILLIAMS: You are speaking specifically of the plug?

MR. GILMORE: Just of the plug. The ED nozzle, as far as we are concerned,
will require venting of some kind.

MR. DE MARS: I believe we are presently funding a study to give us the
answers which will back up Mr. Gilmore's statement regarding venting to the
base plug nozzle. On the ED, I think we can be fairly well assured that we
have to have some type of venting. Whether it be air venting or turbine exhaust
gas supplied from the gas generator or tapoff system is still in question. But
I do think we have to have some kind of air replenishment.

MR. THOMPSON: We all agree that venting is required on ED. What would be
the best type of venting to accomplish the highest percent of base pressure
recovery?

MR. CONKERS: I will touch on this in my paper. I think the requirement
is that you provide a near ambient pressure environment at the point where you
start the external deflection. The question is how you choose to do this;
there can be a lot of flexibility. You can do it with a hot gas as long as you
achieve the near ambient pressure environment. But this is what will control
the off-design expansion in the performance of the nozzle. I think it is a
significant structural problem and you can't just say, "Yes, we will vent." It
seems to me that it has to be an integral part of the design. You have to
account for it. If you vent to the external screen, you have to provide scoops,
and you have to provide the structural components. If you use hot gas, also
structural problems exist as to how you are going to duct it out, how you are
going to cool it.

All I am pointing out is that in any superficial treatment of the propul-
sion system we should look at the whole picture and look at the details of how
we would propose to vent it. I think when we run comparisons, too, with the
existing technology, we ought to look and try to assess what will be required
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in the way of a base heat shield. This, -coo, is a performance loss if we have
to go to heavy weights. So there are many components to the argument for
advanced nozzles. Performance is only one of them. Base heating, development,
the whole gamut, we have to go into these.

MR. WILLIAMS: I think one of the considerations, in the GD/A work and the
selection of RP and the expansion ratio, was to minimize this particular
problem.

MR. KALITINSKY: That is correct.

MR. SLOOP: Many questions have been raised here which we hope will be
covered further in our discussions. One that wasn't mentioned was the question
of RP versus oxygen, which I am quite interested in; this question has many
facets. We have a lot of experience with RP; on the other hand it would be
very desirable if we could use hydrogen. There are the questions of single
pump versus multiple types of thrust chamber and nozzle, the configuration,
including air augmentation.
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6. INTRODUCTION

By Hermann K. Weidner

Marshall Space Flight Center, NASA

The vehicles considered by Martin and GD/A were discussed in session I.
They all look different from what we have been used to in the past, and I think
some comments as to this classification, class I, II, and III, shed some light
on that. We are addressing ourselves more toward the class II and class III,
namely, for the purpose of searching our minds - what we should do today in
preparation for things to come.

Nova certainly will be a vehicle much more powerful and larger than the
present Saturn, and also, I think, should be more advanced in its technology.
It should be more sophisticated and make use of things which we don't dare to
use today, where we don't have all the knowledge.

One area apparently becomes very obvious, and that is that, as you look at
the layouts, you do not necessarily recognize the engine any more in the classi-
cal sense as some package which you can treat separately; it has to become an
integral part more and more of the overall vehicle.

This is more true, I think, with the more advanced sophisticated concepts
where we try to apply all sorts of tricks to increase our efficiency, whether
this is air augmentation or whether this is compensating nozzles. All these
things require a close-knit working team between the stage or the vehicular
people and the propulsion or engine people.

In keeping with this, we have asked all the contractors to be present to
give them a chance to be exposed as much and often as possible to our common
problems and thoughts, to teach them, and to show them that we somehow must work
much closer together in the future than we have in the past.

We have asked the three engine contractors who have spent considerable
time in studying advanced engine systems of the kind we are interested in and
have had large groups of people working on these areas to give their present
thinking and their present status of thoughts on how they think the engine sys-
tem should look in the environment of these vehicles.

We have basically asked them two questions.

(1) Which propulsion concepts would they recommend to be most applicable
to our purpose from the vehicular view point and from the engine system view
point?

(2) How would we go about developing these? As these engines become larger
and larger, the economics of development is something which is of paramount
importance. From past experience, we know that hundreds and hundreds of engine
development tests will have to be performed during the development phase of the
program. As we come to these larger vehicles, possibly 20 million pounds, the
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propellant cost alone, to run a minute, is staggering,
order of half a million dollars.

It is something of the

We have to find approaches to build these units, possibly by sectional-
izing or a modular approach, or whatever the answer, to get to know our hard-
ware so that as many of the developmental problems can be solved on as small
units as possible.



7. INTEGRATION OF ENGINE AND VEHICLE

By Don M. DeMars

Marshall Space Flight Center, NASA

I would in this presentation like to emphasize the importance of recog-
nizing the environment around an engine system. In doing this, I feel we can
"better come up with an optimum system.

In the past, the question was asked, "Can we "build a specific engine?" We
met the challenge and we then built it. Later on we would worry about the
vehicle meeting its payload requirements. We progressed a little further and
investigated the impact the vehicle has on the engine system. Now, I feel that
we should progress still further and consider a few other areas.

Figure 1 shows the specific areas which I would like to discuss. They have
been categorized into eight areas: Engine systems is the core, and branching
out from it are the other influential areas: Facility Considerations, Ground
Support Equipment, Vehicle Requirements, Development and Test Operations,
Funding Restrictions, Launch Operations, Mission Requirements, and Technology
Potentials.

First, let us discuss Facility Considerations and a few points which I
feel should be used as "food for thought" for the following engine presenta-
tions. The points listed in figure 2 are by no means all the points which can
be made under facility considerations. However, these are some of the main
ones.

(1) Hardware. From the facilities standpoint, small, easily transported
hardware is desirable. Dollars per development test will be much less on a
smaller system. Hardware size also affects the engine system and has an impact
on the vehicle requirements. The vehicle has to have a high reliability. Many
small propulsion modules supposedly degrade the vehicle reliability. This can
be prevented by accomplishing a sufficient amount of testing to increase the
module reliability significantly or have provisions for engine out in the pro-
pulsion system.

(2) Vehicle Simulation. We should build an engine system which would be
capable of being tested on a facility that would very nearly simulate the
vehicle so that we can eliminate a lot of our vehicle-engine problems early or
during the engine system development program. This will reduce the problems
which might appear later on during vehicle system testing.

(3) Acoustics. The acoustics area which is a minor point, basically influ-
ences land acquisition and test stand orientation.

(k) Methods of Testing. On these new systems being proposed, the methods
of testing may not be similar to the previous testing method of engine systems.
I believe that Rocketdyne, in one of the following presentations, will indicate
that they have done some research in this area. They show how they can use a
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segmented ED nozzle as a deflector and how they can best eliminate facility
hardware costs and put their money into engine hardware, thus realizing bene-
fits in two areas.

Aspects of ground support equipment are listed in figure 3-

(1) Transporation and Handling. Engine size also has an impact on the
ground support equipment as well as on facilities. We will have to handle these
systems and transport them. Should they be large and require special convey-
ance; or of a size readily transportable on highways? These points must be
considered.

(2) Engine System and GSE Program Phasing. An engine system can be built
and the GSE can then be added. Maybe we should consider and investigate the
impact of building the GSE in a parallel program or effort, so that we can
determine the GSE requirements and attempt to phase them in with the engine
system.

(3) Maintainability and Accessibility. The mission requirements would
probably emphasize reuse. In emphasizing reuse we will have to maintain these
engine systems and we will have to have accessibility to seals and the short-
life items of the systems. When we consider development of a new engine system
we will have to consider this point, and should also investigate the one of
standardization. Why can't we build engine systems today on which we could
replace a gas generator or turbine and not have to recalibrate the engine? -
similar to a carburetor replacement on an automobile.

Figure U details vehicle requirements. These requirements were discussed
fully in the previous papers on Nova; therefore I won't elaborate too much on
these.

(1) Performance. Performance can essentially be brought about by high
chamber pressure. You then return to the engine system and determine the
effect high Pc has on the technology potential from the standpoint of whether

this Pc level is realistic. Can we achieve altitude compensation to give the

required performance? All I am emphasizing here is that every point which may
be favorable from one standpoint has an impact on the engine system which, in
turn, has an impact on the other areas shown. To determine the impact of one
system on anything there must be an optimization study or study effort.

(2) Engine Installation. Here again the desire is to reduce the hardware
weight, such as in our thrust distribution structure between interface and
engine. Many modules appear to be most favorable in distributing the thrust to
the skin of the vehicle where we want it - whereas in one single module propul-
sion system a heavy conical thrust structure will be required.

(3) Reliability. I believe this point was sufficiently emphasized in the
vehicle study presentations.

Some of the points to consider in development and test operations are given
in figure 5-
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(1) Contracting Methods. In the past when we released a contract for an
engine system it basically went to one contractor. Is this the right way to go?
Should we go out with different contracting methods. Since this will probably
be one of the most expensive engine system programs undertaken thus far, maybe
we should break the system into subsystems and have one contractor develop the
hydrogen pump, another contractor develop the oxidizer pump, thereby making
these systems independent of each other, and yet coming up with an optimum pro-
pulsion system utilizing the capability in each of the contractors to its
fullest extent. Possibly another contractor would develop the nozzle and the
associated combustion devices. This is an attempt to make the engine subsystems
independent of each other, and yet maintain an influence on the system design.

(2) Component/System Testing. With the new high pressure systems under
consideration the development of a high Pc thrust chamber may present a prob-
lem. By this I mean we are going to have to supply propellants under pressure
to these chambers and nozzles for development testing and evaluation. To pres-
surize the propellants in the tanks and pressurized systems which feed the
thrust chambers will be very expensive. Why not put this money into engine
hardware and develop a flight configuration, not necessarily flight weight,
iron horse pumping system and utilize this for your source of feed for thrust
chamber testing? This approach may result in a lower overall cost and will
develop thrust chamber performance data more applicable to the final design,
along with supplying lucrative pumping data.

(3) Producible Hardware. This may also be a minor point, but worthwhile
to mention. We would like to avoid long lead items during the predevelopment
of an engine system so that if a large injector is damaged, it could be replaced
without a significant delay. The materials for this hardware must also be
available to prevent any program delays. Hardware would have an impact on size
optimization.

Funding restrictions are shown in figure 6.

(1) Realistic Costing. Here we enter into the subject of overrun. This is
always a touchy subject. I don't think it is the fault of anybody. The problem
is insufficient research at the time of contract initiation. If we could have
these engine contractors or NASA thoroughly evaluate this area from the various
standpoints, we could come up with a more realistic figure on these programs
and be able to quote these figures with a higher confidence level. This would
benefit the overall program.

(2) Cost Schedule. This is an important area of some engine systems. You
might have a peak requirement for money during the first phase of the program
or you might have it at the latter phase. We should look at this more and
attempt to obtain a mean curve so that we could grow with the economic curve of
the NASA budget. This does not necessarily apply to engine systems only, but
to the overall vehicle program. Maybe we should maintain a nice slope on the
funding curve and program this into our overall mission.

Points to consider as far as launch operations are concerned are listed in
figure 7- Martin-Denver is doing a study on launch and facility operations.
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They have some input with reference to tne vehicle and engine system. But a
more detailed applicable analysis should "be done on the engine system.

(1) Automatic Checkout. On the larger systems we would like to have remote
automatic checkout. Work in this area would give us experience and background
which could possibly help us to achieve orbital rendezvous checkout. If we can
demonstrate methods of automatic checkout on the launch pad we can also apply
these techniques to lunar bases and future space areas.

(2) Transient Characteristics. From an operations standpoint the launch
personnel will have to push the button and hopefully the system will ignite,
reach mainstage successfully, complete the holddown requirements and lift off
with no more than 3 to k seconds of main stage propellants consumed. If we
could have transient conditions, such as throttling, incorporated into the
system, the engines could idle at 5 "to 10 percent thrust for a few seconds.
This would be time to assure that all operations are going fine; throttle could
then be pushed and lift off would occur with possibly only 1 or 2 seconds of
main stage propellants burned. This is a new approach. Maybe we are saving
some propellants and maybe we are not, but from a safety standpoint it might be
easier to shut down an engine at 10 percent thrust than full thrust. That still
has to be investigated.

(j) Fail-Safe Conditions. Here again some effort has been put into this
area but I think there should be more. When your automobile engine fails, you
don't worry about getting you and your family out of the car safely. Why can't
we feel the same way with large rocket engine systems? The point is this:
when a failure occurs have a system that will shut itself down and eliminate the
possibility of a catastrophic failure. This point is especially important when
an astronaut is aboard.

Mission requirements, figure 8, were covered fairly well in the previous
presentation.

(1) Schedule. We would like to assure ourselves of a realistic availabil-
ity date for the engine system. If we are talking about 1975 to 1980, should
we not start now to schedule programs and do work and technology to give us
background prior to going into a development program? Most of the previous
programs have been pressed by schedules. Maybe we should take a better look
at today's proposed scheduling. Dollars spent today may yield more information
than the same dollars spent under a tight schedule.

(2) Reusability. I mentioned before that we should have long engine life.
Maybe we should concentrate more on eliminating failures during transition
rather than during main stage. The firing or running time of the present sys-
tems appears to be about 120 seconds. Most failures in the past have occurred
during ignition, transition, and shutdown. Maybe we should do a lot more work
in the area of refining the reliability during these phases of operation.

(3) Logistics. We should know when we need the engines and how many we
need. If recovery doesn't seem feasible, we would probably need many engines
so we would want our production costs to be low relative to our development cost
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and vice versa if recovery is practical. This has an effect on an engine sys-
tem in its entirety.

Some of the points under technology potentials are given in figure 9- We
want to know how far out we can go from the technology standpoint before we
even begin an engine system program.

(1) Chamber Pressure. Chamber pressure puts quite a strain on facility
considerations, GSE, launch operations, and so forth. We would like to know if
we can meet these demands.

(2) Cycles. Have we really evaluated the cycles thoroughly enough to know
what is the optimum cycle? There are various types of cycles being proposed.
They are gas generator, topping, lower topping, stage combustion, and various
others. These cycles have quite an influence on the final system.

(3) Altitude Compensation Methods. This is another technology area which
has an impact on the vehicle system. Any further comments would be reempha-
sizing comments already made.

Materials. We would like to utilize the full potential of the mate-
rials available now. Should the state of the art of materials increase, we
would like the system to incorporate these materials and use them to the best
advantage, thus resulting in a performance or functional improvement.

All of the previous points should be considered in looking at the systems
that will be proposed and presented. There are two questions that must be
answered prior to starting an engine development program: the first being can
we build the system and the second, how should it be built?
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8. ADVANCED ENGINE SYSTEMS

By R. C. Stiff

Aerojet-General Corporation
The General Tire & Rubber Company

The evolution in propulsion systems as we now see it is shown in figure 1.
The M-l engine will be available in about the 1967 to 1968 time period and will
produce 1.5-miHion pounds of thrust. I might say that the M-l is adaptable,
or can be slightly modified, to use a forced-deflection-type nozzle. Consider-
ably higher performance will result (approximately Uj5 seconds of specific
impulse). The advanced engine, which is the main concern of these discussions,
is shown in figure 1. Note that the specific impulse has increased from 4 JO
to ^50 seconds at altitude. In the 1978 to 1979 time period, ducted rockets
are shown adapted with the engine itself. A winged vehicle also using the
advanced ducted rocket concept is shown in the 1980 time period.

Figure 2 shows a configuration of the advanced engine. The sea-level
specific impulse is J83 seconds, whereas the vacuum specific impulse is ̂ 50 sec-
onds. This engine will operate at a 2,500-psia thrust chamber pressure. It
uses a staged-combustion cycle which I will discuss subsequently. It also
incorporates a forced-deflection nozzle for altitude compensation.

We are operating at the optimum mixture ratio of 6.0. This is not neces-
sarily the optimum mixture ratio of the engine, but it is the optimum mixture
ratio of the stage itself. One of the salient features of the engine is the
single integrated pump, around which is clustered primary and secondary combus-
tors. There are 12 primary combustors (gas generators) and secondary combustors
(main thrust chambers) clustered around a single centrally located pumping sys-
tem which feeds into a single nozzle skirt. The thrust vector control is
obtained by secondary injection. The figure also shows the forced-deflection
nozzle.

For the purpose of this study we have chosen 2^-million pounds of thrust,
which about fits the Nova application. In addition to that, we have selected a
tank diameter of 80 feet. It is quite important that we have a tank diameter
in order to size the nozzle.

Figure 3 shows staged-combustion and gas generator engine cycles. The gas
generator drives the turbine and the turbine gas is discharged overboard. The
turbine drive fluid is not completely combusted before being exhausted from the
engine; thus, potential thrust is lost. You can gain back some of this energy,
but a good part of it is lost.

In the staged combustion cycle shown on the left the fuel pump and the
oxidizer pump are placed as indicated. Part of the fuel from the pump goes
through the combustion chamber to cool it. A major part of it flows into the
primary combustor. Oxidizer is injected with the full flow to give a gas
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temperature in the primary combustor from 1,000° to 1,600U F. All of this gas
drives the pump; the gas is discharged into the combustion chamber and burned
at an optimum mixture ratio. Therefore, the energy that is normally lost from
the gas generator cycle is gained in the staged-combustion cycle.

Figure k is an artist's sketch of the advanced engine. We see that the
pumps are located with one pump on top and one pump on the bottom. One pump
feeds one propellant and the other pump feeds the other propellant into the pri-
mary combustors. The gas is then discharged through the turbine to drive the
pumps. The gas is then collected in a common manifold and discharged into the
secondary combustors.

The figure shows the secondary combustors and the forced-deflection nozzle
extension. The complete system is not shown. At the top is shown the tank
bottom itself, with the upper pump located in the tank.

A modular engine can be used with a plug or forced-deflection system. Such
a configuration is shown in figure 5- About a 2-million-pound thrust module
fits the forced-deflection size in which we would cluster 12 to lU modules in a
forced-deflection nozzle.

If the plug nozzle is used, since it has a larger diameter, the thrust
rating would be somewhat lower, but you would need a few more engines. The
configuration shown uses l6 engines. The oxidizer pump uses a separately
driven inducer, either hydraulically or mechanically driven. The nozzle con-
figuration can be seen on the right.

The installation is shown in figure 6. The specific impulse we have
already discussed. In regards to the weight, the 312,000 pounds 'includes the
thrust structure; it is determined on the basis of wet weight, including the
frames, lines, and the propellants in the lines. So, it is the complete weight
as attached to the missile tank itself. PFRT is 1970; qualification is 1973-
Note that the area ratio is determined by the tank diameter. This one has an
area ratio of 120.

The modular concept is shown in figure 7- We have in this configuration
12 clustered modules. The area ratio in this case is 100, and it is based upon
the fact that the throat area is larger on this configuration than it was on
the previous one because spare modules are used to obtain high reliability.
The wet weight is ̂ 23jOOO pounds. Note that the specific impulses are somewhat
lower on this configuration, with a vacuum ISp of UU8 seconds. This is

because there is a lower nozzle area ratio. Again, development time period is
about the same.

The plug nozzle configuration for the modular engine system is shown in
figure 8.

Figure 9 shows five 6-million-pound-thrust engines clustered, one engine
is a spare for engine-out. On the module-clustered engines (either the plug or
the forced-deflection nozzle), in order to maintain the same reliability as
with a single pump configuration, you have to have engine-out capability.
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Therefore, you carry more engines than* you *actual*L*y have to have. We are
talking about PFRT in 1970, quality testing in 1972. Note that the vacuum spe-
cific impulse is M4-8 seconds on this configuration.

There is much work being done in the area of higher performing engines, at
least in the study phases, of ducted rockets, concepts of which are shown in
figure 10. We think that if we are going to have high performance engines,
single-stage-to-orbit, rendezvous, winged vehicles, and so forth, we should
start advance technology work today, so that these engines will be available in
the 1978 to 1980 or 1982 time period.

On the left is a fixed geometry duct, which is the simplest configuration.
The rocket engines are clustered around the tank in this configuration. There
is very little known as to actual performance of this engine in operation.

On the right is a variable geometry duct, with the rocket engines located
around the tank. The intakes are different in this configuration from those in
the fixed-geometry configuration. The variable-geometry configuration has a
supersonic combustor and the fixed-geometry configuration has a subsonic com-
bustor. When about Mach 8 is reached, the rocket engines are tilted over. The
system now is a pure rocket with a forced-deflection-type nozzle. In this con-
figuration we have a very large area ratio, in the neighborhood of 750.

As a further advance in this concept, and especially for winged vehicles,
an improvement is obtained by the use of an air turborocket, figure 11. This
engine has a precooler which is cooled by hydrogen. It cools the air down to
near its saturation point. It is then compressed with a compressor; a higher
compression ratio is obtainable with this system.

Note that an effective Igp of approximately 770 seconds is achievable

with this configuration. When about Mach 5 is reached, supersonic combustors
on the wings are put into operation, which increases the pressure to get addi-
tional performance. A performance of approximately 850 seconds can be obtained.
This is really an advanced type of engine. Again, I stress, we should be doing
advanced technology work now.

Various nozzles, the conventional Delaval (C-D), plug, and forced-
deflection nozzles, are compared in figure 12. The plot shows actual test data
that have been run by Aerojet. The dash-dot curve shows the standard Delaval
nozzle. The shaded area is for the forced-deflection nozzle. The heavy solid
line is the 50-percent isentropic plug nozzle, and the dashed line is the zero-
length plug nozzle.

All three configurations were at one area ratio. In actuality, you can't
have the same area ratio because the diameters of the plug and forced-deflection
nozzles are measured from different points. Thus, within a given envelope,
forced deflection, because of its larger diameter, gives a higher area ratio
and therefore higher performance.

Some comparisons with the Delaval engine are shown in figure 1J for a
first-stage application. Vacuum specific impulse is given as a function of
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chamber pressure. Note that for the Delaval engine we have optimized the
nozzle for its trajectory not just for altitude.

At a chamber pressure of 1,000 psia, which is about the conventional
design today, we have a nozzle area ratio of 20. Vacuum specific impulse would
be about ^13 seconds. The solid line is for the staged-combustion cycle, and
the dot-dash line is for the standard gas generator cycle.

It can be compared with the forced-deflection system. Our design point
here with an area ratio of 120 would just fit the 120-foot diameter. As far as
engine weight is concerned, a 20-percent weight reduction for the single-pump
forced-deflection system over the conventional system is possible. Payload can
be increased by 80 percent because of a lower weight and higher specific
impulse.

Several hydrogen pump concepts are shown in figure 1^. In the first con-
cept a configuration with 20 stages is shown. The first eight stages of this
configuration are identical to the M-l system. The second is the M-l configu-
ration (an eight-stage axial-flow pump), and we have added to it a centrifugal
stage to get the required pressure. We need ̂ ,200 pounds of pressure for oper-
ation. The third concept is a two-stage centrifugal pump.

For engine installation, as engines get bigger and bigger, selection of
the vector control system becomes quite important. Two advanced engine instal-
lations are shown in figure 15- In the rigid configuration we use secondary
gas injection. We use heated hydrogen to give an effective gimbal angle of
1.7°; and then lox and hydrogen is used to go up to ^° or 5° effective gimbal
angle. The gimbaled engine configuration is longer. We have bearing assemblies
and the suction lines are longer.

In our analyses we used 6 million pounds of thrust. We save about
12,000 pounds in weight by using the gas injection configuration as compared
with the gimbaled configuration. In addition, we have a simpler system and a
shorter installation.

For multiple module propulsion systems considerations for engine-out are
as follow:

(1) Extra engines are required
(2) Additional components for isolation
(j) Compensation for thrust vector change
(k] Detection of failures
(5) Location of secondary gas injection
(6) Trajectory correction for random thrust change
(7) Rendezvous schedule effect

Multiple engine installations are shown in figure l6, with and without
redundancy. For the system without redundancy, there is a straight-through
cooling system. For the system with redundancy the secondary combustor and the
skirt can be seen. Note that we have to add additional manifolds, as well as
two more valves in the system for each module in order to be able to cool the
skirt. If we assume that an engine goes out, and we have to shut it down, the
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exhaust gases of the two adjacent engines are going to impinge and overheat the
skirt; so, we have to cool the skirt.

As far as the advanced technology is concerned, we need to do a lot of
work. (See fig. 17.) In order to get an advanced engine, whether it is the
forced-deflection engine or a plug configuration, a single pump or a module,
work should be started today and it should be started in earnest, a concentrated
effort, in order to have this engine available in the 1970 to 1975 time period.

We need to concentrate our effort on the development of the staged combus-
tion cycle. We have done some work on storable propellants but need to do a
lot more on lox/lhp propellants. We are considering high chamber pressure
(which applies to all of the pump-fed engine configurations). We need to do
advanced technology work in areas of combustion and heat transfer.

We have selected a 2,500-pound chamber pressure rather than a higher pres-
sure. The problems are difficult enough at 2,500 psia. We need to do work in
areas such as cooling, pumping system, bearing and seals, axial thrust (as far
as the pump is concerned), and thrust vector control. We need to know more
about the characteristics of the staged-combustion engine system. We need to
do work on split-flow impellers because in the configuration we have a high
pressure flow to the primary combustor and a lower pressure to the main or
secondary combustor. A split flow impeller results in higher cycle efficiency.

The next part of this discussion concerns our advanced technology as we
see it and also our program plans for the development of a complete engine.

As we all know, in engine development, you get a contract to develop a
full-sized engine and you go about it just about as fast as possible especially
if the hardware is sizable. Any mistake that you make during the program is a
very costly one, since you are conducting many program phases concurrently.
You are developing it today; you are releasing hardware for PFRT configurations
tomorrow; and if you have made a mistake it will be reflected in a great deal
of hardware. This will be very costly.

Figure 18 depicts steps in advanced technology programs. This schedule is
for a Nova application for which we need an engine in the latter part of the
1970's. Now is the time to start advanced technology work, to do this work on
a scale size that is convenient to handle and economical to operate, and to
work out all critical problems.

For the purpose of our study we picked a 170,000-pound-thrust engine for
the breadboard engine. We have facilities available for this. It is a thrust
size that we can use to work out many of the problems in staged-combustion
cycle operation and heat transfer. So, we have a pump of 170,000 pounds thrust
and primary and secondary combustors of 170,000 pounds thrust.

The breadboard engine nozzle is similar to the segment of the full-scale
engine. It is a subscale module. With this system we can solve critical prob-
lems in the primary and secondary combustions such as heat transfer and staged-
combustion cycle characteristics. This is the most economical way to solve
these problems.
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The demonstration engine follows the breadboard engine. If a modular con-
figuration is to be used - in other words, if we are using a plug or forced-
deflection nozzle with individual modules - we cluster breadboard engines into
a complete system. If we cluster 12 of these breadboard engines as we have
developed here, the result is a 2-million-pound thrust engine. If we decide to
use a single pump, then we would develop a pump for a 2-million-pound thrust
engine, using the primary and secondary combustors that have been developed
under the breadboard engine program. Time-wise mid-1966 is programed for the
clustered module configuration, with the additional time (dashed lines) required
to develop a 2-million-pound-thrust single-pump configuration.

In addition to the bearings and seals, heat transfer, performance evalua-
tion, staged-combustion cycle investigations, and so forth, we want to do addi-
tional cold flow testing on the various nozzle configurations such as the short
plug configurations. We need to do thrust vector control work. If we are
going to use the modular concept, we have to investigate, in detail, the effects
of engine-out on thrust vector control response and effectiveness. Again, air
augmentation should be started now.

In our engine development concept (fig. 19); in developing high-chamber-
pressure engines, it has been our experience as well as the res-alts of our
analysis that the use of a high-pressure pump for the development of the com-
bustion chambers is the most economical way to proceed both in time and money.
Also, the pump can be used to obtain scale-model data applicable to the larger
engine pumps that follow.

As an example, under an Air Force contract, we were operating at the high
chamber pressure, and it was a question as to whether we would build and
install large, heavy, pressurized feed tanks for the development of the combus-
tion chambers, or build pumps. Our analysis showed that the pressure-fed system
would cost us about $U million, and would have only short-duration capability.

It was decided to use high-pressure pumps. The pump development cost us
approximately $600,000. So, there is quite a saving in money. We also had the
flexibility of longer duration with the high-pressure pump whereas in a pres-
surized feed system we did not.

Figure 19 depicts the method by which we would develop a large engine.
When facilities today cost as much as they do, no single private contractor has
the facilities actually to test and develop a 2^-million-pound-thrust engine.
Therefore, other means must be devised in order to do the maximum amount of
work on an engine and then go to a government site to complete PFRT and
Qualification testing.

First, we design and fabricate the components for a 2-million-pound-thrust
engine module. We combine these and come up with a module, a segment of the
complete engine. At this stage we make a decision. Are we going to use modu-
lar engines (plug or forced-deflection nozzle) or are we going to develop a
2^-million-pound-thrust pump for use as a single pump with the modules clustered
around it? Then, we take either one of these three configurations, and we go to
a government facility and conduct tests to complete PFRT and Qualification
testing. This is the method we propose to develop a large-sized engine.
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The development plan for the advanced engine is shown in figure 20. Here
we see the advanced technology work that should be started now. I am not
showing a chart on the modular clustered concept, but this typifies a particu-
lar plan. This plan is for a single-pump configuration.

The advanced technology work is performed on the 170,000-pound-thrust
system discussed previously. We do tests on combustion development, heat
transfer, performance, and so forth using this breadboard engine. Concurrently,
we are developing a 2-million-pound-thrust pumping system. This is used in the
demonstration engine. The demonstration engine Is a single-pump, two-chamber
engine having 2 million pounds of thrust. Integrated engine characteristics,
as well as sea-level performance and thrust vector control gas injection char-
acteristics, are demonstrated and verified with this demonstration engine. We
also use the 2-million-pound-thrust pumping system for developing the 2-million-
pound-thrust primary and secondary combustors that are used on the 2U-million-
pound-thrust engine. We have indicated here the approximate cost to do these
particular programs; we have about 800 tests for full-scale combustors develop-
ment to work out all the critical areas.

A portion of the development must be done off site at a government facil-
ity. We can do all component development at our facility in Sacramento. Com-
plete TPA testing must be done off site. The engine development is off site.
The total cost of this is $1,37̂ ,000,000.

One method which would allow development of the pump in-house is to use
our present M-l facilities; we can get 25 seconds duration on the hydrogen pump.
(See fig. 21.) The gas generator supplies approximately half the required
3-2 million horsepower for the hydrogen pump system. We augment the horsepower
by the hydraulically driven turbine in this configuration and get an extended
duration by bootstrapping some of the hydrogen into the gas generator, since
we are limited on tank capacity. On the oxidizer pump, since we also have a
hydrogen-rich gas generator, we are limited to 5 seconds. If we develop an
oxidizer-rich gas generator, we can get about 25 seconds. So, we can do the
major portion of the pump development work in our Sacramento facility.

The development plan features are as follow:

(1) Advanced technology approach to solve critical problems
(2) Scale model testing
(3) Multiple combustor ring
(4) Use of pumps for suppling high pressure for thrust chamber testing

rather than high-pressure tank facilities
5) Pumping system test setup for big pump testing
6) All component testing in Sacramento
(7) Overall program cost savings of ̂ 0 to 50 percent over a conventional

development approach

We have already discussed the advanced technology that needs to be started. We
would go into scale model testing to define and eliminate the critical areas of
development. The use of multiple combustors permits a great many tests for a
minimum cost. We can do the component testing in Sacramento. If we start
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advanced technology today with the scale-model testing, we estimate we can save
from ^0 to 50 percent of the overall program cost required by the conventional
developmental approach.

The following table summarizes performance, costs, and time. We have
talked about specific impulse. The forced-deflection cluster is the five
6-million-pound engines we showed. The plug is the modular plug configuration.
Next are the clustered modules with forced deflection.

ENGINE SYSTEM COMPARISON

Specific impulse, sec
Sea level
Vacuum

Installed weight, Ib̂ "
Cost, millions of dollars
Development
Production (200 systems) . . .

Reliability
Qualification
Qualification + 5 years . . . .

Availability (year)
PFRT
Qualif ication

F-D
cluster

585
kkQ

361,000

1,083
2,230

0.991
0.996

1970
1972

Plug

35̂
klk

358, ooo

817
3,390

0.991
0.996

1970
1972

F-D
modular

385
W8

U23, 000

817
3,3̂ 0

0.991
0.996

1970
1972

Single
engine

383
5̂0

312,000

1,374
1,180

0.992
0-997

1970
1973

lncludes: Engine, frame, suction lines.

Finally, there is the single-pump engine. Our studies show that this single-
pump engine is a more reliable engine; it does not require engine-out. Engine-
out requirements complicate the system tremendously. Note that the development
cost of the single engine is the highest: $1.3 billion. But production costs
for this engine, based on delivery of 200 systems, are lowest. Thus, on the
basis of overall cost, weight, specific impulse, and reliability, the single-
pump engine is best.

We are not only working on advanced high-pressure pump-fed engines, but we
are also doing work on low-chamber-pressure-fed engines. Figure 22 shows a two-
stage vehicle that can carry the payload indicated. We use in our configuration
lox/RP-1 for the first stage and lox/hydrogen in the second stage.

We believe there ought to be advanced technology, particularly in the area
of the combustion chamber itself. (See fig. 23-) When we are talking about a
thrust of 20 million pounds in a single combustion chamber, we need to know
more about performance and we need to know more about stability. This figure
depicts a water-launch platform of two T-2 tankers welded together, in which
development work can be done.



QUESTION PERIOD

MR. GINSBURG: Would you care to quote the weight of the turbopump that
was a part of the 512,000-pound, total engine system?

MR. GIBB: About 122,000 pounds.

MR. GINSBURG: Would you care to talk a little more about how you arrived
at 2,500 psi as the optimum chamber pressure?

MR. STIFF: We made optimization studies based upon payload in orbit.
These studies showed a slight increase in payload for higher chamber pressure,
but the curves were flattening at chamber pressures of around 2,500 to
2,800 psia.

MR. BARTZ: Can you comment on your selection of propellants, which seems
to be contrary to the Convair selection of lox/RP-1 for the first stage?

MR. STIFF: Our study shows that even with a bigger tank, performance is
increased by using lox/hydrogen.

MR. BARTZ: There wasn't any question about the performance. Cost, I
think, was their basis.

MR. STIFF: On the basis of the experience that we have had with Titan I
and our lox/hydrogen work, we believe that lox/hydrogen is by an order of mag-
nitude cheaper to develop. We have had very few cases of high-frequency insta-
bility with lox/hydrogen. Of course, these are two cryogenics, but there is
also a cryogenic with the lox/RP-1.

MR. BARTZ: Then it boils down to a difference of how you look at the
costs apparently.

MR. STIFF: No.

MR. BARTZ: Again your conclusions and Convair's?

MR. STIFF: Probably so.

MR. WILLIAMS: I would like to comment on that. First of all you men-
tioned, specifically, development costs. All the development that we have to
date, or at least that we have been able to analyze, does not really verify the
point that you made, that lox/hydrogen is so much cheaper to develop; that is,
engines of this category are not necessarily cheaper to develop. We would go
into numbers, if you like. The conclusions which have been drawn, specifically
in the GD/A results, do not look solely at the development costs per se but the
operational costs which, for a program of the size that we are talking about,
are really the influencing parameters when you get down to cost. And here is
where the RP really begins to take over in the operational cost area. The cost
of propellants is one thing. The size of the vehicle which must be manufac-
tured, checked out, transported, legistically supported, et cetera, adds to a
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degree to the advantage of the more compact lox/KP system. The hazard, the
launch facility separation, the test program, and the separations required
there are other important parameters that fit into the overall cost of the
systems.

The costs of the propellants themselves actually contribute, particularly
when you get to recoverable systems. Since we use the systems over and over,
the expended propellants do become a contributing factor. In recoverable
engines, the RP systems are more compact, do lend themselves more readily to
recovery, and hence provide economical advantages there. Even if recovery is
not considered for RP versus hydrogen in the first stage of the two-stage sys-
tem, the RP still has a slight economical advantage. I mention economics quite
a few times. It is not that we have concluded that economics should in all
cases be the overriding criteria, but it is one yardstick which we are using
in evaluating all the systems.

In fact, I would be interested in the comparison you made that can be
strongly influenced, as we have found, by the choice of configurations: the
one in the optimization of combustion chamber pressures, for example, whether
to use a single-stage, a stage -and-a-half, or a two-stage system. This one
simple choice there can have a rather influential effect on combustion chamber
pressure optimization. What vehicle did you use in arriving at certain engine
configuration selections of criteria?

MR. STIFF: Most of our studies to date have been based on a single -stage-
to-orbit configuration. I think if single -stage-to-orbit is of importance -
and we believe that it is, from an economical standpoint - I think you would
immediately eliminate lox/RP for this type of operation, because it doesn't
have the performance.

MR. WILLIAMS: This is correct.

MR. STIFF: This was a primary consideration in the choice of lox/hydrogen
in our studies. Most of our work has been performed on the basis of a single-
stage-to-orbit mission for which we optimized our system. We have looked at
stage-and-a-half vehicles and some of them looked very interesting. We have
been working with Martin-GD/A on various configurations.

MR. BEICHEL: In studies with Boeing and Martin-Marietta, we found that
hydrogen was the most economical for the single-stage-to-orbit configuration.
We also studied the two-stage vehicle; if the same velocity increments are
taken, lox/hydrogen is cheaper. We optimized the hydrogen for the first stage.
That is where the big cost differential comes in.

We must also look into the future growth potential that is still there
with the higher performance of the hydrogen. We checked back again and again
and we cannot find the justification for the RP-1 as a superior system because
of cost.

MR. CONNORS: You prefaced your remarks by the observation that we could
include the M-l engine in an unconventional configuration. Would you care to
amplify that?
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MR. STIFF: M-l, as you know, operates at a chamber pressure of
1,000 pounds, and it is of course bigger than the more advanced type engine at
2,500 pounds. My remarks were primarily to the effect that we could incorpo-
rate a forced-deflection type nozzle with the M-l configuration. This would not
be a staged-combustion cycle as we have in the advanced engine, but the ingredi-
ents are there. A forced-deflection nozzle can be placed on the combustion
chamber for altitude compensation, which would increase the performance. The
combustion chambers of the M-l can be clustered around a forced-deflection
nozzle.

MR. CONNORS: In listing problems in advanced technology, you didn't
include a great deal of wind-tunnel work. When you are talking about other
than sea load compensation, there are a lot of stream effects that can affect
your results.

MR. STIFF: That's true. If I didn't make that clear, it was an error on
my part.

MR. NELSON: I would like to ask something in connection with the argument
of lox/hydrogen versus RP. It seems to me that you can't tali about the two in
the same breath without varying the staging. RP can't get to orbit in one
stage, period. Lox/hydrogen maybe can, but you might pay a penalty. It seems
to me that you are overweighting your staging problem when you say you favor
one-stage-to-orbit. Or are you considering recovery?

MR. STIFF: If you consider recovery, I think it is quite important to
consider a single stage from an economical standpoint. Of course you can stage.

MR. NELSON: This, then, is the parameter. I don't consider the number of
stages. I don't think we have had a severe problem in staging.

MR. STIFF: Have you been keeping up with Titan II?

MR. NELSON: It is in the development phase. We have a lot of problems.

MR. STIFF: Isn't it axiomatic that with more stages the inherent relia-
bility is lower?

MR. NELSON: In general, yes. I think the point here is that maybe the
staging parameter is not the primary one, but maybe the recovery factor. If
you assume you have to recover, maybe this is the predominant parameter, rather
than the number of stages. When you argue RP versus lox/hydrogen in the first
stage, it is where are you going to recover, not whether it is one stage or two
stages. You get up to three or four stages, yes. But between one and two
stages I don't think there is much of an argument.

MR. STIFF: I think there is more cost associated with the two-stage or
three-stage system. I don't think you can get around that. If you can do the
Job with a single stage I think you should. There are tremendous costs associ-
ated with each stage you have to check out in the system. I suspect when you
check out the Saturn right now, it is a tremendous job.
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MR. NELSON: Multiple staging makes the system more compact. If you com-
pare Titan III with the three-stage Saturn, it is very spectacular, the compact-
ness of the Titan III. Here you have a four-stage system versus three-stage.
If you are going to recover I think you have an argument for one-stage-to-orbit.
If you are not going to recover, I don't think you have an argument.

MR. STIFF: I think we do.

MR. NELSON: I am giving another point.

MR. STIFF: In our studies of large boosters and the costs, considering
the amount of money that we have already spent, if we don't include recovery,
is an error in our analysis.

MR. NELSON: This is right. Compactness, I think, is another factor maybe
of importance, and introduces whether you should stick with lox/hydrogen or
really get into a new high-density, high-energy propellant.

I don't think we have defined the ground rules to discuss whether you put
lox/hydrogen, RP, or some other propellant in the first stage. I think we have
to define the parameters. You haven't a discussion until somebody in the
meeting sets down the criteria we are going to argue to. That is one point.

MR. WEIBNER: As was indicated, we have in the past worked with GE and
Martin in a Nova-type study. One of the ground rules of the Nova study cer-
tainly was reusability and recovery. I think that was one of the strong
desires there. Without mentioning it here, this ground rule is one of the
accepted ones or adopted ones of the Nova.

MR. WILLIAMS: This is correct. Cost has been a major yardstick that we
have used in all of our studies, when we compare RP versus hydrogen in the
first stage of a two-stage vehicle. We optimized each system from cost stand-
point. When we compared stage-and-a-half with two-stage and with single-stage,
whether it be recoverable or expendable, again we optimized from a systems cost
effectiveness standpoint. And the results were on the basis of this optimiza-
tion to the best of our ability of all systems on a consistent set of ground
rules.

MR. MORRELL: I am a little intrigued by your breadboard scaling procedure,
where you are going to go up by a factor of 10 in one step, from 170,000 to
2 million. Did I understand you properly there?

MR. STIFF: If we go the single-pump route, which is the way we believe we
should go, a single pump for 2U million pounds, we are going from 170,000 to
2 million pounds. Keep in mind, though, that we are already developing a
1.5-million-pound system pump right now.

MR. MORRELL: I am not concerned about the pump because I don't know much
about the pumps. Maybe you can do it. I am thinking in terms of scaling
either your dual combustion system or single combustion system, both for per-
formance and stability, by a factor of 10. I am not sure I see how you do this.
I am sure that you are going to have a reasonable development program.
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MR. STIFF: You might visualize the module for clustering as a vacuum-
cleaner-shaped system. The primary reason for that particular system is to
use a pumping system instead of a high-pressure feed system, to develop seals
and bearings, to get hydraulic characteristics for the pump and so forth, and
also to develop the combustor itself. This permits advanced technology work at
a small enough scale, "but not so small that it doesn't mean anything. We
believe 170,000 to 200,000 pounds is a reasonable size. Of course then you
have to go from there up to your 2-million-pound thrust size. Each one of the
primary-secondary combustors has to be able to handle a thrust of 2 million
pounds in a 2^—million-pound engine. You have the normal problems of going
from a thrust of 170,000 up to 2 million pounds.

MR. MOKRELL: They are hardly normal. I think there is one thing in your
favor, as long as you are sticking with hydrogen/oxygen; I agree you probably
have less problems with dynamic instability, except perhaps in the feed system
type of instability. I would think that the scaling methods for maintaining
performance and dynamic stability are completely different. I don't see how
you reconcile jumping from 170,000 to 2 million. You really have a problem on
your hands if you are going to maintain both similarities.

MR. STIFF: I agree with you that you can't maintain the similarities
exactly. I think rocket development today indicates that the larger the size,
the more problems encountered, especially in high-frequency instability.

MR. MORRELL: And low frequency.

MR. STIFF: I am not too concerned with low frequency, especially with a
high-pressure engine, if there is sufficient discharge pressure and a hard
system is maintained. I am not too particularly concerned with the low fre-
quency, but rather with the high frequency.

MR. MORRELL: I think the point is that you are getting up to sizes where
the two modes are now able to interact. You can't interact. You can't
decouple. Your acoustic modes are almost the same frequency as your hydro-
dynamic modes. So you have multiple problems of coupling. I think you won't
have these at the 170,000 level.

MR. PAUL: You can't solve all the problems by your scheme but you can
solve a number of them. And you can study a lot of starting techniques and so
forth.; it should be a great help if you proceed the way you propose.

MR. STIFF: I don't pretend we are going to solve all problems at a scale
of 170,000 pounds.

MR. MORRELL: I don't see what you are going to solve at all. The dynamics
are completely different.

MR. STIFF: We will solve a lot of problems. We can get heat-transfer
data.

MR. MORRELL: You can get heat-transfer data on a heated tube.
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MR. STIFF: I disagree.

MR. MQRRELL: You can if you want to scale enough. The point is that the
large systems you are eventually going to build will be completely different
dynamically from the breadboard kind of thing you will build.

MR. STIFF: There will be some difference. I won't say completely differ-
ent. The cycle is the same.

MR. MORRELL: Using a bunsen burner in a tube is the same cycle as a
rocket engine.

QUESTION: What thrust level and validity do you hold in the tests that
you made in your Air Force Contract, in which you compare the conventional cycle
with the two-stage cycle? I believe you showed considerable evidence of a lot
better combustion, indicating better stability. In other words, how much
credence do you give to this, and do you think this could be extrapolated to
larger sizes because of the inherent nature of the cycle itself being gas
instead of liquid?

MR. STIFF: I am kind of getting into trouble here by talking about
scaling. With this system, we have a gas; essentially the fuel is a gas going
into the combustion chamber, and the oxidizer is, of course, the liquid. In
our experience to date we have had very, very good stability with this system,
and we have tested over a large number of different injector configurations.
It appears to us that this is a superior method of injecting propellants into
the combustion chamber to give stability. Whether you can scale this thing up
to 2 million pounds remains to be seen.
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9- VEHICLE REQUIREMENTS FOR PROPULSION

By Richard Mulready

Pratt & Whitney Aircraft Division
United Aircraft Corporation

I have chosen to narrow down this presentation to some thoughts about one
of the systems that we think has some particular advantages. The things we
will cover are, first, the vehicle requirements for propulsion, and we will
discuss a system that we think fits pretty well. We will talk about the back-
ground that led us to these conclusions, some of the current status of tech-
nology, and some of the recommended areas where we think more work should be
done.

We will also present a preliminary development program plan for such an
engine system, and our guess as to what the cost would be.

A "typical" Nova vehicle is shown in figure 1. We have had feelings that
have been getting stronger that single stage to orbit, or partial staging (with
droppable tanks), would be one of the final answers, particularly if we were
talking about a reusable Nova which we were going to recover. We would like to
have a one-engine system that we could start up on the ground and bring back.
This is the configuration that we have been spending most of our time on.

Some of the installation objectives that are desirable for the advanced
booster propulsion system are listed in figure 1.

Direct thrust structure turned out to be a significant performance factor
as far as the propulsion system configuration was concerned. It is important
that the thrust loads be put directly into the outer shell if that is possible,
rather than through a bridge structure across from the center to the outside.
It is desirable to have a high effective area in the vacuum condition in a
relatively short length. Altitude compensation, although we must admit that
the importance of altitude compensation, per se, we think is less important
than we thought originally, is desirable because in this kind of vehicle you are
pushing hard for performance.

Variable thrust is a desirable thing to provide, in that it will permit,
(l) a start up and idle checkout on the ground, (2) a reduction of accelerations
in the latter part of the flight, (3) for reentry, a possible use of the engine
system throttled for part of the retrothrust, and (^) it provides a much easier
development path. The system can be started and run at successively more severe
environments by increasing thrust level.

The system should have high mission success probability. The system should
be reliable; we will discuss this further. It should be reliable in individual
engines and it should have, we think, redundancy to provide an even higher pro-
pulsion system reliability.
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The installation flexibility includes items such as application of the
same propulsion packages to more than one stage of a vehicle if it has two
stages, or, conceivably, a very similar propulsion package or module to more
than one class of vehicle. This affects the reliability because it allows you
to spread out and amortize the development cost over a larger use rate.

We believe that the engine should be accessible in order to change compo-
nents, to do maintenance, and to inspect.

We like to think of reusability as time between overhauls. We don't see
any reason why rocket engines can't be built to have long times between
overhauls.

The type of installation shown in figure 2 is called the truncated plug
cluster, using high-pressure engine modules. It is a hydrogen-oxygen engine
system. In this design, some 91 percent of the thrust is carried directly from
the modules to the outer shell of the vehicle. It has a high area ratio. In
this particular configuration it has an area ratio of approximately 100, and it
has a relatively short length for this area ratio. The length is about 4̂-0 per-
cent of the diameter of the effective base area. So its L/D is rather short.

It has altitude compensation. This is by external flow adjustment and
requires no internal bleed on the plug. We have test data which show this. We
also have test data for one we call a secondary expansion nozzle. It is an ED,
FD, or any other deflection engine. This one we found does require ventilation
to have effective altitude compensation.

The engine system can be designed to provide variable thrust. We think
that you can provide, in the cycle that we are using, a range of 10 to 1. It
is possible to consider a 10 percent idle node.

This installation has enough engine modules to provide engine-out capa-
bility, which we will show a little later; we think it increases the system
reliability appreciably.

Each unit in the 2̂ -unit installation shown in figure 2 would yield on the
order of a million pounds of thrust to provide 2̂ 4- to JO million pounds of thrust
for the 2̂ -unit device. The 1 or 1.2 million size is one that could conceivably
be applied to other stages or other vehicles. The engines are all on the out-
side so they are accessible. The bell nozzles are for the most part regenera-
tively cooled and we believe that the plug from the exit of the individual
modules to the aft end of the plug and across the face of the plug can be regen-
eratively cooled using state-of-the-art technology for building the heat trans-
fer surface. There may be some fabrication problems, but this is designed with
regenerative cooling rather than ablation cooling as we originally thought.

The thrust vector control would be provided by secondary injection, differ-
ential throttling or by cooled flaps. We are looking at these approaches as
part of our work on a recent contract with NASA. Some other work has already
been done on this. The installation has a multiple exhaust source so that it
is readily adaptable to air augmentation should this technique prove attractive.
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The hydrogen pump is located adjacent to the tank, which may simplify the cool-
down and start-transient problems associated with some of the other engine
systems.

One of the questions immediately raised when a large number of engines is
used in a propulsion system is system reliability. It is important that our
definition of the module is clearly understood. The module, to us, is the part
of the system that is self-contained and can provide thrust by itself. It
receives the vehicle propellant supplies and ancillary supplies, and then dis-
charges the expellant, at relatively low static pressure and temperature. It
is the element of the system upon which the major part of the development effort
must be expended in order to insure that the system interactions, which always
cause most of the trouble, are thoroughly examined and that the development
effort is accomplished on the part of the system that is significant.

Depending upon the specific design requirements, it is conceivable that a
module could have one pump, and multiple thrust chambers, or a single pump or
two pumps and one chamber. For the booster systems in figure J, the center
module with the one pump and the one chamber seems to fit best, although there
are some places where type A might fit. We think that that is more a matter of
the individual design requirement than it is specifically a matter of relia-
bility, provided that the system gets developed as an engine, including every-
thing that is inside the box.

Figure k shows the results of a study that we accomplished last year to
take a look at the effect of module size on system reliability. We can provide
copies of this study to whoever would like to have it.

Our conclusions from the study were that redundancy, which is the differ-
ence between the lower curve with no redundancy, and the upper one with, for
instance, 10 percent redundancy, can add significantly to the reliability of
the overall propulsion system and that for a typical investment in the propul-
sion system, including both production and development, that the best module
reliability is obtained with a modest unit size because more development testing
can be accomplished on the smaller size. We must grant that there are many
assumptions here but we have examined them and we think they are right; the num-
ber of development tests for the various module sizes is also shown.

The final conclusion is that it looks to us that somewhere around a million
pounds of thrust would be about right for a typical investment in production and
development for a module for the Nova vehicle as we see it defined.

Figure 5 shows the cycle that we are talking about. The combustion is
accomplished in tandem, with most of the hydrogen being consumed in the pre-
burner with a modest amount of oxygen added to provide the working fluid to
drive the turbines, the balance of the oxygen being added in the main chamber,
and part of the hydrogen being used to provide regenerative cooling for the aft
portion of the nozzle and film transpiration cooling in the section from the
injector to the area ratio of ̂  to 1.

Figure 6 is a photograph of a model of this engine. It is a cutaway with
a quarter section cut out of it. What we have found is that it is possible with
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this cycle to arrange the two turbopumps and the preburner system into a plug-
in design which collects all of these hot pipe elements into one transition
case, and that there is enough hydrogen available from the thrust bearing sys-
tem in the hydrogen pump to cool effectively the inner part of that case. With
this design we think we can eliminate all hot surfaces on the outside of the
engine so you will either have room temperature or cold cases on the engine.

For the plug cooling (fig. 7)> °ur studies indicated that regenerative
hydrogen cooling is well within the state of the art for doing this job, that
the heat fluxes here are well below those of the RL-10 combustion chamber, and
the same kind of tubular structure could be used. It is interesting that if
you can run the tubes hot enough - and this would require better materials than
we are presently using, or higher temperature materials - so that you can get
an exhaust temperature of the gas that you are using for this cooling up to
something on the order of 1,400° F, you can get good impulse out of the gas
with a relatively modest area ratio. The figure shows the nozzle that is
exhausting the coolant overboard after it has followed a path indicated by the
arrows through the plug. The impulse of that hydrogen is almost as good as the
basic engine system.

For reentry, the heat fluxes for typical trajectories can be a good deal
lower than they are on the way going out. For reentry, the outer edge of that
chamber would probably have to be cooled or it would burn off. It doesn't take
too much to do that. We calculated for a 20-million-pound-thrust booster that
it would require a little over 6,000 pounds of hydrogen to do the reentry
cooling. This is a great deal better both with regard to the weight of the
structure and the weight of the propellant, which we are getting a pretty high
return on, than we could do with the ablative system that we were originally
thinking of.

Figure 8 shows the results of our latest plug test performance. This is
for a 24-module plug cluster truncated to various lengths. The lengths are
given in a percentage of the isentropic spike length: 0, 2.7, 9-^> and
16.0 percent. The nozzle was designed for a vacuum cluster area ratio of 1^-7
and I think the pressure ratio is 2^ for that. At that point, which is the
vacuum performance point for this system, the 9-^ percent plug length has a
velocity coefficient Cv of 0.966. In our published performance estimates
that we expect to be able to get, we are expecting 0,975- So we are rather
close, and we hope that in the program we are currently embarked on we will be
able to achieve 0-975- Velocity coefficient is the thrust produced by the
nozzle divided by the thrust that would be produced by an ideal frictionless
nozzle operating at the same pressure ratio.

We have done studies for booster engines, comparing various cycles and
various propellants. The present studies are not yet completed. Figure 9
shows one of our cycle comparisons; it is one of the plus-and-minus type of
comparisons. We are comparing a parallel combustion or gas generator system
with a tandem combustion system in terms of performance, weight, size, bulk
density, and so forth.



For performance, it can "be seen that the preburner cycle would have an
8-second impulse advantage over the gas generator cycle, "both operating at
3,000 psia with an area ratio of 98.

In terms of weight, the gas generator cycle has about a 10 percent weight
advantage over the preburner cycle. (The chart should read minus 10 percent
rather than just 10 percent.) The reason for this is for the most part that
the pump pressure required to work the gas generator cycle is lower than it is
for the tandem combustion cycle.

The physical sizes of the two engines are much the same for equal chamber
pressures but they will have slightly different shapes.

One other advantage to the preburner cycle is vehicle bulk density. The
difference in overall propellant mixture ratio for the same main thrust chamber
ratio between the two results is a difference in vehicle bulk density of approx-
imately 8 percent. This difference in bulk density reflects back in vehicle
structure and more than offsets the 10 percent weight difference.

From a combustion stability point of view, our feeling is that the tandem
combustion cycle offers a decided advantage because, first of all, the combus-
tion at high mixture ratio in the main chamber is with high temperature gas
coming into the chamber, and from some Lewis data that we saw sometime ago,
this seemed to have a considerable effect: the higher the temperature was, the
higher the oxygen/fuel ratio could be without encountering instabilities.

Further, the low temperature injection of the propellants required in the
gas generator cycle because there is no heat source in that system to warm up
the propellants is one that is never far away from combustion instability, and
it takes a lot of fine whittling to make it stable.

The low temperature injection of propellants for combustion in the tandem
combustion system occurs in the preburner where the mixture ratio is relatively
low, about 1. Temperature is of the order of 1,500° F. The system is thus
less likely to be unstable; also it is at a lower temperature, so that you can
cope with damping devices that we are familiar with if you do encounter sta-
bility problems. We think that, fundamentally, we would just put a plus sign
on the preburner side; we think that that cycle is apt to have real advantages
in combustion stability.

On the pump AP comparison there is no question. In order to provide the
power to drive the tandem combustion system you must have a higher pump dis-
charge pressure. For a 3,000-pound chamber pressure in an engine size of
1 million pounds thrust, it is approximately 5,500 pounds pump discharge pres-
sure. This we think can be accomplished.

The final item is the configuration. We think it is possible to put the
preburner system together so that you have no hot cases. You reduce the amount
of plumbing and we think it makes a simpler configuration for installation in
the vehicle.
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The effect of chamber pressure on payload is shown in figure 10. This
effect is twofold: One, "because for a particular vehicle as you increase cham-
"ber pressure you can afford to go to a higher mixture ratio; this is reflected
by the increasing values of oxygen/fuel ratio. The curve would look this
way for an operational vehicle. The filled-in point is for a current gas gen-
erator engine, using a plugged compensation technique, using the same kind of
plug performance that is applied to the upper curve, but using lower pressure
gas generator cycle performance. So the difference between payload capacities
is almost two to one, 1,0̂ 0,000 pounds to 590,000 pounds. It is about
80 percent.

I would like now to switch from what we think it ought to be for the
vehicle and the reasons why the engine looks the way it does to talk something
about the status of the work that is being done on Air Force contract and also
work being done which is funded by the company.

Figure 11 is a photograph of the pump that was started by the Air Force in
1961 and was funded by them for the first year of that effort and was then
picked up by the company-. I will talk more about the details when I get to a
summary chart.

Figure 12 is a photograph of an oxygen pump; the flow capacity of this
pump and the pressure level match those of the hydrogen pump so that hydrogen
pumps could be used, and it is planned that they will be used, in 50>000-P°und-
thrust combustion chamber work under that Air Force program. This pump has
been entirely funded by the company.

Figure 15 is a photograph of an injector which has been developed under
this Air Force program. I think it is one of the most significant things to
come out of it. This is the good picture after many bad pictures. The original
work done in the period June 196l to 1962 was in the 5K size, and no injector
ever made the second firing. There were all kinds of damage to those pieces.

A lot was learned, however, in those tests. We then went to a 10K size,
and this injector was developed to be used in heat-transfer measurements using
a probe. That is the reason for the hole in the center of the injector. This
was one of the first of the 10K injectors tested; it had been fired six times
for short duration tests at the time that this photograph was taken. Most of
those firings have been accomplished in a short time period, because the cham-
bers are not cooled. It has since gone on for further testing and was fired a
total of nine times, I think, with no deterioration. With this system C*
efficiency is of the order of 95 to 97 percent.

Now I would like to talk, about some work that is being funded by the com-
pany. These are late data. They were obtained from recent test results. The
approach, is proprietary, and we have filed for patent applications. It is a
practical approach to a very fundamental problem of high-chamber-pressure
engines, and that is the cooling technique.

It was reasoned that one of the things that we want today when we cool with
transpiration or film cooling, and this is really a combination of both, is to
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be able to divide up the thrust chamber into actual segments because the amount
of coolant that we want to inject at the throat is far different from the
amount that we want along the constant-area section of the combustion chamber.

We had done design work and had looked at systems using Rigimesh with
cavities behind it and then orifices into these cavities to provide the axial
distribution, and we think this could have been built. As a matter of fact, we
had started on our own to build some of those when John Chamberlain came up with
this idea of using a series of wafers which are stacked up to produce the thrust
chamber surface.

The surface is a copper disk about an eighth of an inch thick as shown in
figure Ik. For a distance of about half an inch from the I.D. outward, there
are a series of very fine grooves cut into the surface of the disk. These
grooves are laid out in an involute pattern. This allows them to be very long.
There are about k inches from the point where they come through the inner wall
here to the place where they come out into this channel. These grooves do not
go all the way through the disk. They are just cut into the surface about
O.OJO inch deep. They have metering orifices in four radial locations which
provide from an outer manifold the distribution of the propellant flow for the
coolant along the length of the chamber. So the hydrogen flows through a jacket,
through the distribution slots, and then around and out through the involute
slots.

On the right is the other side of the adjacent disk, and these two fit
together so that there is a crossed involute pattern that goes from this mani-
fold to the inside of the chamber.

Figure 15 is an artist's conception of the actual rig that was tested. It
shows that the rig is made up of a stack of these disks. In this design we just
started with the same disk and machined the shape inside. Hydrogen is brought
in; part of it passes down and through these disks and is distributed along the
surface according to the size of these small metering orifices.

Figure 16 is a photograph taken from the injector and looking at the throat
after some four firings had been accomplished on this, a total duration of actu-
ally about 5 seconds. The last firing was a duration of 3 seconds. This is a
facility limitation; it is about as long as we can hold chamber pressure. This
was at a chamber pressure of 3>200 psia. We don't have all of the data from
the oscillograph records yet. But the first cut looks like the C* efficien-
cies are on the order of 90 percent.

In the first test we ran with this we used a different injector which
caused impingement on the wall locally, and had fired and retained about 90 to
95 percent of the surface; the C* efficiencies were 95 percent plus. We plan
to do a little more work with this to see if we can push the C* efficiency up.
We think the 3>200-pound chamber pressure with that level of C* efficiency is
getting to the point where the environment is pretty severe.

Figure 17 shows an oscillograph chamber pressure trace and a throat tem-
perature trace from this 3-second firing. The time intervals have been inter-
rupted here so we could get it on one sheet of paper.
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The erosion that occurred In the chamber was just downstream of the
throat of the chamber and was very minimum in the three firings that have "been
made. A little bit has occurred, and we think each time it has been occurring
on the starting transient. We have a lox line filling problem. The line fills
up with a slug, and we are getting very high mixing ratios during the transi-
ent which is reflected in the throat temperature at the start transient.

Figure 18 is a photograph of a flight weight design employing the wafer
cooling technique. It is a stack of washers, the same kind of general design
as shown in the heavyweight rig, but much thinner. They are not deep radial
sections. They are in the order of 3/8 "to 1/2 inch deep. It looks to us after
having laid this out that we can be competitive with the Rigimesh type with a
more reliable chamber and one that can be developed at a much lower cost.

In table I we have attempted to take the items that we think are important
for this kind of a propulsion system, to list the major objective for each of
these items, a brief statement on the status and the current effort, and some
of the things that we will recommend be done.

The first one is the plug cluster nozzle. The objective was to obtain at
least 0-975 Cv for a 10 percent plug length. We have gotten 0.965. A pro-
gram has recently been started under NASA which will continue this plug testing.
We think that this performance improvement will certainly come out of that,
probably some more. Following that program we think hot firing tests in scale
size will be a desirable thing to do.

Thrust vector control is the next item. It is hard to put any numbers on
it. The secondary injection work is being done by our research department under
NASA contract and looks very good. Under that program a demonstration will be
performed on the RL-10 to push the scale of the work up a little bit, and sec-
ondary injection also will be investigated under the plug cluster work.

For differential throttling, preliminary test and analysis indicate that
it will be quite satisfactory both from an engine response point of view and
from the ability to provide the kind of thrust vector angle that is needed.
These angles have gone down some since the initial part of the Nova studies.
This also will be tested under the plug cluster test program, and we are going
to attempt to try some flap configurations on the base of the plug which might
be used, probably not as a fine adjustment of the thrust vector control, but as
an emergency system which would provide the capability of putting in a very
high angle if it were necessary. All of those will be covered in this program.
We think a hot firing program should be defined following that effort.

Coupled with it, we think that an analytical study from a propulsion man's
point of view ought to be accomplished. We would like to look at the things we
would like to change in the vehicle design and the engine systems to make thrust
vectoring an easier Job.

In table II the combustion effort is broken down into a number of items.
First is the preburner which has injection at the low mixture ratio, but high
chamber pressure. The major objective is the flat temperature profile just as
it is in the turbojet engine.
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There has been no test work at Pratt & Whitney on this. We have done some
design studies that indicate that there are practical designs possible. We
think there should be a test program of the same size as the main chamber work
program but at low mixture ratios.

In the mainburner work, using hot-gas fuel injection, at an oxygen/fuel
ratio of 7> at a chamber pressure of 3>000 psi, we would like to have a C
efficiency (and we believe it is obtainable) of 98 percent and better. So far
we have obtained 95 plus, and some of the numbers go to 98. I don't know that
our accuracy is good enough to say it any better than 95-

We have covered the range. So we think that this part of it is pretty
well under control and that further work on this should go along with the pre-
burner work and that they should be operated in tandem because there are some
differences in the mainburner injector. Again we think this should be accom-
plished in the 10,000-pound size.

On combustion stability, there are two contracts, just starting in Florida.
One is a test to establish, first, some of the parameters in our small scale
test that adjust the stability margins, and an analysis to determine what could
be accomplished with damping techniques. We think something that might be
added to this, following this work, would be damping demonstration tests, with
some hardware designed to do oscillation damping.

The last item is ignition. Hypergolic ignition with oxygen and hydrogen
is a desirable thing to be accomplished. There is effort on these items; O^Fp
addition to the oxygen, metal powder (submicron metal powder added to the hydro-
gen we found makes the combination hypergolic), and catalysts. I think there is
a proposal in now to continue some of the work on the metal powder additives.

The next item is cooling. The objective is to achieve one-half of 1 per-
cent loss in Igp for a 1-million-pound-thrust engine.

This next item is a pretty strong statement. With respect to cooling
effectively the 10K size, we think we have a solution and we will shortly have
numbers to prove that we have a solution that backs up this kind of an estimate.
It is a big extrapolation but we think it can be done effectively. We think
that this particular kind of cooling design deserves effort examining not just
the copper materials but other materials, and configurations of the particular
wafer design going beyond the present one, including some louver work to pro-
vide additional film coverage.

The last item is regenerative cooling. We think that the heat fluxes are
well in hand, but that some effort on fabrication of large cooled plug sectors
would be worthwhile.

This last summary is concerned with the turbomachinery work. (See
table III.) The fuel pump is the first item, and the objective shown is for
this particular piece of hardware that we are now testing. The objective for a
larger pump would be a much larger efficiency than 58 percent. We have already
achieved 5^ percent. The pump has reached U,000 psi in a transient and has run
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steady state for some 20 seconds at about 3j500 psi. So it has not yet reached
its full design output which was 5̂ 000 psi, "but we believe it will. Thrust
balance, off-design performance, and improved performance are the areas we think
need effort.

A lox pump was designed to fit with that same size for 1,000 gal/min and
5,000 psi rise. It achieved, not at the same time but during the same run,
800 gpm and 4,200 psi. It is being supported by the company and we hope shortly
to make runs that will get us to the design point. We think that effort is
deserved there in the performance and mechanical evaluation of the pump and its
seals.

Low-speed inducer work: the RL-10 is supporting some work in this area
rather than no direct support as indicated. We think further scale tests on
the hydrogen and the oxygen inducer would be a desirable thing to accomplish
for inducers. We think that the net positive suction head should be pushed
down to well under 1 foot at 1 g condition.

With respect to both rolling element and hydrostatic bearings, there is
some work going on in-house. We have gotten 2A million DN with the rolling
element bearing and some very short time tests at higher speeds. Hydrostatic
bearing DN really doesn't have any meaning, except from the critical speed
point of view, and equivalent DN's of 4 million have been reached with in-house
bearings we have been running. We would like to go further there in investiga-
tion of life and load at high-speed conditions.

Rotating seals: high-performance engines will require high rubbing veloc-
ities. Seals can operate and have been operating in hydrogen with these veloc-
ities, but more work needs to be done on the materials and seal configuration
for high rubbing velocities with oxygen.

The last item is turbine cooling. In the cryogenic engines it is required
to cool bearings with hydrogen, and this results in a disk and blade attachment
gradient of something on the order of 1,700°. If you are using hydrogen at
-400°, and you are using turbine inlet temperature at 1,300° F, this gives you
a difference on the order of 1,700°. We think that material spin tests under
simulated gradient conditions would be very worthwhile for providing turbine
design data.

Figure 19 presents a quick summary of what we think could be accomplished
for a million-pound-thrust engine or an engine in that size class. For develop-
ment time, PFRT, the research and advanced technology would overlap the engine
development. Component development would proceed first with tests of turbo-
pumps plus preburner which could be operated as a bootstrap cycle. The first

engine test would occur in something of the order of 18 months, PFRT in 34 to

k years, and qualification tests in 5 "to 6 years. As the engine development
proceeds, the engine vehicle integration test would involve three engine seg-
ment tests at the engine contractor's plant, and shortly following PFRT engines
would be delivered for tests on the vehicle for the complete system.
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The test facilities required to accomplish this are: First, the module in

which the major development effort must be accomplished. We think it will take
a four-stand complex to get a satisfactorily high test rate, and most of the
problems will be solved in this size. Following that, a single stand testing
three modules and a plug segment would give most of the integration answers of
the two systems together. The complete cluster test could be accomplished
finally on the vehicle facility, either at the vehicle contractor's plant, at
the government plant, or even conceivably at a launch facility for this very
large testing, using vehicle hardware to avoid costly duplication of test
facilities.

Figure 20 shows our estimate of what it would cost to develop an engine of
1-miHion-pound thrust operating at J>000 pounds chamber pressure. The cost at
the time of PFRT (average cost) is taken from a compilation of data that we
have taken from the Congressional Record for what engines have cost at PFRT; we
have compared the function of their size. That was one of the key points.
Then we looked at what we thought the cost would be following PFRT; that gets
rather divergent, depending on what you do with the engine. This is the kind
of accuracy we can put on cost. There are uncertainties in cost and time of
accomplishment, and the facilities are shown as a separate line at the bottom.

QUESTION PERIOD

MR. GOMMERSOL, Lewis: Did you say that this engine would reach PFRT in

5^ to ̂  years at a cost of $200 million?

MR. MULREADY: I think the midpoint is of the order of $160 million.

MR. GOMMERSOL: Don't you think that is rather low?

MR. MULREADY: This is labor, material, and overhead, G and A. It does
not include facilities and propellants. It is the number that we have been
able to get out of the Congressional "Record to fit the M-l funding as of October
1962. What we have tried to do, instead of playing the game of adding up all
the cards, was to go back and take the M-l, F-l, and J-2 data, put them on a
curve and watch the curve. The curve seems to be going up a little bit.

MR. WEIDNER: What you are really saying is that this is not your own esti-
mate but the estimate of others.

MR. MULREADY: It is history. This is what NASA is saying to Congress, as
of October 19̂ 2, as to what it was going to cost to PFRT these engines.

QUESTION: What do you really think the cost will be?

MR. MULREADY: Perhaps figure 21 would help to explain.
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MR. TISCHLER: It seems to me that you are saying to us that you are
anticipating or we have anticipated the history and you have recorded it. I
am not quite sure what we have got.

MR. MULREADY: It depends on how far down the road you are on development.
These numbers are not hard to come by. We went into the Congressional Record
and took NASA testimony for what it was going to cost to do the J-2, and you
usually think when you do this that you can pull the part out. The reason we
picked PFRT is that that seemed to be the easiest milestone to identify. It is
hard to identify any beyond that, and facilities usually get separated out. We
don't think that propellants are included in most of those numbers. So we have
taken most of those numbers and put them on a chart. As of last October we had
this center black point, which we knew was history, the estimate of the J-2,
and the points for the M-l, and the F-l.

We have since put the two stars on which we think reflects a change since
then. But we are not sure that our intelligence is good enough to make it
accurate. One of the things we think is significant is that a lot of bids for
these engines are a factor of 2 off what they cost now.

What we said is let's start with this as a basis and draw a line through
it. If we are talking about this size engine, there seems to be enough good
data here that we are not smart enough to second guess what has happened, but
this has happened in a number of cases so we think in this business it is a
reasonably good estimate at this stage of the game.

COMMENT: This is not really based on any plan, program, or anything of
this nature. It is just based on past history as you could derive it.

MR. MULREADY: Right. It appears to us to be reasonable for program esti-
mates we have made. Our estimate for a 200K development turned out to be right
on the one that was the number for the J-2 as of October 1962. This is also the
case for our estimate of what the M-l would cost. We did that cost estimate in
great detail. This is a long expensive process. We said, "Let's not do it
again, let's take a curve that goes through a size class and probably no one
can really defend one way or the other if it is going to be far off, and most
of the estimates have been off a factor of 2 for the winners." That is the
basis.

MR. THOMPSON: It looks like you might be defeating your own purposes here.
It looks like if we leave you alone and don't fund you at all you will have the
3,000 Pc engine working soon.

MR. MULREADY: I wouldn't bank on that. We have been doing some Indian
wrestling with the management and we say help is right around the corner. The
first two firings we made on the cooled chamber are a good example. For the
first one, we had an injector failure that caused damage to the wall. Most of
it was satisfactory. We were satisfied that was good, but we didn't want to
talk about it then. On the second one we had a test stand malfunction that
caused the system to be damaged, and we had just about run out of money at that
stage and had to go back and get some more, which fortunately they gave us. I
don't think we can count on that forever.
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MR. PAUL, Marshall: Can you comment on what you intended to do in order
to provide heat for your pressurization system?

MR. MULREADY: We haven't approached it strictly from that direction. Our
major effort was looking at providing boost pumps driven by the engine system
which would require practically no pressurization from the engine for net posi-
tive section head, so we would be able to take essentially saturated liquid on
board. We have not yet done this. We will do this.

There are places where we can provide pressurization directly off the pre-
burner side to pressurize the hydrogen part of the system. We have to take
some water out of it, or maybe a heat exchange loop using hydrogen. We have
not done that yet.

MR. BARTZ, JPL: I would like to ask the same question I asked of Aerojet
this morning, and that is the strength of your conviction about the propellant
combination oxygen and hydrogen which seems to be contrary to what we heard
from at least one of the contractors on the vehicle.

MR. MULREADY: We have looked at the economics. The way we looked at it,
if you look at large vehicles carrying a fair amount of payload and being
reusable, if we want to get to the position of doing this, the economics of the
situation will be a serious concern. We have examined to the best of our abil-
ity, going as far as we can in the design of the systems; we can compare pro-
pellant combinations and engine design pretty well. For the kind of engine
performance that we think is going to be required I don't think we are going to
be satisifed in this time period with moderate, mediocre performance. You are
going to want pretty good combinations. This Op-H^ combination to us looks like
the best economic bet. Fluorine and hydrogen and mixtures of oxygen and fluo-
rine look good. But the economics kind of argue against it.

From the engine-man point of view hydrogen as a coolant for a high perform-
ance engine does things that we haven't been able to accomplish with a lot of
other propellant combinations.

MR. BARTZ: Are you looking at the economics from the propulsion man's
viewpoint?

MR. MULREADY: From an operational viewpoint.

MR. BARTZ: Perhaps Congress is looking at it from the vehicle standpoint?
Might not this cause the difference in the conclusions? We are both talking
economics. But are we talking about the same economics?

MR. MULREADY: I am not sure that we are. I am not sure what there is yet.

QUESTION: I think the difference in the two results is basically a differ-
ence in ground rules. Pratt & Whitney was using a one-stage-to-orbit module
and GD/A was using a two-stage vehicle. Mr. Mulready, in your performance
estimates or performance tests of plug cluster, have you ever tested this thing
with external flow simulating flow around the vehicle?
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MR. MULREADY: No. I think that is planned as part of the current program.

QUESTION: You have done some preliminary tests?

MR. MULREADY: Yes.

MR. THOMPSON: Some preliminary tests indicated, I think, a half-percent
loss. At that time the aspect of shrouds and other things had not been con-
sidered in the vehicle configuration. I think the present study will give us
the answers.

MR. MULREADY: With regard to the secondary flow on the outside, looking
at how the vehicle would fly, it seems that by the time the velocities are high
enough for us to be concerned seriously about this, the pressure ratio is
already high enough so that it is not a problem any more. It looks like you
skirt the problem.

MR. ATHERTON, Pratt &. Whitney: Maybe I can shed a little light on this
external flow. I think the Lewis Center has done considerable work in this
area, which is worth mentioning, testing both completely internal expansion and
combined internal-external expansion plus clusters. They found that the amount
of internal expansion was significant in the effect that it had on performance
reduction with external flow. For a modular type construction, with perhaps
20-to-l area ratio internal to 100-to-l overall, the more the internal expansion
provided the more the effect of external flow is reduced, chiefly because the
boattail angle is a lot lower in the back.

MR. BARTZ: I didn't quite follow the configuration of the spiral cooling
disks. If I understood correctly, the spiral must intersect the plane of the
wall at one point - the spiral has to run out at one point.

MR. MULREADY: Yes.

MR. BARTZ: Does that not mean that you are essentially injecting your
coolant at one point and not circumferentially uniform?

MR. MULREADY: Those involute grooves cut into the surface were cut all
the way around, very close together. It is a way of making up the porous mate-
rial that you divide up axially.

MR. WEIDNER: Do you have a sample?

MR. MULREADY: Yes.

COMMENT: In this particular case there are 35 involutes and they are
0.020 of an inch apart, very little difference.

MR. SLOOP: I realize that your technique is experimental at this point.
When you said it was competitive to other methods, what did you mean?

MR. MULREADY: We did two designs all the way through. We did them at a
250,000-pound-thrust size, and the transpiration cooled, using Rigimesh, all

108



stainless steel, was on the order of 170 to l80 pounds. This design vas on the
order of 60 to 70 pounds heavier. So it is somewhat iieaver, as well as we know
how to do it now. This could change depending on the temperature limit of the
material that we used.

MR. SLOOP: To what area ratio did you go for this?

MR. MULREADY: 5 to 1. We would carry it to k to 1 on the flight-weight
design "because that would drop the heat-transfer rate to a value that can be
handled "by regenerative cooling.

MR. ATHERTON: For the "benefit of John Sloop, the weight of that chamber
compared to the Rigimesh type construction makes less than a ̂ --percent change
in the engine weight. It is a little heavier "but it is less than a U-percent
change.

MR. MULREADY: In the plug-in cycle the preburner, which is the low-
mixture-ratio combustion section, is located inside the transition case. The
discharge of the 1,500° gas from the preburner system provides the gas flow
which flows down through the two turbines which are plugged in; the turbine
packages are plugged in so there are no hot lines between the preburner and
main chamber. All the lines are either ambient or cold, the cryogenic lines,
and the engine surfaces are cold.

MR. THOMPSON, Marshall: I believe the longest duration I have heard before
on high-pressure combustion hardware was approximately 0.9 second.

MR. MULREADY: That is correct. Three seconds is an eternity. The erosion
that we suffered is a very, very small quantity of copper that we lose in a
fraction of a second.

109



TABLE I

ADVANCED BOOSTER TECHNOLOGY

ITEM

PLUG CLUSTER
NOZZLE

TVC

A) SECONDARY
INJECTION

B) DIFFERENTIAL
THROTTLING

C) COOLED
FLAPS

OBJECTIVE

Cv = 0.975 FOR 10% LENGTH

ADEQUATE RESPONSE
AND

EFFECTIVE ANGLE

MINIMUM PERFORMANCE LOSS

STATUS &
CURRENT EFFORT

Cv = 0.965 NAS8 - 11023

WILL CONTINUE PROGRAM

A) SATISFACTORY SCALE MODEL
PERFORMANCE -
DEMONSTRATION ON RL10 -
NAS8 - 5070
PLUG CLUSTER TEST -
NAS8 - 11023

B) PRELIMINARY TEST AND
ANALYSIS SATISFACTORY -
NAS8 - 11023
WILL CONTINUE PROGRAM

C) NASfl - 11023
WILL CONTINUE PROGRAM

RECOMMENDED
EFFORT

HOT FIRING TESTS

COMPREHENSIVE ANALYTICAL

HOT FIRING MODEL TEST
> PROGRAM TO BE DEFINED

FOLLOWING CURRENT EFFORT

TABLE II

ADVANCED BOOSTER TECHNOLOGY

ITEM

COMBUSTION
A t P R E B U R N E R

B) MAINBURNER

C) TANDEM

0} STABILITY

E) IGNITION

COOLING
A) FILM-
TRANSPIRATION

OBJECTIVE

LIQUID FUEL INJECTION
O/F = 1.0
Pc = 5000 PSIA
FLAT TEMP PROFILE

HOT GAS FUEL INJECTION
O/F = 7.0
PC = 3000 PSIA
>?c. = 98% +

A ) + B )

ADEQUATE DAMPING

HYPERGOLIC IGNITION
WITH O; - H:

'/i OF 17. Up IOSS FOR
1 MILLION POUND THRUST
ENGINE AT Pc= 3000

STATUS &
CURRENT EFFORT

NO TEST WORK-
DESIGN LAYOUT & ANALYSIS
INDICATE PRACTICAL DESIGNS
POSSIBLE

TEST ^c.= 95% + AT Pt FROM
2500 TO 3500 PSIA

NO TEST EFFORT-
COMPLETE ENGINE SYSTEMS
HAVE BEEN DESIGNED

NAS8-11024 STABILITY TESTS
NASB-11038 DAMPING ANALYSIS

HYPERGOLIC IGNITION
DEMONSTRATED WITH
1) 0.05% OjF, IN LO; (NAS6-2690)
2) METAL POWDER IN LHi
3) CATALYSTS (NAS8-2690)

DEMONSTRATED RELATIVE
COOLING EFFECTIVENESS AT 10 K
NO DIRECT SUPPORT

RECOMMENDED
EFFORT

A) TEST PROGRAM
AT 10, OOOff THRUST SCALE

B) TO BE COVERED UNDER C)

C) 10,000ft THRUST TANDEM
COMBUSTION TESTS

D) DAMPING DEMONSTRATION
TESTS

E) TEST OF METAL POWDER
IN LH .

CONTINUED COOLING TEST
IMPROVED MATERIALS

PLUG SECTOR
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TABLE III

ADVANCED BOOSTER TECHNOLOGY

ITEM

TURBO-
MACHINERY

A) FUEL PUMP

B) LOX PUMP

C) LOW SPEED
INDUCER

D) BEARINGS

E) SEALS

F) TURBINE
COOLING

OBJECTIVE

SOK SIZE f) - 58%

50 K SIZE 1000 GPM, 5000 PSI

MINIMUM NPSH

( UNDER 1 FT AT 1G )

ROLLING ELEMENT 2*10" DN
HYDROSTATIC - ?

17000 FPM RUBBING VELOCITY

1700° DISC AND ATTACHMENT
THERMAL GRADIENT

STATUS &
CURRENT EFFORT

9 = 54% AT 4000 PSI
NO CURRENT DIRECT SUPPORT

800 GPM
4200 PSI
NO CURRENT DIRECT SUPPORT

WATER FLOW TEST

NO DIRECT SUPPORT

2.4x10* DN ROLLING ELEMENT

4x10* DN HYDROSTATIC

NO CURRENT DIRECT SUPPORT

SEALS OPERATE IN H,
AT THESE VELOCITIES

NO CURRENT DIRECT SUPPORT

NO CURRENT DIRECT SUPPORT

RECOMMENDED
EFFORT

PERFORMANCE OFF DESIGN
THRUST BALANCE

PERFORMANCE AND
MECHANICAL EVALUATION

SCALE TEST 0, A H;

INVESTIGATION OF LIFE/LOAD
AT HIGH DN

MATERIAL &
CONFIGURATION TESTS

SPIN TESTS UNDER SIMULATED
ENVIRONMENT
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INSTALLATION OBJECTIVES

• DIRECT THRUST STRUCTURE

• HIGH AREA RATIO IN SHORT LENGTH

• ALTITUDE COMPENSATION

• VARIABLE THRUST

• HIGH MISSION SUCCESS PROBABILITY

• INSTALLATION FLEXIBILITY

• ACCESSABILITY

• REUSABILITY

Figure 1

TRUNCATED PLUG INSTALLATION

Figure 2
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PROPELLANT PLOW SCHEMATIC - TANDEM COMBUSTION

H2[>

Figure 5

Figure 6.- Engine model.



COOLED PLUG SCHEMATIC

T 1450°F
430 SEC lsp

Figure 7

PERFORMANCE OF 24 MODULE PLUG CLUSTER NOZZLE
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Figure 8
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Figure 11.- Pump developed by Air Force.

Figure 12.- Oxygen pump.
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Figure
.- Injector developed by Air Force.

Figxire 1^-- Copper disk.
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Figure 15.- Artist's concept of test rig.

Figure 16.- Photograph of throat.
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COOLED-CHAMBER TEST DATA

RUN 6:01

984°F

0.07 0.10 0.15

-CHAMBER PRESSURE

THROAT TEMPERATURE - °F

-H
I——\

3,000 PSIA

0.201.00 2.00 2.80
TIME - SEC

Figure 17

2.85 2.90

Figure 18.- Flight weight design - wafer cooling
technique.
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DEVELOPMENT COST THROUGH PFRT
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10. ENGINE SYSTEMS

Part I

By Sam F. lacobellis

Rocketdyne Division
North American Aviation, Incorporated

Before showing our recommended engine configurations it might be well to
discuss some of the pertinent technology areas.

Our first area is advanced nozzles. During the recent years there has
been considerable work addressed to the application of annular nozzles to rocket
engines. The peculiar expansion process of the annular nozzles allows a high
efficiency for relatively short length expansion surfaces. Furthermore, the
annular nozzles lend themselves quite well to segmentation. Segmentation in
some form we feel will be necessary for the thrust levels that we are speaking
of now.

Figure 1 shows two wind-tunnel schlieren photographs of an KF nozzle. The
photograph on the right was taken at a high pressure ratio. Note that the gas
is fully expanded and flowing in the axial direction. The nozzle efficiency at
high pressure ratios is something like 99 percent. The schlieren photograph on
the left was taken at a low pressure ratio. In this case the gas is prevented
from fully expanding by the base pressure and there is a degree of altitude
compensation.

In addition to numerous wind-tunnel tests, we have hot fired two annular
thrust chambers. We have fired a 50K storable propellant E-D chamber and a
10K lox/hydrogen R-F chamber under Air Force support. The 10K chamber is shown
in figure 2 contrasted to an 80-percent-length bell chamber of the same area
ratio. This model was fired at Rocketdyne at low pressure ratios and is pres-
ently in the Lewis Research Laboratory tunnel for altitude data points. I
believe more on this work will be discussed in Mr. Beheim's session; however, I
would like to bring out a few points at this time. In this figure we have CT,

defined as the ratio of C-p actual to C-p ideal, plotted against pressure

ratio. At the high pressure ratios we see that the performance of the short
length RF nozzle is equal to or about equal to the 80-percent bell nozzle, and
at design pressure ratio and below it is superior to the 80-percent bell.

The point that I think is significant is that this 10,000-pound-thrust

engine is no longer than &=• inches from the throat to the nozzle exit. It is

only some 20 percent of the overall length of the equivalent bell thrust cham-
ber. This could mean length reductions of 30 to ̂ 0 feet when you speak of the
Nova size engine.

I would also like to point out that we feel that the annular nozzle alti-
tude compensation, while providing performance higher than the bell nozzle, is
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not high enough. The work done at Lewis a couple of years ago by Connors and
others showed something like 98 percent of ideal nozzle performance. That was
when the whole center "body was open to ambient air. I am sure some of that
work will also be discussed in subsequent papers. We are of the opinion that
the degree of altitude compensation shown in this figure can be improved, per-
haps with center body bleed or by other devices.

In our work with annular nozzles we have experienced some structural prob-
lems. We have found that it is very difficult to hold the throat gap in the
annular nozzles. When the throat area is distributed around the periphery of
an annular nozzle the linear throat gap dimension is relatively small. Conse-
quently, a throat tolerance problem is created. Furthermore, it is difficult
to design a simple cooling system to cool the throat lip and a simple struc-
tural member to resist the bending moment created in the throat region. The
same problems are magnified in a spike nozzle configuration because the throat
is spread out at a larger radius.

A solution to the structural problems as well as a way to achieve segmen-
tation is the multichamber concept. This is a concept in which the annular
throat is divided among discrete ports.

At Rocketdyne we have cold-flow tested spike models with a continuous
annular throat, 8 discrete ports, and 12 discrete ports. Figure 3 shows one of
the models and the wind-tunnel installation.

We also have tested an E-D type nozzle with a continuous throat configu-
ration, 8-port, and 12-port throat configurations. The E-D wind-tunnel model
is shown in figure h-.

The performance of these multichamber nozzles is shown-in figure 5. We
have normalized the performance and compared it to that for the annular nozzle,
so we have Op multichamber divided by Cp annular for the spike and E-D con-
figurations. The dashed line is for the 8-hole cluster, and the solid line is
for the 12-hole cluster. With the spike model we found some 10 to 12 percent
loss in Cp. With the E-D configuration, we found k percent and 2 percent loss
in performance for the 8- and 12-port nozzles, respectively. It is intuitive
that more and more throats would improve the performance and cut this deficit
down. However, there is a limit to how many nozzles are practical. We believe
the practical number is in the region of 8 to 12.

The other concept that we are studying at Rocketdyne is the toroidal thrust
chamber, which also solves the structural problems mentioned earlier. In this
concept the nozzle is segmented down to its most basic element, the coolant
tube. The coolant tubes are formed in a hoop configuration, and assembled as
shown in figure 6 to form the combustion chamber. The injector plate is shown.
Propellants are mixed and burned in this region and egress through the throat
region which was formed by swaging of the individual tubes. A complete toroid
is shown in the upper left-hand side of the figure. The torus could be broken
up into linear segments as we wil̂  show later.
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When the concept was first conceived we were concerned about the shock
losses, or loss of total pressure, caused "by the tubes in the throat region.
We studied this analytically and experimentally and found that for the ratios
of throat to chamber tube diameters of interest, we were experiencing a 5 per-
cent loss in total pressure. This converts to a OA to 0.5 loss in Op.

On the "benefit side, admittedly somewhat of a serendipity, we found a
degree of controlled expansion in the throat region of the toroid. Figure 7 is
a cold-flow schlieren photograph showing three circular tubes. The flow accel-
erated to Mach 1 at the aerodynamic throat which is located near the geometrical
throat. The flow continues to accelerate under the influence of the circular-
tube surface until a Mach number of approximately 2.2 is reached.

We analyzed this controlled expansion "by the method of characteristics.
The calculated flow fields for a continuous throat and the toroidal throat noz-
zle are plotted in figure 8 for a pressure ratio of 20. The continuous throat
flow field is shown on the left. The flow is Mach 1 in the throat region and
expands until it reaches the "base pressure.

With the toroidal configuration, the gas leaves the influence of the
throat, or the control surface, at a Mach number of 2.2. Therefore, there is a
reduced expansion angle at the throat although the gas senses the same base
pressure. The resulting flow field is shown on the right. The net result is
that there is a greater degree of recompression on the nozzle wall for a toroi-
dal throat than for a continuous throat configuration at the same pressure ratio
and base pressure.

These analytical results were verified by an experimental test program.
Our wind-tunnel model is shown in figure 9- It is a two-dimensional slice of
an annular nozzle. The model was so designed in order that various throat
configurations could "be tested with the same nozzle shroud. The model in this
photograph has a toroidal throat section with 9 circular tubes installed. Also
tested was a rectangular continuous throat section having equivalent throat
area allowing us to compare the toroidal throat with the continuous throat
configuration.

The model was equipped with plexiglass side plates so we could take
schlieren photographs as well as thrust and pressure readings. Notice that
this two-dimensional model simulates a slice from an R-F or E-D type nozzle, as
well as a spike type nozzle. We think the data obtained are valid for both
configurations.

A schlieren photograph of the flow field for the continuous throat configu-
ratio is shown in figure 10. While the pressure is slightly higher, i*-0 not 20,
the point can "be made. The flow is at Mach 1 at the throat and expands to angle
described by the last left running characteristic line. There is a strong com-
pression near the region that was predicted analytically. Note that the com-
pression and expansion pattern is very similar to the analytical flow field
shown in figure 8.
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A schlieren photograph of a toroidal throat configuration at a pressure
ratio of 20 is shown in figure 11. In this case the flow has reached Mach 2.2
before it leaves the expansion surfaces of the toroidal throat tubes. Conse-
quently, the Prandtl-Meyer turning angle is considerably less and the last left
running characteristic line is displaced considerably from that in figure 10.
Note that the flow field is almost identical to that predicted analytically.
The strong reconrpression on the nozzle wall is in the region nearer the throat,
with compression and expansion regions varying along the wall.

Figure 12 shows some results of the cold flow test program. The experi-
mental Op values of the two models are plotted as a function of pressure

ratio. The solid line is drawn through the continuous throat data points and
the dashed line is drawn through the circular pin toroidal throat configuration
data points. At the high pressure ratios, there is a loss of about one-half
percent in Cp for the toroidal throat configuration, because of the 5 percent

loss in total pressure.

In the lower pressure rate region, the beneficial controlled expansion
effect resulted in a higher CJP which was significantly higher for the toroidal
model.

Figure 1J shows the performance of the multichamber spike, multichamber
E-D, and toroidal models plotted on the same normalized basis, the Cjp of the

multichamber or toroidal model divided by the Cp of the respective continuous

throat configurations. For the 8- and 12-port spike configurations, the per-
formance was down approximately 12 and 10 percentage points, respectively, at
design pressure ratios and above. In the case of the 8- and 12-port E-D, the
performance was approximately k and 2 points down, respectively, at design
pressure ratios and above. In all spike and E-D multichamber configurations
the relative performance was somewhat lower at pressure ratios below design.

In the case of the toroidal model, the performance was down approximately
1 percent at the high pressure ratios, one-half percent due to the total pres-
sure loss mentioned earlier and the other half percent being due to the slight
adverse effects of controlled expansion at altitude conditions. At the lower
pressure ratios the performance of the toroidal model is significantly better
than that of the continuous throat configuration. It can be seen that the
toroidal throat configuration provided better relative performance than the
multichamber models over the entire range of pressure ratios tested.

So based on performance alone we are quite enthusiastic about the possi-
bilities of the toroidal combustor.

We have hot fired two toroidal models. (See fig. 15-) The model on the
left utilized storable propellants and the model on the right utilized
lox/hydrogen. The thrust level of both was approximately 6,000 pounds. The
chamber pressure of the storable model was approximately JOO psi, and the
lox/hydrogen model approximately ^50 psi. The models ran stably in both pro-
grams and we achieved what we think is pretty high efficiency, although the
main test objectives were feasibility demonstrations. The C efficiency was
9^ percent in the storable case and near 100 percent in the lox/hydrogen
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program. Both efficiencies were based on frozen equilibrium. The 100-percent
C* is quite reasonable when you consider it was based on frozen equilibrium.
At the mixture ratio tested, 100-percent frozen equilibrium corresponds to
approximately 98 percent of shifting equilibrium.

The main thing about the annular nozzles and the toroidal in particular is
their capability of being segmented. (See fig. 15-) We foresee a development
program that would lead toward a 2̂ —million-pound engine which could conveni-
ently be broken down into four phases. A considerable amount of development
work could be conducted in Phase I with a 100K thrust test segment. Most of
the injector, cooling, ignition, and stability development testing would be
conducted during Phase I. During Phase II enough tubes would be put together
to investigate the coupling effects. This phase of the development could be
at the 1 million to 1.5 million thrust level; however, we believe that you
could adequately conduct Phase II at the ÔOK thrust level.

In Phase III a deliverable segment would be developed. It would be this
sector that we would develop to FFRT and Qualification. The engine manufacturer
would stop his development work at Phase III and deliver the sector to the
vehicle people or to NASA, much like we are doing in the case of the H-l.

The main point here is that we are proposing the development of a 2.k-
million-pound thrust engine, or even a 30-million-pound engine, which would
have most of the development work conducted at the 100K thrust level. This is
more than two orders of magnitude lower in thrust, yet we would be doing devel-
opment work directly applicable to the end item. There would be no scaling
problems or factors to consider as the thrust chamber tubes and injector devel-
oped in Phase I would be the actual size used in the final engine.

The parameters of a toroidal combustor for a 30-million-pound engine that
has a nominal chamber pressure of 2,500 psia are indicated in figure 16. We
have found that because of the swaged portion of the tubes in the throat region,
the best pressure vessel configuration is not a circular hoop but an oval one.
The 15-inch dimension is the average diameter of the oval. For the 30-million-
pound engine the major diameter of the oval would be 18 inches and the minor
diameter 12 inches. The other dimensions are shown in the figure. Based on the
available data, we believe that 1 percent of hydrogen film cooling will be ade-
quate (l percent of the total propellant flow).

Figure 17 shows a hard mockup of the Phase I toroidal segment. The seg-
ment and tube dimensions are identical to the segment that would be used in the
development program for the 30-million-pound Nova engine. This flight-weight
model measures only approximately 5 inches x 18 inches X 18 inches but will
develop 80,000 pounds of thrust, about 100,000 pounds with a nozzle shroud at
2,500 psi. The hard mockup is made of aluminum and weighs approximately
20 pounds. We recommend Inconel Tl8, which would increase the weight to some
60 pounds. Still we are talking about 60 pounds, not 600 pounds as you might
assume if current thrust-to-weight ratios of conventional engines were used.

The model is equipped with a flight-weight manifold and injector. The
oxidizer enters the swirler injector tubes from the lower half of the manifold.
The hydrogen enters the upper half of the manifold from the left, leaves through
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the annulus of the concentric tube injector, and mixes with the oxidizer
swirling out of the center. The injector design is much like the J-2. Rigimesh
is employed for cooling the injector face.

Going back to the development sequence, we think that you can do much of
the development work with a model of this size and "bring the reliability up to
a high level with a reasonable-cost test program. Let me reiterate that while
this work would be done at more than two orders of magnitude lower in thrust
level, the Reynolds numbers, combustion temperatures, and so forth are the
actual ones that will be experienced in the 30-million-pound engine.

Another nozzle configuration that has evolved at Rocketdyne is what we call
the aerodynamic nozzle. Figure 18 shows two aerodynamic nozzle concepts. The
one on the left is the concentric tube concept. Briefly, primary flow comes
through the center tube, chokes at the exit, and continues to accelerate against
the secondary flow. In most cases the secondary flow also goes supersonic. We
have tested this concept with both cold and hot flow models and achieved overall
efficiencies as high as 92 percent Cjp (compared with 0.983 for a 15° half-
angle cone) with approximately 10-percent secondary flow. We also achieved
about 9° percent Cp efficiency with no secondary flow.

The concentric tube concept is interesting; however, the configuration that
looks more attractive to us for liquid engines is the aerodynamic spike shown
on the right. In this case the primary flow is directed around the periphery
and expands against the secondary flow in the center to form an aerodynamic
contour much like an actual spike metal contour.

To date, we have optimized two of the five parameters that appear impor-
tant, the primary flow discharge angle p and the amount of secondary flow for
a given area ratio. We found that 14-5° was "the best (3 angle after testing 15°,
30°, 5̂°j and 60°. We have found that secondary flows on the order of 2 to
5 percent seem best.

Some experimental data for a p angle of ̂ 5°> and for 5 percent secondary
flow, are shown in figure 19- On the left-hand side of the figure is a schlie-
ren photograph that shows the formation of the aerodynamic spike. This model
had an area ratio of 25:1 and a p angle of 45°. This photograph was taken
when the secondary flow was approximately 5 percent and the pressure ratio was
9̂1- Note the supersonic pattern of the primary flow as it leaves the throat
and the converging subsonic secondary flow, which also chokes a short distance
downstream.

The combustion efficiency ratio is plotted against pressure ratio. At the
design point we have increased the performance from 93 percent with zero sec-
ondary flow to 96 percent with approximately 5-percent secondary flow. The
performance with approximately 2-percent secondary flow also looked almost as
good.

These data can be looked at in another light. Let us compare the aero-
dynamic spike with a typical system like the F-l. Because of the gas-generator
flow, the specific impulse of the F-l engine system is approximately 98 percent
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of the reference thrust chamber Is. After the gas-generator flow leaves the
turbine, it is somewhat surplus and is discharged as conveniently as possible,
mainly in such a manner as to avoid a recirculation problem. Maximum perform-
ance recovery usually is not the governing factor. In the F-l, the gas-
generator flow is discharged in the nozzle a considerable distance downstream.

If the gas-generator flow is available as secondary flow for the aerody-
namic spike nozzle, the performance values quoted in connection with figure 19
can be increased. By discharging the gas-generator gases in the center body of
the aerospike, the secondary flow can be considered somewhat gratis. On this
basis the Is of the aerospike engine would be 0.977 of the reference, as
opposed to 0.98 for the conventional engine. At first it appears like good
salesmanship to compare the systems this way. In many respects it looks like
it holds.

In our cold-flow tests, the secondary flow was taken from the main chamber,
or the plenum, then its pressure was reduced to a value on the order of 0.03 of
Pc before it entered the center body cavity. This pressure is about the same
as that available after the gas-generator gas goes through a conventional tur-
bine cycle. It should be noted that in figure 19, our Cp calculations were
based on the total flow rate, Wp (primary) and Wg (secondary). In this
case, 5 percent was actually taken from the primary flow and diverted as secon-
dary flow and the result was a 3 percent increase in performance. In a way we
would have been pleased with just the same 93 percent because we were taking
high pressure gas and diverting it to the center body as secondary flow.

In summary, the 96-percent performance looks promising, especially after
examining only two of the aerodynamic spike parameters. In addition, 2 percent
of the secondary flow might come somewhat as a gift if the gas-generator gases
are discharged in the center body of the aerodynamic spike nozzle.

Another attractive configuration that combines the toroid and the aero-
dynamic spike nozzle is shown in figure 20. Additional control surface is
added to the toroidal combustion chamber to provide an area ratio of approxi-
mately 16 to 1. The engine configuration is shown in the lower left-hand por-
tion of the figure and consists of 10 linear segments of toroidal combustors.
The toroidal segments are designed to rotate so that at sea level and low pres-
sure ratios the toroidal chamber throats would discharge in the axial direction.
Therefore, the Cp versus pressure ratio would approximate a l6:l-area-ratio
bell nozzle. At the desired altitude the linear segments would be rotated
inward so that an aerodynamic spike nozzle of higher area ratio, say 100:1,
would be formed. Therefore, the preferred portions of the Cp versus altitude
of both a 16:1 two-dimensional bell nozzle and a 100:1 aerodynamic spike nozzle
are utilized as shown in the qualitative plot in the lower right-hand portion
of the figure.

Numerous studies on chamber pressure optimization are summarized in fig-
ure 21. The results of a chamber pressure optimization for an Og/Ĥ  single
stage to orbit vehicle are plotted in this figure for two cases. The results
on the left were calculated for engine weights based on today's technology and
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on the right, based on advanced technology. Curves of percent change in pay-
load versus Pc are plotted in both cases for bell and annular nozzle con-
figurations. Each curve actually represents the peaks of a family of curves
of constant area ratio.

Based on today's weight technology, a chamber pressure of approximately
2,200 psia is near optimum for both the bell and annular nozzle configurations.
Gains of 8 percent and 30 percent are shown for the bell and the annular nozzle,
respectively, over a bell nozzle operating at a reference chamber pressure of
1,000 psia. Here we assume full altitude compensation - not 100 percent, but
we have assumed that Phase equals Pambient- If we assume engine weights
based on advanced technology, the maximum payload changes occur at 2,800 to
3,000 psia. Payload gains as high as h-0 percent are possible if we could
achieve these lighter engine weights. It should be noted that base pressures
were assumed equal to ambient pressure for the annular nozzles in these studies.
We might summarize here that 2,200 to 2,500 psia appears to be a good chamber
pressure goal. Certainly the optimum lies between 2,000 and 3*000 psia.

I believe that it should also be pointed out that Rocketdyne, as well as
the other engine manufacturers, have been quite optimistic about the film
cooling potential of hydrogen. Because we have exceeded the capability of the
regenerative cooling techniques at these chamber pressures, we are depending on
film cooling. These curves do not include any performance degradation because
of the film cooling as hydrogen appears to be an excellent film coolant. How-
ever, if we do suffer a performance loss, the optimum chamber pressure, of
course, would be lower.

Cycle analysis is another pertinent area. The question of cycle selection
has been with us for the last decade at least. We have conducted extensive
cycle comparison studies for the J-2, and earlier for the F-l, and I have read
where similar studies were conducted for the V-2 engine.

The two main candidate cycles, the gas generator and the topping, are shown
schematically in figure 22.

The secondary flow paths are represented by dashed lines in both cycles.
In the gas-generator system, depending on the Pc, we take something like 1.5

to 3 percent of the main propellant flow and route it to the gas generator.
The gas-generator flow drives a high-pressure turbine, either in series or in
parallel. It is usually then discharged overboard via the main thrust chamber.

In the basic topping cycle, for chamber pressures above 1,100 or
1,200 psia, it is prudent to route all of the available hydrogen fuel to the
gas generator or preburner. There it is mixed and burned with an amount of
oxidizer dependent on the turbine design temperature, usually in the range of
1,200° to 1,700° F. The gas-generator gases drive a relatively low pressure
ratio turbine and are then injected with the remaining oxidizer and burned in
the main combustor. The topping cycle does offer the possibility of higher
performance because all of the gases are dumped into the main combustor.
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The "big thing that concerns us in the topping cycle is the required pump
discharge pressure to sustain a given chamber pressure. It is much higher in
the case of the topping cycle than it is in the case of the gas generator.
Furthermore, this high-pressure fluid must "be burned in this fairly substantial
topping cycle gas generator. In the gas-generator cycle on the left, something
like 2 percent of the flow is burned in the gas generator, whereas in the
topping cycle gas generator something like 4̂-0 percent of the total weight flow
is required. Because it is mostly hydrogen, the flow ratio is higher volumewise.

One might argue in favor of this system because the hydrogen is truly in
the gaseous phase, and this would help combustion stability in the main chamber.
This is true. But up here in the gas generator or preburner we are still
dealing with liquid propellants and you might just be transferring the problem.
The temperature is down in the gas generator but the advantage might be offset
by the significantly higher combustion pressure. So you might be just trans-
ferring the stability problem from the main chamber to the precombustor.

Admittedly most of the previous comments in opposition to the topping cycle
have been qualitative in nature. Figure 23 contains some quantitative data.
The required pump discharge pressure versus chamber pressure is plotted in this
figure for both the topping cycle and the gas-generator cycle. Two sets of
curves are shown for the topping cycle. The left two curves are for relatively
low pump and turbine efficiencies and the right two curves are for relatively
high pump and turbine efficiencies. The two curves shown dashed are for a tur-
bine temperature of 1,200° F and the solid curves are for 1,700° F. Film
cooling was assumed to minimize pressure drops.

Two curves are shown for the gas-generator cycle. The dashed curve repre-
sents the required pump discharge pressure if regenerative cooling were the
only cooling technique employed, whereas the solid line represents combined
film and regenerative cooling.

Assuming the high efficiencies and a relatively high turbine temperature,
it can be seen that with the topping cycle a pump discharge pressure of approxi-
mately 6,000 psia is required to sustain a chamber pressure of 3,000 psia. In
the case of the gas-generator cycle, on the other hand, a chamber pressure of
3,000 psi can be sustained with a discharge pressure of approximately ,̂100 psia.
We think that this higher pump discharge pressure is quite important. Further-
more, the sensitivity or influence coefficients of the topping cycle will be of
the first order. Note the slope of these constant efficiency curves. If the
efficiency is missed by a couple of points, it will switch you quite a way down
in Pc. It would be quite difficult to develop a thrust chamber simultaneously

with pumps because of the uncertainty in pump and turbine efficiencies.

Another way to look at that comparison is to take the heart of the rocket
engine, the pump, and hold it constant. Let the pump discharge pressure be
equivalent, say 5.̂ 000 psia. With a topping cycle a 5>000 psia pump discharge
pressure would provide a Pc of about 2,500 psia; with the gas generator a

5,000 psia pump discharge pressure would sustain a Pc of something like

3,700 psia. With the higher area ratio that it would allow, the 3*700 psia
chamber pressure and gas-generator cycle could provide a higher specific impulse
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than that provided "by the topping cycle operating at a chamber pressure of
2,500 psia. At this time, Rocketdyne feels that the gas-generator cycle is the
preferred system even for high Pc.

Air augmentation is the next area that we would like to discuss. Figure 2^
perhaps best explains the interest in this area. For an ideal mass increase,
the thrust augmentation ratio is plotted as a function of velocity ratio Vo/Vr
for constant ratios of air to rocket gas flow rates. For ratios of air to
rocket gas of 1, 10, 20, and JO, air augmentation ratios of roughly lA, 3* ̂ ,
and 5> respectively, are shown at low rocket velocities. As the vehicle veloc-
ity v"o approaches the rocket gas exit velocity Vr the augmentation ratio

decreases. At the limiting case of vehicle velocity equal to rocket gas veloc-
ity, the augmentation ratio reduces to unity. The basic problem involved with
air augmentation is whether the required mixing duct can be made light enough
so as not to overcome the specific impulse gains.

The result of some work conducted at the Martin-Marietta Company 2 years
ago is shown on the left in figure 25- A mixing duct with a length-to-diameter
ratio of ̂  was assumed for a Titan type booster with two nozzles. The object
of this figure is to suggest the possibility of using advanced nozzles, the
toroid shown on the right, to reduce the required mixing length for the same
mixing surface. By using two concentric toroid chambers as shown, the length
was reduced by roughly one-half while maintaining the same mixing surface area.

Perhaps we should approach air augmentation from the other end; it might be
that a very slight amount of air is best. Earlier the comment was made that the
recommended air to rocket gas ratios were decreasing from approximately 10 to
approximately 4. We would like to suggest that these ratios may be even less
than 1; perhaps O.kO or 0.50 might be most attractive from an overall standpoint.

Figure 26 depicts an aerodynamic spike configuration, with inlet provisions
to bring aboard a relatively small amount of air as secondary flow for the aero-
dynamic spike. In this manner we would be utilizing the aerospike center body
cavity, so to speak, as an air-augment er mixing duct. Recall that the 96 per-
cent efficiency shown for the aerospike was based on total flow.

While some controversy exists as to the net amount of payload increase
possible with air augmentation, I believe most investigations are in agreement
that it is not prudent to have an energy exchange as well as a momentum exchange
between the ducted air and rocket exhaust products. It doesn't pay to leave the
rocket exhaust products in the fuel-rich condition and wait for ducted air to be
brought aboard for subsequent afterburning. For example, at, say, 20,000 to
30,000 feet of altitude at Mach 2 or 3, the ducted air has only a total pres-
sure in the neighborhood of 30 psi. So if you just delay with some of the fuel-
rich high-pressure rocket exhaust products and burn at that pressure, there
isn't too much performance to gain.

We would like to suggest another approach, where the air would be taken on-
board, liquefied, pumped to a relatively high rocket pressure, and burned in a
conventional rocket engine. Figure 27 shows what we mean by conventional. Air
enters the duct and is precooled and condensed in a heat-exchanger configuration
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similar to the Marquardt and Air Research design, with the hydrogen being the
working fluid. The condensed air is collected in a sump and pumped to high
pressure. In this case we have pumped the liquefied air to 500 psia. It is
then burned with approximately 10 percent of the tanked hydrogen in the rocket
augmenter at a mixture ratio of liquid air to hydrogen of 33 to 1. The
remaining hydrogen is burned with the oxidizer in the main aerodynamic spike
toroidal engine. In this case, 7-9 million pounds of thrust was delivered by
the augmenter and 30 million pounds of thrust by the conventional rocket at sea
level conditions. Our calculations showed an increase of some 90 seconds with
this system at sea level over a conventional O^ftp rocket engine.

We have run trajectories with this configuration as a booster of an

two-stage-to-orbit vehicle and found a 20- to 25-percent payload advantage over
a conventional two -stage -to -orbit rocket vehicle. A 0̂-percent payload advan-
tage was calculated for a single-stage-to-orbit vehicle. We find that if you
take the air inlet and the heat exchanger and stage it much like the stage -and -
a-half Atlas, then a payload advantage of some c^- percent is possible over a
conventional single-stage-to-orbit vehicle.

As an indication of the weights we are talking about here, all of the
paraphernalia required for the augmenter, liquefier, and pumps comes out to a
thrust-to-weight ratio of approximately 35:1- This is low compared with that
of a rocket engine but is quite high in comparison with conventional air-
breathing engines. The rocket thrust-to-weight ratio was on the order of 100:1.
We believe that this system is much simpler than other LACE systems that are
being considered. In this system the air will be liquefied and pumped to rocket
chamber pressure and immediately burned thereafter. Some of the air brought on-
board that might not be liquefied could be discharged much like secondary flow
as previously described in the discussion on the aerodynamic spike nozzle.
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Figure 17-- Mockup of Phase I toroidal segment.
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Part II

By Douglas Hege

Rocketdyne Division
North American Aviation, Incorporated

The preceding discussion covered many of the ideas that we think are prob-
ably going to be incorporated in the next generation of engines. I would like
to put some of these ideas together. We do not arrive at a specific engine.
At the moment it comes out a spectrum of engines: the ED, the spike, the aero-
spike, air augmentation, and advanced air augmentation. (See fig. 1.)

The "ideal" engine, if we had to build it now, we think would have the
toroid combustion chamber. The more we work with this, the easier it gets.
When every step in a project becomes more and more difficult, it is, I think,
a good indication that you are on the wrong track. The farther we go with the
toroid, the easier it is. We can take a single tube and run under actual heat
transfer and cooling conditions. We can afford to burn out a few tubes at a
cost of a few thousand dollars during film cooling development, which is some-
thing that cannot be done in a big engine for millions of dollars. Thus, we
think it would have the toroid combustion chamber. Whether it has an ED or
spike nozzle is immaterial to us.

The airframe people are tending to write off a certain amount of the nozzle
weight as part of the tank bottom. This will have an effect on the chamber
pressure.

There is one point that disturbed me a little bit in the previous discus-
sions. Here we take the base pressure problem from the vehicle people and are
being criticized for not having it equal to ambient. With bell nozzles the
vehicle people have to worry about the base pressure. In an aerodynamic nozzle
the propulsion people are accounting for it. We have great hopes we will get
it equal to the ambient pressure. But this should be taken into account in the
overall vehicle optimization.

If things go as well as we hope, the aerodynamic spike will be the answer.
That is, you can eliminate the metal nozzle and the air flow will create a
pressure field very similar to that for the metal contour.

Air augmentation, I think, is something we want to consider. It is going
to take some time to determine whether it is the thing we are after.

There has been a lot of pressure put on us, and I am sure on others in the
business, to make some significant changes. Let's just not work for that 1 or
2 percent. If this vehicle is going to be single stage to orbit and if it is
going to be recoverable, there is going to be a requirement for significant
improvement. Some 25 and 50 percent performance improvements should be
attempted. If these improvements are real, then some new approaches could be
tried. The single stage under today's technology, I think everybody realizes,
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is marginal. This is the reason ve look at things like the advanced air
augmentati on.

More or less specific versions of the advanced engine would probably be
something like those shown in figure 2 - ED or spike, or aerodynamic spike, we
hope. It will have a toroid combustor, an advanced nozzle. It will have pro-
visions for air augmentation until proven good or bad. It will have the capa-
bility of segmentation testing. We think that you can design, develop, and get
the reliability you want in a segment. We need some way of cutting down on the
development cost, some way of getting a higher reliability without having to
test the whole system the brute-force way.

We are looking at a thrust range of 20 million to 30 million pounds. I
think the thrust level depends on the Nova vehicle configuration. The decision
is not up to us. We will provide an engine whose thrust equals that required.
With regard to chamber pressure, the optimum lies between 2,000 and 3*000 psia,
as discussed in the preceding pages. The aerodynamic nozzle may optimize out
even higher. The optimum chamber pressure also depends on how much you write
off against the vehicle and nozzle. Area ratio and mixture ratio pretty well
optimize out with chamber pressure. The specific impulse figures listed cover
the range of chamber pressure, area ratio, and mixture ratio considered.

In the development program, we have assumed a segment of something on the
order of 6 million pounds of thrust. (See fig. 3-) We say 5 years to PFRT; 7
to Qualification. This is our estimate at the moment of what the development
program would be.

We think that the cost is affected slightly by the chamber pressure:
2,OOOPC and 3,OOOPC. Figure k shows the cost-thrust curves for lox/hydrogen.
We have the same set of curves for lox/RP. A 6-million-pound engine will cost
something like $350 million through PFRT.

With regard to reliability, we have run a series of studies in relation to
number of segments. (See fig. 5-) From this you can get a whole lot of
answers. We found that choice of segment size should not be based on some
parameters that are very highly sensitive. If the basic segment reliability is
assumed to be 0.99> "the overall engine reliability curve is fairly flat in the
low number-of-segment range. It drops off toward the high number of segments.

In relation to the toroid, which has only one combustion chamber, we think
that we will have some high impedance fences or interconnects so the toroid will
not be completely open, so that you may throttle it or shut down a section.
But it will run and operate like a single combustion chamber. Thus, the main
factor is really the pumps. How many pumps? We believe that it is desirable to
have the biggest pump that can be easily built; we think that today this is a
segment of around 6 million pounds of thrust.

We are looking at the facility requirements. Figure 6 emphasizes the fact
that we think we will test the engine just as a segment. You can run it either
vertically up or horizontally out. We think that the engine manufacturer can
do his job with a 20 or 25 percent segment.



Experience has taught us that you are not going to get any of these engines
or any new ideas unless you do go through a predevelopment program and that you
will not actually incorporate advanced features into a propulsion system unless
you have seen it run in large hardware. Almost everything that is in an engine
today had previously "been run experimentally at a significant size. To us, a
minimum size is 100,000 to ̂ 00,000 pounds of thrust.

We estimate that if you assume calendar year 1967 as a go-ahead date, you
have approximately 3-5 years to conduct technology work. (See fig. 3-)

Table I shows the time schedule for the predevelopment program. During
that time period we must make these decisions: In the thrust chamber, what
combustor? Cylindrical, multiengine, or toroidal? What is the nozzle; ED,
spike, or aerospike?

There are certain key dates "by which these decisions will have to "be made
to be able to run an experimental engine program. I believe that what isn't
run in an experimental engine will not go into the engine development program.
We have seen it in the J-2 and F-l. The man who has the responsibility for
doing a job wants his propulsion system based on fact. He wants to see some-
thing. He doesn't want to base the system on a paper design.

We are in the process of running what we call a 3-D PERT chart. Included
are thrust chambers, air augmentation, combustion, and nozzles, only the things
we think need to be done. We are plotting the critical paths and the key deci-
sion dates as to when we must decide which feature we will put in an experi-
mental engine.

Figure 7 indicates our concept of what the thrust chamber of such an exper-
imental engine could be like. We think that the minimum size experimental
engine should be ÔOK; at this thrust level meaningful data could also be
obtained on an experimental turbopump.

Figure 8 shows a typical example of what you can expect. Based on today's
technology, this is what a 6-mi Hi on-pound turbopump will look like. Note the
J-2 engine turbopump. If we can increase the speed through hydrodynamic work,
bearing and seal work, we can arrive at the advanced engine turbopump shown.
And this is typical of the components, the advanced features, that will allow
reduction in weight and size.

This then ends up with a ̂ OOK experimental engine (fig. 9) which we think
should be used to test the features and count on them in a 30-million-pound
engine.
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ADVANCED NOVA ENGINE SPECTRUM

E. D. SPIKE AERO SPIKE AIR ADVANCED AIR

AUGMENTATION AUGMENTATION

Figure 1

NOVA ENGINES
FEATURES
• TOROIDAL COMBUSTOR

• ADVANCED NOZZLE

• PROVISIONS FOR AIR
AUGMENTATION

• CAPABLE OF SEGMENTATION
TESTING

• PERFORMANCE

THRUST = 20-30 MILLION LBS

CHAMBER PRESSURE = 2000 TO
3000 PSIA

AREA RATIO ~ 70-100:1

MIXTURE RATIO 5:1-7:1

SPECIFIC IMPULSE

S. L. = 370-400 SEC

VAC = 440-460 SEC

ASSUMPTIONS
SHIFTING EQUILIBRIUM
TJc* - .96-.98
GAS GENERATOR CYCLE
BLEED GAS FROM TURBINE
AMBIENT E-0 BASE PRESSURE

Figure 2
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TOROIDAL SEGMENT TESTING

THRUST 100K TO 400K

CHAMBER PRESSURE 2000 - 3000 psia

PROPELLANTS LOX/H2

TEST TOROIDAL COMBUSTOR SEGMENT

OF FULL SCALE ENGINE

OBJECTIVES

• VERIFY SEGMENT PERFORMANCE

• ESTABLISH OPERATING CHARACTERISTICS

• EVALUATE COMBUSTION STABILITY

• ESTABLISH NOZZLE DESIGN CRITERIA

• STUDY MATERIALS & CONSTRUCTION

NOZZLE

Figure 7

LH2 TURBOPUMP COMPARISONS

- CONVENTIONAL

ADVANCED

STAGES

SPEED

WEIGHT

DN VALUES

CONVENTIONAL

11

5,400

+28,000

1.2xl06

ADVANCED

7

10,500

17,300

2.7xl06 MAX.

Figure 8
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EXPERIMENTAL ENGINE

THRUST 400K

CHAMBER PRESSURE 2000-3000 PSIA

PROPELLANTS LOX/H2

COMPONENTS

FULL SCALE TOROIDAL COMBUSTOR

EXPERIMENTAL PUMPS

OBJECTIVES:
• ESTABLISH OPERATING

CHARACTERISTICS
START AND CUTOFF

SEQUENCING

VIBRATION

• EVALUATE TAP-OFF TURBINE DRIVE

• VERIFY COMBUSTION STABILITY

• EVALUATE CONTROL REQUIREMENTS

• ESTABLISH SERVICING REQUIREMENTS

Figure 9
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11. SUMMARY DISCUSSION

MR. THOMPSON: How long will it be before you fire a toroidal engine at a
chamber pressure of 2,500 to 3,000 psia?

MR. IACOBELLIS: Our program started in May 1963. It is a 9-month pro-
gram. That would put it early in 196̂ .

MR. THOMPSON: What thrust level?

MR. IACOBELLIS: We will start out with one tube, which will deliver
approximately 20,000 pounds of thrust. We are going to use Rigimesh side
plates and do some film cooling work with the one tube. We hope to perfect the
film cooling with this one-tube model at 20K. Then we will test a four-tube
model and that will be at 80K, 2,500 psia. Our facility will sustain a Pc
of only 2,100 to 2,200 psia for long duration tests. But for short duration
tests, k to 5 seconds, we hope to bring the chamber pressure up to 2,500 psia.
The model is designed for 2,500 psia.

MR. THOMPSON: What type of liquefier were you considering in your advanced
air augmented rocket?

MR. IACOBELLIS: It was the Marquardt heat exchanger. Depending on the
total temperature, the construction material varies from titanium to stainless
steel to aluminum and is approximately 2 to 3 mils thick. We have been working
with Marquardt on their LACES system for the last 2 years. It appears that a
scheme much like the one they tested in 1962 would work here.

MR. CHANDLER, Marshall: Do you have a figure handy in your cycle analysis
on the specific impulse difference? What is the AEgp between the topping
cycle or the preburner cycle and gas-generator cycle?

MR. IACOBELLIS: First, if you look at it for a bell gas generator and a
bell topping, it gets to where it is 7 to 9 seconds lower in the gas-generator
cycle. If you look at it for the case of an annular nozzle, where we might
recoup more performance from the gas-generator flow, much like we showed in the
aerodynamic spike, we think that the difference would be less. However, if you
go along with our constant pump discharge pressure viewpoint, where you might
operate a gas-generator system at 3*700 psi for the same pump discharge pres-
sure, as opposed to 2,500 psi for a topping cycle, it is quite conceivable that
you can have a higher specific impulse with the gas-generator cycle.

MR. CHANDLER: What was the mixture ratio on the Pc optimization?

MR. IACOBELLIS: We did it for both 5 to 1 and 7 to 1. I might add that
for a mixture ratio of 5 to 1, we assume 100-percent frozen equilibrium effi-
ciency, which is about 0.98 of shifting. With a 7 to 1 mixture ratio, we felt
that you probably should assume a lower percentage of shifting because now the
spread between frozen and shifting is greater. I don't think we are at all
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sure whether the process follows shifting or frozen equilibrium. So at the 7
to 1 ratio we lowered our 98 percent down to 96 percent of shifting.

I mention all of that because of our different assumptions and also that
it might add caution in going to mixture ratios of 7:1 or 8:1. For example, at
2,000 psi with an 100:1 area ratio, there is a difference between 100-percent
frozen and 100-percent shifting equilibrium for a mixture ratio of 7=1 such
that you might be off some JO seconds if the process was frozen rather than
shifting.

I think all of us are of the opinion that lox/hydrogen and fluorine/hydrogen
will shift more than lox/RP, but we are not sure to what degree.

MR. VERN JARAMILLO, Hq-MLP: What factors led you to select the elliptical
shape for the toroidal tube?

MR. IACOBELLIS: The surface area isn't equal all around the tube for the
forces to act on because of the throat region. The oval shape is, what we might
say, the minimum energy shape. In other words, there are not any bending moments
in a tube of this shape when the chamber is pressurized. If it was a circular
hoop, then you would have some bending moments.

MR. ESCKER, Marshall: Could you give us a remark or two on your approach
toward side force generations?

MR. IACOBELLIS: Yes. First, I would like to recall some earlier remarks,
that with the larger vehicles and with the hydrogen on the bottom, you might
get by with two or three degrees of gimbaling. This, of course, makes side gas
injection more attractive. It also makes differential throttling quite attrac-
tive, we believe. And so we would want to do some differential throttling work
with the toroid in an advanced technology program. We think we could achieve
the required gimbaling with a small amount of differential throttling.

MR. HEGE: I might also point out that in the advanced air-augmentation
aerodynamic spike configuration we intend to gimbal the linear toroidal seg-
ments so they can also be used for gimbaling. If you rotate a segment about
its center, a section say 6 feet long wouldn't have much moment of inertia. So
it would make gimbaling weight satisfactory for thrust vector control.

MR. MAHAN, Manned Space Flight Center: You indicated on your air liquefac-
tion setup that you obtained better performance than without it. I wonder if
you took into account the added weight, complexity, and reliability of the air
liquefaction equipment.

MR. IACOBELLIS: We took weight into account, but we did not consider the
complexity and reliability factors. Of course, there is a trade-off there. At
this point it appears that we can get these gains with fixed inlets and fixed
augmenter throat area, which simplifies the system but somewhat complicates our
studies because we are taking varied amounts of air on, and, of course, the
total pressure varies. We have flown trajectories such that our total pressure
is not lower than 10 psi to prevent freezing, nor greater than 20 psi to avoid
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taking in too much air; otherwise the Pc of the fixed throat augmenter will
exceed the design value.

MR. MAHAN: That is, in effect, operation at one point only, correct?

MR. IACGBELLIS: That was a one-point design for the inlet. But, no, we
flew and integrated over the trajectory. We went through the whole bit, the
total pressure versus Mach number, and actually flew a trajectory within this
corridor. In fact, maybe to add emphasis to how detailed it was, it was esti-
mated that it took us one man-month to run this trajectory, and we have what we
think to be a well-developed 7090 trajectory program. So there were a lot of
iterations required.

MR. SLOOP: In testing or using this configuration, aren't you going to
have dividers more often than, say, one-fourth segments to get away from
instability? And if you do, wouldn't you have something that looked perhaps
like a frankfurter or a bent shape with an elliptical end? And wouldn't you
want to test a complete segment like this?

MR. IACOBELLIS: Yes. First we are going to do work with just one tube,
with plates on each end. Then, we plan to move on to four tubes. This is our
NASA program as it is now envisioned, 80K without the shroud. Then we would
like to go to Phase II of the development program at something like ÔOK. In
this phase we would learn about the coupling effects. I believe when we get
out to 20 tubes, or a number in that region, we will have it pretty well nailed
down.

We are going to get quite a bit of knowledge of the stability in the
present program, certainly these two modes. As you go to greater numbers of
tubes you may have a race-track effect. I might make a qualitative statement
here that in the turbojet engines I believe they have preferred this tangential
flow. I understand that G.E. went from a multicombustor configuration to an
annular combustor. I realize the heat problem is much less severe with the
lower pressures that we are dealing with there, but it is a probability it will
not hurt us. We believe we will learn quite a bit about the tube coupling
effects when we test at a thrust level of approximately UOOK. We may or may
not need baffles. You might think of partial baffles in a ̂ OOK sector, and
certainly the larger sector would be delivered with end plates that would be
fixed. We don't envision a full 360° continuous toroidal combustor.

MR. SLOOP: Mr. Hege, your 5i- years of technology intrigued me. It looked

as though everything had to start at the same time. I wonder, can you sort out
in relative orders of importance on your PERT diagram what is the most critical
item. Is it the pump, the combustor, or the combustor with the nozzle, or have
you done it this way?

MR. HEGE: At least from where we are today - and we are in the process of
trying to nail this down - I think that the pump and the combustor are running
neck and neck. These seem to be the two big items. If you are going to build
the big pump, I think you should do some work now. In fact, we have some in-
house work and we have some work with NASA on some of the things that are
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required to be done in the pump area. Some problem areas are becoming quite
obvious. Seals and bearings are very limiting factors on a big turbopump. I
am not sure hydrodynamics are as critical. In the combustor, I think we are
going along with the toroid if it continues to run as well as it has. Those
are the two critical items at the moment.

Maybe I an not smart enough to foresee which one will be the critical item

3?* years from now.

MR. SUDDEETH: Have you taken a look at this particular system at a reduced
pressure operation, say 10 or 25 percent pressure level, for stability?

MR. IACOBELLIS: Throttling? We have run just the two toroidal programs
that I mentioned. We ran one model at ̂ 50 psia and then ran it as low as
approximately 300 psia. So we varied the thrust that much. But that was not
intentional. It was done while calibrating the mixture ratio, but it ran stably
in all cases. I don't think there should be any difference here any more than
with conventional bell injectors as far as being able to throttle over the range
that we do now with conventional engines. We have throttled all of our engines
down to 2 to 1 or 3 to 1.
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12. INTRODUCTION AND OBSERVATIONS

By Donald Bartz

Jet Propulsion Laboratory

At the end of this session we will excuse the contractors and permit dis-
cussion of the items that might be proprietary that deal with the heat-transfer
problems.

My remarks will, hopefully, set the stage with regard to the problems asso-
ciated with cooling of high chamber pressure engines.

Briefly, the heat flux problem is generated in large high-pressure engines
because the heat transfer increases as a power of the chamber pressure very
close to 1, somewhere between 0.8 and the first power. Thus, there is the prob-
lem of protecting the walls against an environment in which the heat transfer
is increasing very rapidly, increasing to levels of perhaps 50 to 75 Btu per
square inch per second. This represents a factor on the order of five greater
than most conventional engines have run. As has already been indicated, the
problem gets significantly worse above the conventional range of 1,000 psi, and
very difficult above 1,500 psi.

It is clear to me that the cooling problem will dictate the thrust chamber
design to a very large extent and that in many of the designs presented earlier
the thrust chamber configuration was essentially determined by the problem of
cooling.

There are several methods for protecting walls against the environment of
a rocket combustion. There is regenerative cooling, transpiration cooling,
film cooling, ablation, and radiative cooling. Three of these, transpiration
and film cooling and ablation, I would like to call mass transfer cooling to
differentiate from regenerative cooling. Each of these methods has its own
particular limitation, either a practical or theoretical limit. For those for
which we have data, there are practical limits, limits set by one or another
physical process.

In the case of other cooling method we have no cooling data. There is,
therefore, a theoretical limit. We will try to emphasize the things we don't
know as well as what we do know as we go along. For only one of these methods
of cooling is there really any data for practical limit and that is regenerative
cooling. There is not just one limit but actually two. One is the pressure
drop that you have to invest to provide enough velocity to get the regenerative
cooling up, and the other is the thermal stress upon the metal walls that you
are using to protect the metal walls that constitute the thrust chamber. For
this, because it is easy to make tests in heated tubes, there are data, and one
can establish the limit of regenerative cooling fairly precisely. I would say
we know it to the order of 10 percent.

For radiative cooling, there is a fairly certain theoretical limit. We
are able to calculate the radiationability of a surface fairly well and we
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therefore can predict theoretically with fairly good certainty what the theo-
retical limit of radiative cooling is. Unfortunately, it is so low it really
isn't of much significance to these problems.

For the three mass transfer cooling methods, there are no data at high
pressure. The data that we have are all at very low pressures compared to the
conditions of interest. For that reason one has to rely on theory. The theory
is very shaky in all three of them. Of the three the least uncertainty probably
is transpiration cooling because it is a more uniform process than are the other
two as you attempt to introduce mass transfer in a fairly uniform manner. But
the desire to do this creates its big drawback and that is that it puts very
stringent material requirements on the design, so stringent that I personally
am very pessimistic about having material that will satisfy the requirements.

With film cooling there is no comparable materials problem, but there is a
very great problem in predicting its performance from a theoretical standpoint
because we have processes here which are very difficult to determine and pre-
dict, even to create a good model. Therefore, the determination of the success
or applicability of the application of evaporation or film cooling must await
the procurement of data. For this reason I would place a very high priority on
advanced technology programs in that direction. There is at least one program
of that type underway at present; some preliminary results will be presented
from that program, which is funded by the Air Force, by Pratt &. Whitney.

Finally, ablation probably has the worst combination of situations. It is
difficult to make predictions, again for similar reasons. It has a very diffi-
cult materials requirement. The theory is uncertain and materials demands are
very great. At present it is really not possible to predict with any reliabil-
ity even the mechanism by which the ablation occurs. There is a wide range of
opinions from steady state ablation to charring ablation. These methods have
very large differences in the rate at which the wall disappears. One can just
hypothesize; until an engine is run at these conditions, I don't think that we
can, with any confidence, predict what will happen.

There are other influences on the selection of the cooling that are
affected by such things as the propellant, the nozzle configuration, and the
question of whether the thrust chamber is to be reused. The propellant selec-
tion (by propellant selection I mean only the two that are of interest from the
discussions presented - lox/RP or lox/hydrogen) surprisingly has had little
effect for regenerative cooling but may have a very large effect in the mass
transfer methods. This will remain to be seen as we learn more about the mass
transfer cooling methods.

The nozzle configuration also has a surprisingly small effect on the
cooling requirements, much less than I would have expected previously. In one
case, the conventional type of nozzle, there is more total area but less at
high heat flux, and in the more unconventional nozzles, there is less total
area but more at high heat flux, and they tend to balance one another. It is
not obvious with which we have the greater problem. The uncertainties that
remain there are quite large, too, until we know more about the flow patterns
from determinations in wind-tunnel tests.
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I think, finally, the question of reuse would have some effect on what
would he done about cooling. I think it would discourage the use of ablative
materials because if you want to recover and reuse you would certainly have to
refurbish by starting out with a new thrust chamber. This might be beyond what
one would do reasonably. Furthermore, the use of coking regenerative coolants
might be discouraged by a reuse requirement.

Regenerative cooling with RP will have a coking problem but it doesn't
look so severe that it would preclude its use, at least according to the data
Rocketdyne has. I think the question of extended ground testing and reuse
would play a role; that kind of requirement would have a large effect on what
was done about regenerative cooling.

These are all obviously qualitative statements. These are backed up, I
hope, to a certain extent by quantitative studies that have been made by
Rocketdyne. A report on these studies is available; its contract number is
NAS-8-lt-Oll. It is entitled "Investigation of Cooling Problems at High Chamber
Pressures."
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13. ENGINE COOLING STUDIES

By W. R. Wagner

Rocketdyne Division
North American Aviation, Incorporated

I would like to discuss some of the five facets of this particular NASA
contract study which we made for conventional chambers primarily, from the
standpoint that what is applicable insofar as limitations for conventional cham-
bers is also applicable to a certain extent to larger or unconventional nozzle
design. This particular contract is NAS-8-4011. It also has an internal report
number, R-3-999-

The propellants used were oxygen/hydrogen and oxygen/RP-1. The intended
scope of the study was to evaluate the feasibility of thrust chamber cooling
within the chamber pressure range of 1,500 to 5>000 psia. We also did look at
higher values, and I will discuss that later. The thrust level was 2 million to
6 million pounds. The thrust level is not such a significant factor in terms of
heat transfer.

This particular study was of an analytical and experimental type, with the
experimental part handled by research and the analytical part by advanced proj-
ects, aerodynamics, of which I am a part.

The following cooling methods were investigated: regenerative, film,
transpiration, ablation, dump, radiation, and combined methods.

The factors defining the upper limit of regenerative cooling are:

(1) Coolant pressure drop
(2) Wall material temperature
(j) Wall thickness requirement
(k) Thermal stress
(5) Wall heat flux conduction limit

Coolant pressure and wall temperature depend on whether one chooses a refractory-
metal or conventional material. Wall thickness requirement depends on what is a
reasonable, say, fragility limit for a wall thickness, and what in terms of
reliability is a practical minimum. The thermal stress is a very active
restriction.

Results of the regenerative cooling analysis are as follows:

Conventional material:
Chamber pressure limit 2,000 psia
Limiting factor Coolant pressure drop
Limiting wall temperature 800° F (coolant coking)
Limiting heat flux 20 Btu/in.2-sec
Thrust dependence Slight

Refractory material:
Same limits due to coolant wall temperature limitation (800° F)
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The limiting wall temperature of 800° F is fairly well substantiated. The
coking rate appears to be heat-flux and wall-temperature limited.

Results of the oxygen/hydrogen regenerative cooling analysis are as
follows:

Conventional material:
Chamber pressure limit 1*750 psia
Limiting factor Coolant pressure drop
Limiting wall temperature 1,600° F
Limiting heat flux 56 Btu/in. 2-sec
Thrust dependence Slight

Refractory metal:
Chamber pressure limit 5*000 psia
Limiting factor Coolant pressure drop
Limiting wall temperature 2,14-00° F
Limiting heat flux 75 Btu/in.2-sec
Thrust dependence Slight

Conventional materials such as stainless and Inconel-X and refractory
metals, tungsten and molybdenum, were studied. It can be seen by comparison
that we are limited very severely in terms of high chamber pressure with con-
ventional materials, whereas if we can utilize the refractory metal the limit
can be extended significantly to 5*000 psia and perhaps even above, depending
on where one wants to cut off the coolant pressure drop. Note the difference
in limiting wall temperatures for conventional and refractory material.

Film cooling analysis results with oxygen/hydrogen and oxygen/RP-1 are
given as follows:

02-H2:
Chamber pressure limit >5,000 psia
Flow requirement 1,000° F 1,600° F

0.6$ < -r5- < 1.0$ 0.3#<S-<1-0#
wt *t

Thrust dependence Moderate
Performance loss . Small
Manufacturing problems Small

02/RP-1:
Chamber pressure limit >5,000 psia
Flow requirement 1,000° F 1,600° F

• >
"W "W5$ < _£ < il$ 2% < ~ < 7#
wt wt

Thrust dependence Moderate
Performance loss Large
Manufacturing problems Small
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Note that the percentages of the coolant flow relative to the total flow
are quite moderate for 0̂ /̂ -2 within the range of perhaps a maximum of 1.5 per-
cent. This is for a condition of cooling only the combustion zone. We feel,
in general, that it is unnecessary to go to the extent of cooling the nozzle
section.

The requirements for 02/RP-l are, however, much higher "because of the
inferior coolant capability of the RP-1 as compared with the hydrogen. The
significant point to be noted here is, we feel, that the performance loss is
quite large, percentagewise, in the case of RP-1, as opposed to the hydrogen
case, where the molecular weight is quite small, and hopefully the gain in
will be much greater.

Results of the study of combined cooling methods are as follows:

Mass transfer - regenerative
Method advantage
Low performance loss
Minimization of pressure drop

Method evaluated
Film - regenerative cooling

Mass transfer - radiative
Method advantage
Useful only at low heat fluxes

Method evaluated
Film - radiative

Here lies the hope for RP-1 at intermediate pressure chamber ranges, say
3,000 psi. We don't see much use of radiative mass transfer over the conven-
tional mass transfer technique. The radiative method can handle only a small
heat flux.

Some results of the experimental phase of the study of hydrogen are pre-
sented as follows:

Hydrogen Regenerative Cooling
Purpose: Establish surface roughness effects

Coolant equation at high Reynolds numbers
Method: Electrically heated test sections

Moderate heat flux - stainless steel
High heat flux - molybdenum

Results: Surface roughness very important
Heat flux 38 Btu/in.^-sec (maximum)
Pressure, 2,500 psia (maximum)

Hydrogen Pressure Drop Study
Purpose: Evaluate correctness of analytical method
Method: Experimental checkout of shaped coolant tube
Results: Close agreement with analytical approach

Frictional pressure drop
Momentum pressure drop
Roughness effects
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We studied very high Reynolds numbers, high heat fluxes, substantiated equa-
tions for roughness effects, and coolant pressure drops to see whether we could
with our present analytical techniques extrapolate to higher chamber pressure
conditions.

The following results are for the RP-1 study:

RP-1 Regenerative Cooling
Purpose: Development of coolant equation for high pressures and velocities
Method: Electrically heated Inconel and nickel tubes
Results: Successful demonstration at heat fluxes 20 Btu/in. -sec

Coolant velocity maximum, 517 ft/sec
Pressure maximum, 3,170 Psia
Derivation of applicable heat-transfer equation
Determined coking limitation

RP-1 Coolant Recovery Temperature Evaluation
Purpose: Establishment of proper coolant bulk driving temperature for heat

transfer at high Prandtl number
Results: Recovery factor temperature

No agreement with / / Npr

Compared favorably with more complex analytical theory

The design conditions imposed for this study were:

Thrust, million pounds 2 to 6
Chamber pressure, Pc, psia 1,500 to 5,000
Expansion area ratio, e l6 to 50
Tube wall materials 5̂ 7 stainless, Inconel-X, molybdenum
Propellants lox/RP-1 lox/LHp
Characteristic length, L*, in 55 25
Mixture ratio 2-55 5.0

It makes very little difference what the choice of the expansion ratio is,
because of the relative ease of cooling the nozzle section. What was chosen
here were three materials, including a low-conductivity low-strength material,
a high-strength low-conductivity material, and a refractory which had high
strength and high conductivity. Mixture ratio points were fixed for each
propellant.

Figure 1 shows the variation of heat flux with chamber pressure for
lox/RP-1 engines. It is fairly insensitive to thrust. Note the peculiar shape
of the curve. In the region shown by the dashed line there is a significant
effect of the carbon layer which is deposited on the wall. As a result the heat
fluxes are quite low until higher mass velocities are reached which correspond
to a higher chamber pressure; it appears that the carbon layer scrubbed away
from the wall and thus the heat flux goes up quite markedly.

The lox/hydrogen (fig. 2), on the other hand, starts out with significantly
higher heat flux and continues throughout the chamber pressure range with a
higher value. A comparison is made here between different wall temperatures and
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different thrusts. The two engines with refractory metal Twg = 2,
it-00° F

would lower the effective heat flux due to the higher wall temperature, "but not
significantly.

We are talking about values of heat flux on the order of 50 Btu/(sq in.)(sec)
which are quite high in comparison with, say, the lox/KP-1 engine. Presently
the F-l has about 3 to 4 Btu/fsq in.)(sec] at the throat.

The principal limitation for both of these propellants is the coolant pres-
sure drop. Figure 3 is a summary of coolant pressure drop up to a chamber pres-
sure of 5*000 psi. One can see that the two curves on the left should be smooth
continuous curves. In the case of lox/hydrogen the curve rises sharply in the
vicinity of 1700 psij for lox/RP, with conventional material, the curve rises
sharply in the vicinity of 2,000 psi. Imposed here are thermal conduction
limits; that is, the wall with an allowable differential temperature across it
can't transfer any higher. This corresponds to an infinite pressure drop. With
the utilization of a refractory metal, one can see how significantly the chamber
pressure range can be extended.

One of the basic limiting factors in the case of regenerative cooling is
thermal stress. (See fig. 4.) Two principal thermal stresses are induced. The
first is from the thermal gradient imposed by the heat flux from the hot surface.
The other is the longitudinal thermal stress, from the hot surface to the cold
surface, which is essentially at coolant ambient temperature.

There too are very serious limiting factors in terms of reliability when
one of these engines is fired at a higher chamber pressure. The stresses are
such that over a finite operating life failure can be expected.

Figure 5 shows a comparison of materials in terms of heat flux to the yield
point for tangential thermal stresses. For conventional materials the heat flux
is quite low, 3 to 6 Btu/(sq in.)(sec). Inconel raises this somewhat. Refrac-
tories indicate a marked superiority, again for a defined minimum wall thickness
from the manufacturing consideration standpoint.

Figure 6 presents a comparison of the same materials in terms of temperature
differential due to longitudinal thermal stress. The refractories again are much
higher than Inconel and 3^7 stainless steel. We did not investigate the limita-
tions with these particular materials, as well as the definite limitations with
refractories.

Figure 7 is a short presentation of comparative methods with mass transfer
cooling techniques. We have three basic methods: Transpiration cooling, film
cooling, and ablation cooling, with the first two differing only in terms of
perhaps the finite or discrete number of slots along the length of the chamber.
That is, if we extended the film cooling case to an infinite number of slots,
we would in essence have a transpiration cooling method.

We studied these three types and, of course, there are manufacturing prob-
lems associated with them, but we haven't for this particular study worried
about that in great detail. For transpiration cooling, we find very severe
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problems in terms of getting a reasonable thickness or weight. The weight
always seems to come out to be much higher than we would like to have.

There are mechanical problems with introducing the film cooling which go
hand in hand with utilization of the film cooling. We would like to minimize
the percentage flow that is introduced. Ablation, of course, is a limited
method in terms of the time. It can operate only in a defined limit of time,
depending on wall thickness.

Figure 8 shows a variation of ablated thickness and char depth with area
ratio for two material types, Teflon and phenolic Refrasil. This particular
study was of 200 seconds duration with lox/hydrogen. It doesn't, based on our
present theory, make much difference whether the propellant is lox/hydrogen or
lox/RP-1 because of similarity of flame temperatures. If we assume a char type
of material the wall thickness is fairly limited. Because of the conduction-
limited nature of the ablation mechanism there is no appreciable effect at these
high film coefficients of area ratio, so that the variation of thickness with
area ratio is essentially constant for phenolic Eefrasil.

In contrast, the ablative thicknesses for a noncharring type of material,
Teflon, are way out of reason.

Figure 9 presents substantiation for some of the transpiration cooling
percentages that you see. What we did was compare all the available theories
and modify what we thought was the most suitable equation. The curve is a fit of
some transpiration data in terms of a nondimensional parameter and mass velocity
ratio, mass velocity of the coolant relative to the mass velocity of the gas. We
got fair agreement with some modification of the equation. The principal unknown
here in terms of transpiration is the effect of variation of coolant properties,
that is, the difference between, let's say, the heat capacity of the coolant and
the gas. Because of the more defined nature of transpiration, the analysis or
analytical development is accomplished much easier than in the case of film
cooling.

Figure 10 is a typical summary of the transpiration cooling requirements
for lox/hydrogen. This is for the combustion zone only. The curves are for
two wall temperatures, 1,000° and 1,600° F. In the case of transpiration the
average wall temperature on the gas side surface is the peak value. Of course,
this results in a much better utilization than can be accomplished with the film
cooling technique. But the percentages are very small, 0.5 percent.

Note that thrust is a very significant factor. You can see the degradation
in requirement as thrust increases. At these high thrust levels, because of the
diminishing surface area relative to thrust, a very small percentage is required.

Figure 11 is a summary of transpiration cooling requirements for lox/RP-1,
with again a little higher requirement; on the order of 1 percent of the total
flow is required.

The last of the three mass transfer cooling techniques is that of film
cooling. (See fig. 12.) What we did was go through all suitable available
data, of which these are part, to determine what sort of a model would be
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acceptable for extrapolation to the higher chamber pressure condition. These
represent some NASA data which we recorrelated in terms of an efficiency of
cooling. We have modified this model to a certain extent. What it seems to
point out to us is that at the higher mass velocity condition, that is, if you
bring in a higher coolant mass velocity relative to the gas mass velocity, there
is a definite diminishing in the effectiveness or efficiency of the film coolant.
There are a certain number of limitations here, and we feel there are a certain
number of limitations in the data.

In terms of our analysis, under the imposed conditions, the film cooling
requirements for lox/hydrogen do come out much higher than in the case of trans-
piration cooling. (See fig. 15.) Approximately 1 to 1.5 percent is required
again for cooling the combustion zone alone. We looked at the analysis for the
nozzle section but, as I pointed out, we didn't feel there was any need for
cooling the nozzle section with this method. The surface area or the combined
integrated heat flux times the surface area would require a significantly greater
number than this if one did want to cool the nozzle section.

Figure l̂ t- presents a summary of the recorrelation of the effectiveness or
cooling efficiency parameter versus combined mass velocity ratio parameters.
This points out to us that we perhaps would like to have a lot of film cooling
slots with a very small amount introduced in each coolant section as one would
anticipate for the greatest efficiency.

Figure 15 shows film coolant requirements for lox/RP-1 in terms of total
flow. Ten percent of the total flow is required for cooling the combustion zone
at 2000 psia increasing with chamber pressure increase. Thrust again is a very
strong variable. One would like, in order to minimize flow requirements, to
tolerate as high a wall temperature as possible.

Great promise is held for intermediate chamber pressure ranges. Figure l6
shows the trade off between percent of regenerative cooling (heat-transfer coef-
ficient) and percent of film cooling for lox/hydrogen. It turns out that one
can make a kind of intermediate trade off between the pressure drop and the per-
centage of film coolant requirements. So for the intermediate chamber pressure
ranges in the vicinity of, say, 1,500 to 3,000 psi for lox/RP-1, this technique
would be the most advantageous in our opinion.

Table I is a summary of pump pressures for increasing chamber pressure.
For lox/RP-1 we don't feel that regnerative methods can be utilized at these
higher chamber pressures. One has to go to a film or combined film-regenerative
technique at the upper chamber pressures.

For lox/hydrogen with conventional materials we are limited to 1,700 psi,
as previously mentioned. With refractory metals we can extend this limit
depending on what we want to accept as the pressure drop or pump outlet require-
ment. With film or combined film and regenerative techniques the pressure drop
requirements can be significantly reduced.

Figure 17 illustrates the validity of using radiation cooling at high
chamber pressures. It can be seen that in terms of wall temperatures one would
have to go out to a considerable area ratio before reasonable values of wall
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temperattire occur. As a result, this method is probably not advantageous for
use until the area ratio is perhaps 50 or 100.

These two sets of curves are a comparison of lox/RP-1 with lox/hydrogen.
You would have to go out much, much farther if you wanted to stay in, say, the
3,000 to 3,500 range of wall temperature. The lower curves are for lox/RP-1
where we are assuming some benefit of carbon. There are other methods, and one
can combine all of these methods together, actually.

In terms of having a film-cooled combustion zone and a regenerative cooled
nozzle or a regenerative combustion zone, one can think of a number of varieties
and combinations of cooling methods such as:

Other Cooling Methods:
Simultaneous film + radiation cooling
Dump cooling

Combined Methods for Combustion Zone and Nozzle:

Transpiration
Ablative
Regenerative

In the case of ablative cooling the serious unknown factor there is the stabil-
ity of the charring surface.

QUESTION PERIOD

MR. WOODCOCK: I would like to know what you mean by "combustion zone" and
what you mean by "nozzle. "

MR. WAGNER: The combustion zone includes from the injector phase to the
throat, and nozzle includes from the throat on out to the expansion section.

MR. WOODCOCK: Don't you feel that the heat flux loads are pretty high at
least to some small distance?

MR. WAGNER: That certainly is true. We had to define a point. However,
perhaps if one went down to 3 to 1 expansion ratio or 5 to 1 these results would
not change significantly.

MR. HALL: Did you include in your studies also cooling of downstream por-
tions by turbine exhaust gases?

MR. WAGNER: No, in this particular study we didn't. We are presently on
our own examining parametrically the studies of utilization of turbine exhaust
gas in the nozzle section. It looks very attractive. However, at high area
ratio, say 10 or 20, cooling with turbine exhaust is not of any value because
the temperature is quite high to begin with, so we can't have much available
temperature rise before you reach wall temperature limits.
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MR. BARTZ: How do you think refractory metals can be used in a practical
sense, with regard to spinning, handling of thin sizes, and availability of
metals that you can use? In other words, are we whistling in the dark when we
talk about these refractory metal tubes or are they around the corner.

Secondly, what might this do to the weight of the system compared with the
weights of, say, stainless steel or Inconel?

MR. WAGNER: One of the principal limitations with refractory metals is,
of course, the disilicide or whatever coating one must impose upon it for oxida-
tion resistance. The other problem is the recrystallization point which occurs
at about 2,500° F; one can't utilize the full potential near the melting point
of the material. Then, perhaps, in the case of hydrogen, the embrittlement
problem occurs. We have underway development programs on a small scale of
forming and so forth with these materials. They are several years off, I am
sure, both with regard to the forming problem and the coating.

MR. BAETZ: I notice in your work you had to get tubes by drilling out
rods. That didn't seem practical for thrust chamber construction. When did the
manufacturers say you are going to get tungsten tubes or molybdenum tubes?

MR. WAGNER: If you present to them an attractive enough long-range program
they are always interested. They seem to feel in the case of molybdenum, or
perhaps these two materials, that within a short range, say 5 years or so, they
might have reasonable feasibility.

MR. IACOBELLIS: I would like to add to that. In the model I showed
earlier, we actually were able to test some TZM tubes that were supplied to us.
They were supplied in inches. It is in its infancy, but they are starting to
do some work with supplying tubes.

MR. BARTZ: It sounds like the schedule is such that you would be hard put
to make this Phase II or Classification II, that we discussed previously. It is
almost like a third generation, isn't it, that we are talking about?

MR. IACOBELLIS: I don't want to confuse two things now. The presentation
we made earlier did not use refractories. I want to make that clear. From
there I agree with you that they are not right around the corner as far as being
able to use them. But all I wanted to point out is that we have received some
of these refractories in tube form. They are straight tubes. When you start
bending them and swaging them, that is something else.

MR. BARTZ: I pursue the point because your limit analysis showed that you
can get 2,500 psi regenerative cooling with hydrogen. It seems to me that of
the various methods of cooling, we know how to do that the best. Therefore, the
use of that method of cooling really depends on the availability and practical-
ity of these refractory tubes. If they are available and practical, it seems to
me that is the most straightforward way of going. If they are a sort of theo-
retical chariot in the sky, we ought to realize that and eliminate that.

MR. WAGNER: In looking at the mass transfer cooling methods, and particu-
larly film cooling, we have run studies which indicate that film cooling with
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hydrogen is particularly attractive. These studies that have been run on a
smaller size indicate that this method is practical. We have data to confirm
some of these film cooling results with the hydrogen.

MR. BARTZ: But you still are nowhere near the kind of chamber pressures
and conditions you are talking about.

MR. WAGNER: That is true.

MR. BARTZ: It is too easy to fall into the trap of saying this is a nice
curve - I have some data here and the data seem to follow this curve ±20 percent
and we can extrapolate it out to whatever we want. I think that is a hazardous
occupation for projecting engines on the schedule we are talking about until we
really have some solid high-pressure film-cooling data. I feel that maybe your
approach is a bit on the optimistic side.

MR. IACOBELLIS: I would like to add this point. We have come to this
crossroad Just as you indicate. We have selected the film cooling with the more
conventional methods as opposed to going further with the regenerative cooling
technique with the refractories.

MR. BARTZ: But you did it on faith and now we are going to have to see
what the data show.

MR. IACOBELLIS: Right.

MR. BURLAGE: There are a few programs underway in the country now to
bring refractory metal technology into being, particularly in the Navy. It is
one of those things that may fall out to us one of these days.

MR. BARTZ: Do you think the time schedule is compatible with what we have
been talking about?

MR. BURLAGE: I don't think that is the point in the advanced technology.
One would look to see what one could do with it. I think that is what we are
after. It is not one of these pie-in-the-sky things. There is a definite
attempt to make this technology available.

MR. BARTZ: I have another comment. It may be obvious, but the thing
ought to be recognized, that the kind of film cooling we are talking about
occurs at such high pressures that we don't get the heat of vaporization as you
might think. It is like injecting gaseous propellant into the system. It is a
sensible entropy kind of thing and not heater vaporization. So that the data
most applicable to these correlations were gaseous injection in the hot gas
flows and not the kind of film cooling you might be familiar with where you
dump a liquid like water or RP into a liquid system, because there is no real
phase change.

MR. WAGNER: To the extent that with hydrogen we have a rapid change of
phase, in other words, it is introduced at 50° R, it behaves very much as a per-
fect gas; it is very similar.



I • •'
• • •

MR. BARTZ: There is no big heat sink there?

MR. WAGNER: No, one cannot use the latent heat.

MR. BARTZ: I would like to take exception to your conclusions about
charring ablation. I think that is a very optimistic assumption. Practically
all the data are at higher pressures. Most of the ablation work around the
country has been at lower pressures. The small amount of data that have
occurred at higher pressures seem to confirm the fact that you approach steady-
state ablation as confirmed by the article on ablation by Adams in the ARS
Journal. There you reach ablation rates which are considerably higher than you
are talking about here. In fact, we made some calculations in, I think,
10 inches of ablation under the conditions you are talking about at about
2,500 psi.

If you assume there is no spalling off, we agree the char depth is very
encouraging. I think the data show that there is spalling off; a steady state
of ablation process is approached and one must be ready to expect very high
ablation rates at these pressure conditions. So nobody is really very serious
about ablative cooling for these kinds of thrust chambers. It is an academic
point. However, it ought not to go without comment.

MR. BURLAGE: That report is available and has been distributed to all
NASA centers and to other contractors.
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TABLE I

MINIMUM PUMP DISCHARGE
PRESSURE FOR VARIOUS THRUST CHAMBER

COOLING METHODS
L02/RP-1

COOLING METHOD

REGENERATIVE WITH
CONVENTIONAL METHODS

REGENERATIVE WITH
REFRACTORY MATERIALS

FILM COMBUSTION ZONE-
REGENERATIVE NOZZLE
WITH CONVENTIONAL
MATERIALS

FILM, TRANSPIRATION.
OR ABLATION

MINIMUM FUEL PUMP DISCHARGE PRESSURE, PSIA

Pc, 1500 PSIA

2220

2220

2160

2120*

Pc,3000 PSIA

4210

3910*

Pc ,5000 PSIA

6350

6050*

* THESE VALUES ALSO HOLD FOR THE OXIDIZER PUMP.

TABLE II

MINIMUM PUMP DISCHARGE
PRESSURE FOR VARIOUS THRUST CHAMBER

COOLING METHODS
LO2/LH2

COOLING METHOD

REGENERATIVE WITH
CONVENTIONAL MATERIALS

REGENERATIVE WITH
REFRACTORY MATERIALS

FILM COMBUSTION ZONE-
REGENERATIVE NOZZLE
WITH CONVENTIONAL
MATERIALS

FILM, TRANSPIRATION, OR
ABLATION

MINIMUM FUEL PUMP DISCHARGE PRESSURE, PSIA

Pc, 1500 PSIA

2520

2220

2290

2120*

Pc, 3000 PSIA

—

4310

4560

3910*

Pc, 5000 PSIA

—

7550

6700

6050*

* THESE VALUES ALSO HOLD FOR THE OXIDIZER PUMP
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lU. ENGINE COOLING EXPERIMENTS

By John Chamberlain

Pratt &. Whitney Aircraft Division
United Aircraft Corporation

We were not expecting to give a presentation and have no figures to show.
Furthermore, I don't happen to be connected with a project so I can talk freely.
However, I want to note that this work on film cooling at high pressures under
combustion conditions was done under Air Force Contract C46l7T̂ 35- The progress
reports should be checked for the details. If there is a question about the
correctness of something, you can check me there.

The things we have been trying to do in this program are first to measure
heat-transfer rates in oxygen/hydrogen rocket engines running at the order of
5,000 psi. Actually there you have a range of chamber pressures from 500 up to
5,000 psi. And this phase of the work I believe is pretty much complete.

We are also just getting into tests of the effectiveness of film and
transpiration cooling under this same range of conditions with oxygen/hydrogen
propel!ants. We started out some of this work in a 5K chamber and are con-
tinuing it in a 10K thrust chamber.

To reduce the costs in the program it was decided that it would be desir-
able to make measurements and test samples on a probe going down through the
middle of the throat of a rocket nozzle rather than to build the whole nozzle
out of the material of interest. So, much of the work has been done in this
kind of a configuration.

Figure 1 shows a probe bore in the middle, and a small slot for liquid
oxygen flow, surrounded on both sides by small slots for gaseous hydrogen.
These dimensions are fairly small, like 0.012- or O.Olk- or 0.016-inch hydrogen
slots.

The flow was purposely made symmetrical in an attempt to get a uniform
heat-transfer rate onto the probe and onto the outer wall. Heat-transfer rate
was measured by measuring the rate of temperature rise in the wall material. I
believe they used copper for local heat sinks. As a matter of interest they
measured heat-transfer rates out to the order of an area ratio of 100 in the
nozzle, since this chamber pressure is sufficient to make a nozzle of that area
ratio flow full.

The order of heat-transfer rates that have been measured are of the order
that the Bartz equations would predict, something like 75 Btu/(sec)(sq in.) in
the throat areas.

One of the first steps was to compare the heat transfer on the probe with
that on the nozzle so that one could then proceed further with work on the
simple probe in the middle. This turned out to be a little bit more difficult
than some might have hoped.

.a
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At low chamber pressures, where an injector was run with gaseous hydrogen
and gaseous oxygen, one of the walls appeared to pick up about half again as
much heat as the other wall. At higher pressures, with liquid oxygen and gase-
ous hydrogen, the reverse occurred. I am highly suspicious that this reveral
was due to characteristics of the injector rather than with the gaseous or
liquid oxygen or the chamber pressure changes. But it does point up one thing
and that is that it takes a lot of work on an injector before you know what you
have when you measure a heat-transfer rate.

The correlation of heat transfer to the probe compared with heat transfer
to the nozzle is pretty well complete. Very recently, tests were started in
which a film-cooled section was added onto the probe, and a 0.0̂ 0-inch-high
slot was provided for injection of gaseous hydrogen which flowed down through
the probe. These tests were run like the previous tests, very short duration,
and the temperature rise was measured in order to obtain a heat-transfer rate
to the probe. It was not allowed to run to equilibrium.

Some of the data just obtained are shown in figure 2, in which heat trans-
fer is plotted against distance from the injector face.

In this particular case the probe slot was located 2 inches upstream of the
throat and the coolant flow from the slot was 3 percent of the total propellant
flow. So measurements were taken in an accelerating flow region.

The theoretical heat-transfer rates for a regeneratively cooled chamber are
also shown in figure 2. As you approach the throat the heat-transfer rate
increases.

It is worth remembering that this is a pretty small engine. But the throat
without the probe would be 1.6 inches in diameter. With the probe the throat
diameter is larger but the probe takes up most of it, so the annular opening is
probably of the order of OA inch, or something like that. So there is a lot of
surface area in here and one would expect fairly high amounts of coolant to be
required.

There is another bit of comment required here. The thermocouples buried
in the probe could not all be alined axially, so each point was obtained at a
different spot around the circumference in a helical pattern. So local varia-
tions could have been caused by such things as a very slight blockage in the
upstream cooling slot, or they might have occurred because of a high mixture
ratio in that particular area in the injector.

The main thing we can do at this point is state that we are beginning to
do some work in this area, not that we have anything useful at the moment.

It is worth pointing out one other item here. If we plot a graph of mix-
ture ratio against theoretical heat transfer to a wall of low temperature, we
get a curve not quite as flat at the top but one that over quite a wide range
of mixture ratios has a roughly constant heat-transfer rate. Thus, you can
take an injector and put it in a chamber and if the mixture ratio varies in
some spots from 3 to 1, this won't change the heat-transfer rate on the wall a
great deal, and you can measure the heat-transfer rate even if the flow from
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the injector is not really uniform. But when you dilute this mixture, that
same variation in mixture ratio in the injector will result in extreme varia-
tions in temperature on your test piece. So to do any work one has to have an
injector where the mixture ratio is very uniform or at least you have to know
what it is.

Every time we build an injector, we put that injector in a special rig and
measure the local flow at each specific spot around the perimeter of the oxygen
flow by flowing water through the injector. We turn off the water and turn on
air or nitrogen and measure that flow around the perimeter of the injector. We
will remove the face material and grind away slightly here and slightly there
to try to make it as uniform as we can. And even after we get done with this
process, if we get to the point where we have variations in flow around the
circumference of the injector with a spread of less than JO percent or so, we
feel we are doing fairly well.

It may sound a little bit easy, but you get at it and it gets worse; you
run the injector and the lox portions of the injector run cold and the other
portions run considerably hotter. They will move as much as one-third of the
gap width relative to each other, and throughout the period of the run this is
a transient all the way. So the lox parts are continually cooling down and the
hydrogen parts are continually warming up. It takes a lot of care. We hope we
will get some better information. When we are done it will still look fairly
crude but I hope it will be helpful. Information is almost nonexistent at
present.

QUESTION PERIOD

MR. GRAHAM: I wonder why you would expect that probe to have the same
kind of boundary layer as you would have on the nozzle, and why you would ever
expect these two things to match.

MR. CHAMBERLAIN: We don't expect them to be the same. In fact, there has
been a fair amount of analytical work. The flow is not one dimensional in the
nozzle. The rate of acceleration of the flow is different on the probe than on
the outer wall. Analytical work has been done to try to remove this. Part of
the tests were made to confirm whether this comparison would hold or not. So
far as we can see the effects of the injector far outweigh the effects of
whether you are on the inside or on the outside. These are minor as far as I
can see compared with imperfections in the injector uniformity.

MR. GRAHAM: How stable was that probe?

MR. CHAMBERLAIN: Another minor problem. The probe doesn't stay straight.
So though the technique, theoretically, might be very nice, it has a lot of
practical problems.

MR. GRAHAM: I have a comment on Mr. Bartz's presentation, which I think
perhaps the contractors would like to get into.
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He made a statement that correlations on the liquid side we know within
10 percent. Heat-transfer people are pretty lax sometimes. They like to put
correlations on log-log plots. Then they put scatter and everything looks
nice. And they come up with missile Reynolds number correlations. Sometimes
they throw in a Prandtl number. Then on the back end of that they put a wall-
to-bulk ratio. The poor designer is interested in a wall temperature when he
comes to design his tube. If he takes these correlations that have these nice
10, 20, and 50 percent scatter, and makes a back calculation, and calculates
the wall temperature from the correlation, he might find out that he can't hit
that wall temperature within 500 or ̂ 00 percent. This we have done with some
of the correlations that exist, and also some of the correlations that we are
trying to do on heated tube experiments.

This is particularly true when you put this wall-to-bulk ratio on the back
end and put it up to maybe 0.8 or 0.9- You find out that the missile correla-
tion then becomes independent of wall temperature. And then when you back cal-
culate you don't have any footing when you come to wall temperature.

I might point out one or two other things in getting this kind of liquid
side data that we have experienced. One of the things, and I think Rocketdyne
has experienced this, too, is that with any tube that we ever run we get into
some kind of an oscillation. Some of these may be down in almost the chugging
mode, and may be tied into the system. Others are acoustical. These things
can be real bothersome because they can give us different levels of heat trans-
fer. I don't know of any correlation that really takes this into account. And
so I think we always have to say when we give somebody a correlation, "Look out,
because there are some unknowns in this thing."

Another unknown that has cropped up, too, is acceleration in flow. We
often do these heated tube experiments with constant-diameter pipes. But we
find that if we accelerate the flow for any reason, or decelerate it, that we
can get into different modes of heat transfer and those that don't fit these
nice missile correlations that we put on log paper. Also with hydrogen you
have to be careful how close you are to critical temperature, because around
the critical temperature (this may not be as true at high pressures) if you
get down to 800 psi, you can find terrific enhancements in heat transfer around
this point. So I caution anyone, at least from our experience, on these nice
correlations on liquid hydrogen, because they can be very troublesome.
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15. SUMMARY DISCUSSION

MR. BARTZ: We will now excuse our contractors. There may be another point
or two that might "be discussed on proprietary items. I want to thank you again
for your help and assistance. I think we can finish up quickly on the cooling
session. I think maybe the only point that is of proprietary interest is the
discussion by Mr. Mulready on this combination film and transpiration cooling.
I had not seen this before and was not aware of it. It apparently is a new
thing that they are considering and that they are rather optimistic about.

I was rather startled by their claims of competitive weights. When you
have that much thickness of metal and you compare that to a hollow tube, or
some of the other methods that we talked about, it is just astounding to me
that they can end up with comparable weights.

COMMENT: They are not comparing with a hollow tube but with a Rigimesh.

MR. BARTZ: It seems to me that as long as a hollow-tube regenerative idea
is possible, or film cooling is possible, you have to go back and compare with
those things. It is not fair to compare it with those things that are not
equally applicable.

I think it is an interesting way of looking at it. I am just fearful that
it is going to be awfully heavy. You can see by the time you have solid copper
or any other metal for that matter that has to be a half inch thick, even
restricted to the combustion chamber, it will be of considerable weight. Does
anyone else want to discuss this or any other matters?

MR. WOODCOCK: I don't remember too much about the detailed numbers that
Pratt &. Whitney gave. It appeared that in their engine concept, and I suppose
in most engine concepts around this chamber pressure, the pump and associated
hardware make up a pretty large part of the total engine weight. As I remember
they said that for this concept engine weight is 4̂- percent greater than for the
original base concept. I have no idea how it compares with the tube wall
engine. It seems that if the pump is a major portion of the engine weight the
concept is not too bad from the weight standpoint.

MR. BARTZ: Is it major in the sense that you could say that the thrust
chamber itself is, say, 20 percent or less of the total? I have no figures but
intuitively I guess that the thrust chamber itself, including injector, skirt,
and all, must be ^0 percent of the total mass of the engine. Does anybody have
any figures?

MR. GINSBURG: Aerojet's figures show the turbopump to be only about
50 percent of the total.

MR. BARTZ: If the turbopump is 50 percent, maybe the engine is another
14-0 percent, and the rest would be controls. I think as a significant part of
the total it is not a negligible part, and therefore big effects on the total
weight of the thrust chamber would have a large effect on the engine weight.
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MR. WOODCOCK: They have only "been working on this idea, I believe, for
something of the order of a couple of months.

MR. SUDDRETH: Rocketdyne showed a couple of limitations on the kerosene,
through the coking and carbon, a little lower than shown by GD/A. GD/A, I
think, referred to 2,000 psij Rocketdyne referred to 1,750 psi as maximum. It
is a rather daring step in terms of technology if you talk about a 250 psi step,
and it is up in the area of marginal or more marginal design. The same thing is
true with stainless-steel construction for hydrogen/oxygen. The point here is
that GD/A was rather enthusiastic about these higher pressure levels with the
current technology. This is in the realm of uncertainty. I think it is a
pacing item.

MR. BARTZ: I completely agree. I think they are overly optimistic. It
seems to me that these film cooling figures that they quote here are pretty
glib. What we know about film cooling is very little and has been taken from
data that have very little relevance to what we are doing. The situation could
get very optimistic or black, depending on how the data turned out.

MR. SUDDRETH: For a realistic study it would seem to be worthwhile to
begin to follow these things back into GD/A and Martin studies and temper the
enthusiasm of the contractors in this case.

MR. BARTZ: I think it all relates to the time schedule we are talking
about. If you can sit around and wait for Pratt &. Whitney to get some defini-

tive cooling data in 1— or 2 years, that is one thing. If you can't, then I

quite agree with you, you have to back them down on the chamber pressure.

MR. BURLAGE: For what it is worth on relative weights, I was reviewing
what our studies showed; in almost all cases the thermal pump is about one-third.

MR. BARTZ: Thrust chamber one-third and controls another?

MR. BURLAGE: I don't know how this breaks down. Thermal pumps are about
one—third.

MR. WOODCOCK: If, when you talk about the engine, you consider the
extended nozzle, the big skirts, and so forth, I think it will turn out to be
a fraction of the total system weight.

MR. TISCHLER: I think we are faced with two different issues in these
discussions. One of them has to do with the development program to be under-
taken sometime in the future, and trying to decide at this early date what the
nature or form of that development program is likely to be. And the other
issue quite distinct is the issue of what should we be doing to develop tech-
nology leading up to advancements in this development possibility. I think
there should be no limitation on what we explore in this area. I think it is
clear that if we have areas of nonavailability of data, that is, hollow areas,
we should be trying to fill them. There should be no predetermined limit to
how far we can go in this area until we have actually impounded that limit
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experimentally or at least theoretically. I think we should push agressively
into these particular areas, and not try to define studies that fall short of
it.

MR. BARTZ: I agree on the last point. I think the contractors have a
tendency to have a glib answer for everything and not face up to holes in the
data, whereas I think one has to face up to these and actively seek programs to
define these and not gloss them over. I think they have to do that, and I
think that is too "bad.

MR. WOODCOCK: Some of the contractor studies were more on the "basis,
assuming that high chamber pressure can be achieved, of what looks the best
from an optimization standpoint. I don't think they pursued at any depth
whether 2,000 psi was feasible. Also, their optimization was relatively flat,
and if you have to back down to 1,750 psi for the RP stage I don't think it
will make very much difference in their performance.

MR. SUDDRETH: If you use the Nova study to determine a national booster,
and look at these things without weighting them technically, you will end up
with a system which may not be what you might want to buy at that time. My
point here is that the weighting or evaluation will be done by people maybe
other than technical people, and you have to be realistic in the approach.

I have no objection to the 2,000 psi number, but somebody who might make
the decision would say 2,000 is high enough; let's buy it.

MR. BARTZ: Of course, they have been talking 2,500 psi most strenuously.
That seems to be the magic number.

MR. SUDDRETH: That selection might not buy us a brand new engine like a
toroidal or multichamber engine. It might be another regular type of engine.
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16. IGNITION AND COMBUSTION

By Gerald Morrell

Lewis Research Center, NASA

It is evident from the preceding discussions that given enough boundary
conditions and variables with which to work, a gaussian distribution of designs
can be obtained, and there is no apparent way to select an optimum design from
the results of uncontrolled studies. As requirements become more definite, we
can expect the selection of an optimum design to become an easier task provided
the research and advanced technology programs are providing the information
needed to carry out and to evaluate proposed designs. Such technical informa-
tion is also necessary for establishing realistic requirements in the first
place.

In this session, I shall try to show how current theory can be used to
assess the problems which may arise in the development of large-thrust rocket
engines whether the large thrust is obtained by physical scale-up, by an
increase of operating pressure, or by both methods together. I shall discuss
ignition, combustion, and oscillatory combustion, starting with ignition which
seems to offer the fewest problems.

Although the kinetics of the ignition process are not well understood, the
classical approach of considering the thermal inputs and outputs up to the point
where reaction is self-sustained permits an evaluation of the influence of
changes in experimental variables on the parameter of interest whether it be
ignition temperature, ignition lag, or minimum ignition energy.

The simplest expression for the rate of change of pressure in a combustor
is given by:

dP _ kRT . _P_
dt " m " tc

where k is the propellant flow rate —, R is the gas constant, T is tem-
dt

perature, V is volume of the combustor, M is molecular weight of the com-
bustion products, and tc is the first-order depressurization constant or blow-
down time. If ignition takes place at t = 0, P = Po, and no mass loss is

m,-,
assumed, then k = —-, where DQQ is the mass of propellant entered over the

ignition lag period T, and

p krRT
0 " ~MV~

At steady state, t = oo, -S- = 0, and
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KRTt,
P =

With these boundary conditions, the rate equation may be integrated to give:

£-*•

At the ignition point, t = 0, and

T . P0

This equation indicates that in scaling to larger thrust, a similar ignition
pressure profile is obtained by maintaining a constant ratio of ignition lag to
blowdown time. Also, to avoid overpressures, the ignition lag should be less
than the blowdown time. For systems with considerable mass loss during the
ignition period, as in low-contraction-ratio engines, at low ambient pressures,
these conclusions need to be modified somewhat in that the initial pressure and
pressure rise time will be lower unless the flow rate is increased to compensate
for the losses.

There are many different ways to achieve ignition in rocket engines and
most of them have been tried including spark ignition, hot surface ignition,
and chemical ignition.

For laminar flow conditions, the minimum spark ignition energy is given by:

UJ;,,
2U ts + s

P log' &

where Ug is the approach gas velocity, ts is the spark duration, P is

pressure, and s is electrode spacing (assumed to be greater than the quenching
distance). For turbulent flow at constant pressure, the analogous expression is

where \| û  is the turbulence intensity. If the pressure level during the
ignition transient is increased, therefore, lower ignition energies will be
required. For the smaller volumes characteristic of high-pressure engines such
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a condition should exist. There is also evidence that in high-pressure com-
bustors, the turbulence intensity is lower which would also tend to reduce
ignition energy requirements. In scaling to larger sizes, care should be taken
to maintain the gas velocity in the neighborhood of the spark source constant
to maintain similarity.

For ignition by hot surfaces, one theory gives the following expression for
the minimum igniter surface temperature:

where Nu is Nusselt number, d is a characteristic dimension of the igniter,
Ts is igniter surface temperature, To is approach gas temperature, Tf is
flame temperature, E is activation energy for the chemical reaction, R is
the gas constant, and K is a constant which depends on the properties of the
propellant. When the appropriate expression for Nusselt number in terms of
Reynolds number is substituted, it can be seen that the same conclusions with
respect to effects of pressure and approach velocity on igniter surface tempera-
ture, and hence igniter energy, can be made as for the spark ignition case.

Hypergolic or chemical ignition has been studied extensively and sufficient
understanding has been generated for our purpose. Although temperature has been
found to be the primary environmental parameter affecting ignition lag,
increasing pressure also produces a slow decrease in ignition lag. The latter
effect is due, at least in part, to the improved mixing provided by increased
pressure drop in flow systems. In a typical case, ignition lag is decreased
from several milliseconds to several microseconds by an increase in pressure
from 1 atmosphere to 1,000 atmospheres.

For scale-up of engine size, the most important observation is the appa-
rent invariance of the ratio of ignition lag T and combustor volume Vc for
a given flow rate:

-\ = aT
c

where T is temperature, and a,b are constants characteristic of a particular
propellant system. For nonflow systems at a given initial temperature:

-I-CC I

Vc m

where m is the mass of the reactants added. In either case, it is apparent
that T is most dependent on the local concentration of reactants which should
be kept constant to maintain T constant. In other words, initial flow rate
should be increased in proportion to the increase in combustor volume in order
to maintain a fixed value of ignition lag. For the case that the steady-state
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flow is increased correspondingly to produce the increased thrust, this proce-
dure will assure a constant value of r/tc and, hence, of the ignition pressure.

One further factor which needs consideration is flame spreading from the
locus of ignition. The rate of flame spreading will determine the rate of pres-
sure rise after ignition and should be kept constant in order to maintain the
same startup time in a larger engine. An increase in pressure should have no
serious effect, since all available research results indicate that laminar flame
speeds are proportional to pressure raised to a positive exponent, which varies
from 0.1 for hydrocarbons-oxygen to OA for hydrogen-oxygen. It should be neces-
sary, therefore, in a scale-up only to maintain a fixed distance between igni-
tion sources, that is, a constant number of igniter elements per unit cross-
sectional area of combustor.

In summarizing up to this point, it appears that there are no serious igni-
tion problems to be expected in the development of very large rocket engines
where both scale and pressure may be increased over currently contemplated levels.

With respect to steady-state combustion efficiency most rocket design pro-
posals are optimistic in spite of limited experience at very high and very low
pressures. Our present state of knowledge does not warrant such optimism, in
my opinion, especially in the high-pressure regime. There is no question, how-
ever, that with sufficient development effort a satisfactory level of combustion
efficiency can be achieved consistent with stability and tolerable heat flux
rates. It should be one of the objectives of the research and advanced tech-
nology program to provide the information which will help to minimize the devel-
opment requirements. Another objective should be that of providing information
which will help in evaluating the technical merits of alternative proposals.

In an earlier session, one contractor voiced the view, with which I concur,
that we should give serious consideration to low-pressure systems in spite of
high structural weights because of the inherently higher reliabilities which
could be achieved. With this view in mind it seems appropriate to discuss sev-
eral rate processes, since it does not appear that a single process can be rate-
controlling over the range of pressures which should be considered. I shall
discuss chemical space heating rates, turbulent mixing, and droplet vaporization.

Chemical space heating rate is dependent on the following parameters:

/ E\
Qmax °: \̂ )

where E is the activation energy, R is the gas constant, If is flame tem-

perature, To is reactant temperature, Cp is the average molar heat capacity

of the reaction mixture over the range To to T-p, Af is the average thermal
conductivity of the reaction mixture, P is pressure, Uf is laminar flame
speed, AKy is the volumetric heat of combustion of the reactants, and Qmax
is the upper limit of the chemical space heating rate. From other research it
is known that the pressure dependence of the laminar flame speed is given by
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for methane-oxygen and

Uf a P
Ul

for hydrogen-oxygen, so that to first order, the pressure dependence of the
space heating rate is given by

for methane-oxygen, and

for hydrogen-oxygen. It appears, then, that increasing pressure should increase
the "burning rate thereby increasing the combustion efficiency for a given length
combustor. This phenomenon may account for the face burning observed in many
high-pressure combustion experiments. As the following table shows, however,
actual space heating rates fall far short of the maximum calculated value.

Propellant system

n-heptane — liquid 02

g-H2— liquid 02

g-H2 — liquid F2

Pressure,
atm

18 A

20 A

25.2

Space heating rate,
Btu/hr-ft5
(measured)

7.1 x io8

8A X IO8

8.5 x io8

Maximum space heating rate,
Btu/hr-ft5
( calculated)

1* X lO1^

2 X IO15

7 X lO1^

The large discrepancy between measured and computed space heating rates has
been attributed to the dominance of physical reactions in determining overall
conversion rates. It is possible, of course, that for sufficiently low pres-
sures chemical reaction may become the slow step in the conversion process, but
it does not seem to be rate-controlling at pressures above 10 atmospheres or
thereabout.

Another process which should be considered is turbulent mixing which, as
will be shown later, may be especially important at very high combustion pres-
sures. The results of a linearized analysis based on a grid of point sources
is shown in figure 1, where the ratio of minimum to maximum concentration
Cmin/Cmax ^s plotted as a function of the ratio of downstream distance to
source or grid spacing x/s for various values of turbulence intensity

U. The familiar growth curves are obtained with mixing length becoming
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smaller as turbulence intensity is increased or grid, spacing is decreased.
Typically, grid spacing might be the mean distance "between injector elements
or the distance "between hydrogen and oxygen slots. The effects of finite source
dimensions and jet impingement momentum have not "been included in the analysis,
but, qualitatively, it might be expected that the effect of the former would be
to increase mixing length, while the effect of the latter would be to decrease
mixing length. These effects should be the subject of additional research. The
meager experimental data which have been obtained in small research combustors
indicate that average turbulence intensity may vary from about 10 percent near
the injector to about 5 percent near the nozzle entrance for the hydrogen-oxygen
system.

It is apparent from figure 1 what must be done in scaling up at constant
pressure in order to maintain the same mixing efficiency. It is necessary to
retain the same grid spacing and gas velocity (contraction ratio). However,
such a procedure will not retain similarity with respect to the acoustic mode
of instability, and compromises will have to be made, for example, increasing
combustor length.

The effect of increasing pressure is not so clear in this case. In general,
as pressure is increased, it is necessary to decrease the effective number of
injection elements in order to obtain the required mass flow in a reduced cross-
sectional area. All the designs presented in preceding sessions showed this
characteristic. This procedure has the effect of increasing the grid spacing
and would be detrimental to mixing efficiency.

Turning now to vaporization as a rate process, we have had considerable
success in recent years in relating combustion rate with the rate of vaporiza-
tion of one or both propellants in the pressure range of about 10 atmospheres
to 70 °r 80 atmospheres. The final result of this work is the following equa-
tion for the percent of mass vaporized:

I- 0.832̂  KCP/^OO^0'^
Percent mass vaporized = —̂ ~-r- + " / J ' :

Ao.tt Ao.22so.53 A. rm J..*5,To ,0.r.
\ TI.°.RJ V^oojj Ijiooj

where Zc is cylindrical chamber length, Zn is nozzle length, A is con-

traction ratio, s is nozzle shape factor, P/300 is a normalized pressure,
rjn/0.003 is a normalized mass median drop radius, Vo/1200 is a normalized
injection velocity, T^ o R is the reduced liquid temperature, and K is a

constant which depends on the propellant properties. The characteristic veloc-
ity efficiency is then given by the expression:

th /f

202



•where (ĉ \ / is theoretical characteristic velocity for the vaporized
/ * \oxidant-fuel ratio, ((-'th) ^s theoretical characteristic velocity for the

input oxidant-fuel ratio, wo is the oxidant flow rate, Vf is the fuel flow
rate, 0 is the fraction of oxidant vaporized, and F is the fraction of fuel
vaporized. From these equations it is possible to estimate the effects of design
changes on combustion efficiency. If pressure alone were increased, there should
be a corresponding increase in combustion efficiency, but, as we have noted, an
increased operating pressure usually means fewer injection elements per unit of
propellant flow and much larger drop sizes. The net result could be a decrease
in burning rate and a decrease in efficiency for a given length of combustor.
Scale-up by multiplying the number of unit injector elements (i.e., maintaining
rm constant) is also hazardous since such a procedure is likely to increase the

tendency towards oscillatory combustion, especially in the transverse modes.

At combustion pressures above the critical pressure of the reactants the
vaporization theory runs into a serious difficulty. When the liquid tempera-
ture reaches the critical value, there is no longer a liquid boundary and some
process other than vaporization must be invoked to describe the combustion rate.
Turbulent mixing is probably the process which becomes dominant, but this com-
bustion realm needs a good deal of research before definitive design criteria
can be expected. An example of the magnitude of the difficulty is shown in fig-
ure 2 where the fraction of propellant vaporized when the critical temperature
is reached is plotted as a function of the ratio of combustion pressure to
critical pressure. It is apparent that for combustion pressures as low as
100 atmospheres (1,500 psia) only a small fraction of the mass will have vapo-
rized when the critical point is reached. At this pressure and above, vaporiza-
tion theory can only describe the initial heating period and is not applicable
to the steady-state combustion regime.

Summarizing briefly, it can be said that chemical reaction rates are prob-
ably not a limiting factor in large engines. Vaporization theory is adequate
for describing steady combustion up to about 70 to 80 atmospheres. Beyond this
pressure limit, turbulent mixing probably becomes the dominant process, but this
regime of combustion in the supercritical range requires much more research
before definitive design criteria can be obtained. An increase in pressure, per
se, should cause no difficulties except for the possibility of increased injec-
tor face burning caused by the flame stabilizing nearer the injector due to the
increase in flame speed. The necessity for decreasing the effective number of
injection elements per unit of mass flow as pressure is increased, however, may
actually decrease combustion efficiency due to an increase in mass median drop
size or grid spacing, depending on which mechanism is operative. This latter
effect is already noticeable in the high-pressure hydrogen-oxygen engine work of
Pratt & Whitney, and in the large thrust per element work of Aerojet. One way
out of this dilemma is to make use of staged combustion cycles which may improve
liquid atomization. Another promising approach is the toroidal concept of
Rocketdyne which does not require such a large decrease in injection plane area
as pressure is increased thus permitting the use of smaller injector unit ele-
ments. Much technology work remains to be done in these areas.
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Scale-up with respect to thrust level only does not appear to "be a serious
problem as long as consideration is restricted to combustion efficiency. How-
ever, as I will show later, the similarity criteria for combustion rate are not
compatible with those for combustion stability, so that the scale-up cannot be
a straightforward procedure. Nowhere in the present proposals do I see any
serious consideration of this difficulty. The combustion difficulties which
have been encountered in the F-l development give ample warning that the scale-
up procedures used by prospective contractors in proposals for future large
rocket engines should be given careful scrutiny.

Finally, I would like to discuss what I believe to be a crucial question
with respect to the development and reliability of future large rocket engines.
That is the question of combustion instability, which is a generic term for a
variety of phenomena ranging from pure hydrodynamic modes of oscillation to pure
acoustic modes. Only the hydrodynamic and acoustic modes have been studied
extensively. A complication which is likely to arise in the very large engines
of the future is the interaction of these two modes due to the fact that acoustic
frequencies are approaching those of the hydrodynamic modes. Interactions of
this kind have not been studied because of the great experimental and mathemati-
cal difficulties that are involved. The best that can be done for now is to
treat the pure modes separately and to take care of the interactions during the
hardware development phase.

The results of a linearized analysis of the hydrodynamic mode of instabil-
ity (chugging) are presented in figure 3- In this figure, tc is the critical
time lag or combustion dead time, L* is characteristic length of the combustor,
AP is the feed system pressure drop, Pc is combustion pressure, and Z is
the line relaxation time. The expression for Z is:

where I is line length, fv is liquid density, VL is liquid velocity, and
g is the conversion constant. This analysis agrees quite well with much of the
experimental work that has been reported and may be used to predict the stabil-
ity of proposed systems. The critical time lag cannot be calculated precisely
but may be approximated by calculating the ratio of the length required to vapor-
ize half the mass and the injection velocity, or by calculating the ratio of the
50 percent mixing length and the average gas velocity, whichever mechanism is
applicable. For reference purposes, the locus of current engines is shown in
the figure. The difficulty in going to higher combustion pressures arises from
the requirement to keep the pump discharge pressure as low as possible. This

« AP
results in a low feed system pressure drop and, therefore, a low value of L —

*c
leading to a less stable system. The situation is further aggravated if a por-
tion of the feed system such as the injector dome or annulus is decoupled due
to a sudden decrease in velocity. If the latter case is assumed, then most of
the proposed high-pressure engines should be less stable than current engines.
Nowhere in the present proposals do I see any serious consideration of this
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problem. Pressure budgets appear to be based on what the norm has been for
each component rather than what is required from a dynamic analysis.

One positive factor should be mentioned. If hydrogen-oxygen rather than
kerosene-oxygen is used for future engines it will be easier to achieve a stable
system in the hydrodynamic mode. The much lower time constant for the former
system means that it will be more stable than the latter system for a given

value of Z and L* ̂ -.
"c

Finally, we should consider the acoustic mode of instability which con-
tinues to be a troublesome factor in new engine developments. After 6 to
10 years of really serious work we are beginning to shed some light on this
phenomenon; there are several linearized theories which indicate qualitatively
the influence of parameter changes on system stability, and there is one non-
linearized theory which permits quantitative predictions of threshold perturba-
tions which will destabilize the system. Much remains to be done. Good experi-
mental tests of several theories have not yet been devised. Much more informa-
tion is needed about the kinetics of the various rate processes in order to
permit quantitative predictions of stability for a variety of engine design and
operating conditions. Work in the advanced technology area between basic
research and hardware development needs to be pursued much more vigorously
especially over a wide range of operating pressures. Some concept of the prob-
lems associated with scaling combustors in order to maintain similarity with
respect to acoustic mode stability can be gained from a brief review of the
major results of each theory.

Penner has applied Damkohler's analysis for flow reactors to the case of a
rocket combustor and has found three similarity groups which must be satisifed
to maintain a stable system:

Reynolds number,

Re =

Damkohler's Group III,

QDPv

Chemical Conversion Group,

where p is gas density, U is gas velocity, Dc is combustor diameter, M-
is viscosity, Q is heat of reaction, Cp is specific heat, Tc is combustion

temperature, Y^ is the mass fraction of reactant i, w is the mass addition
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rate per unit volume due to chemical reaction, t^ is the wave time, t^ is

the chemical conversion time of reactant i. From this analysis it is apparent
that as combustor size is increased there must be an increase in chemical con-
version time to maintain a constant X value; however, it would be difficult to
maintain the other two groups constant while changing only t^. It is also

interesting to note that an increase in tj_ will not maintain similarity with
respect to combustion rate.

Crocco and coworkers have obtained a solution of the linearized conserva-
tion equations by assuming that the response of the combustion process to a
perturbation is characterized "by a sensitive time lag and a pressure interaction
index. The total time lag is given by:

T = T± + Ts

where TJ is the insensitive portion of the time lag and TS is the pressure
sensitive portion of the time lag. The sensitive time lag is given by:

Ts = ~s - n

where Tg is the average value of TS, n is the interaction index, Po is
the average pressure, AP is the pressure perturbation, and t is time. The
perturbation of the burning rate is given by:

w=n(l - e-
n

V. /P dz

where p is gas density, U is velocity, and z is axial distance. Insta-
bility should occur for values of Ts/t.w between the following limits:

-

where 7 is the ratio of specific heats and tw is the wave time. The ratio
~s/"tw is similar to Penner's ratio tj/tw, and would yield about the same con-
clusion with respect to scaling. It is not possible to calculate an a priori
value of Ts or n, so that a direct test of the theory has not been attempted.
Crocco has measured stability limits for rocket engines and has obtained values
of T"S and n from one limit of the boundary curve. Using these values, he

has computed the second limit in close agreement with the observed value. It
appears, then, that Crocco 's model should be useful for correlating experimental
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instability data and might be useful for indicating changes in design param-
eters which would improve stability. It is not applicable to systems requiring
a finite disturbance to produce reasonance (nonlinear systems).

Priem has obtained numerical solutions of the nonlinear conservation equa-
tions by employing a specific equation for reaction rate and, in particular, the
vaporization equation derived for steady-state combustion. The results for a
one-dimensional model and the transverse acoustic mode are shown in figure U.
In this figure, the pressure amplitude AP/PO is plotted as a function of the
parameter L = Dcm/2A for several values of AV/ac where P is the peak-to-
peak amplitude of the wave, Po is average pressure, Dc is combustor diameter,
m is fraction of propellant vaporized per unit length, A is contraction ratio,
AV is velocity difference between liquid and gas phase, and ac is the veloc-
ity of sound in the combustion gas. The lower limit curves are the perturbation
amplitudes required to destabilize the system and the upper bands represent the
limits for the equilibrium amplitudes of the oscillation. For reference pur-
poses most current engines have L values corresponding to the minimum region
of the perturbation curves. Since not all of these engines display equal levels
of instability, the differences must be attributed to effects of viscous damping,
which was not included in the analysis, or to variation in the value of AV/a
for the engines. As is seen from the figure, increasing AV/a stabilizes the
system. This factor may account for the increase in hydrogen-oxygen system sta-
bility which has been observed as hydrogen temperature is increased. It would
also indicate that the coaxial form of injector should provide a relatively
stable system as compared with the impinging jet form of injector, for a system
where one propellant is injected essentially as a gas.

Concerning scale-up in size, the theory requires a decrease in combustion
rate m as size is increased, in order to maintain a constant value of L; it
also indicates that for any size combustor, stability is improved by decreasing
the combustion rate (considering only the region to the left of the minimum).
Both conclusions are consistent with the results of the linearized models. So
we see that all theories are in agreement in one respect: scale-up procedures
which maintain similarity with respect to combustion rate are likely to produce
a system which is less stable than the model. Such procedures, however, are
exactly the ones which have been used in the past to scale from existing hard-
ware to larger systems. It will be necessary to take a much different approach
to the engines of the future.

So far, I have restricted the discussion to the region left of the minimum.
The region to the right, however, represents the most startling result of the
nonlinear solution. It predicts a trend which is just the opposite of that
obtained from the linear models. This behavior has not yet been tested experi-
mentally although we are attempting to do so at Lewis. If it should be true, it
offers the possibility of obtaining absolutely stable combustion systems. The
probability is rather high, however, that the complete three-dimensional solu-
tion will yield a curve which is considerably flattened in this region. Pre-
liminary two-dimensional calculations already indicate such a trend. For the
time being, therefore, it would be safer to restrict attention to the left-hand
range of L values for scaling to larger thrust levels.
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The effect of increasing pressure on stability is not clear-cut.
Restricting attention to the left region, a pressure increase alone would
increase m and would tend to destabilize the system. If, as is usually the
case, however, the number of injector elements per unit of flow is decreased,
the effect will be to decrease m and to stabilize the system. So the effect
of pressure cannot be assessed without considering a particular design.

It may also be useful to consider the acoustic mode as a heterogeneous
detonation supported by the atomization of the liquid phase behind the wave
front. Penner's chemical criterion may then be written:

where t-j-, is the breakup time of the liquid phase. I have been studying the
rate of breakup of liquid jets by shock waves and the theoretical model when
evaluated at the conditions behind a stoichiometric hydrogen -oxygen detonation
predicts breakup times of the order of magnitude required to drive such a detona-
tion, that is, the order of 10 microseconds. For purposes of this discussion the
breakup time may be written:

tb
yl.25pO.te

and

where Ro is jet radius, U is particle velocity behind the wave, and p is
gas density. The latter expression implies that for scale-up of thrust or pres-
sure, similarity with respect to stability is maintained by increasing Ro; that
is, the combustion rate must be decreased or the number of injector elements
per unit of flow must be decreased. Again the conclusions are qualitatively
similar to those of other theories. What is required, obviously, is much more
quantitative information both at the research level and at the advanced tech-
nology level.

In summary, it appears that no serious ignition problems can be expected
in the development of future large rocket engines.

Available theory is adequate to predict combustion rate and efficiency up
to about 80 atmospheres, but for pressures above this value the nature of the
rate-controlling process is not known, but is most probably turbulent mixing.

There may be some difficulty in future large engines with hydrodynamic
instability if high combustion pressures are employed together with marginal
line pressure drops.
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Finally, several theories are available for predicting design variations
which will maintain similarity with respect to acoustic mode instability. All
agree that the proper scaling procedures are not compatible with those required
to maintain combustion efficiency constant. None of the theories has had ade-
quate experimental tests.
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Figure 1.- Turbulent mixing from a grid of
point sources.
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IT. SUMMARY DISCUSSION

ME. JARAMILLO: I would like to know whether you favor going to higher
chamber pressures or lower chamber pressures for the very large high thrust
engines.

MR. MOKRELL: How can I say? We first have to decide what it is we want
to do, really. And what the conditions are for what you want to do. If you
tell me, for example, that you don't care what the thing looks like, just so
it works, how big it is or what, just so we take the least amount of risk,
obviously I would pick the very simplest system I could think of. Maybe to me
that is a pressurized low-pressure system. I would say that, of all the things
I could think of, this has probably the least amount of trouble with it.

MR. BARTZ: Then it boils down to the question of single-stage-to-orbit or
not. That seems to be the recurring open question.

MR. MOKRELL: What is so magic about that?

MR. BARTZ: There you need the impulse that you can get from high area
ratios.

MR. MORRELL: The whole selling point on single-stage-to-orbit, other than
some minor one about reliability, is that it is a lot easier to recover every-
thing and maintain it, and the engineering is a lot easier if you are going to
reuse it.

MR. BARTZ: Then you question the importance of it?

MR. MORRELL: I would question it for the very limited objectives NASA has.
I don't see how you can launch more than 50 a year of these beasts. I don't
know. Maybe that is a lot. Maybe 20 a year. We are not going to produce them
like automobiles, like Volkswagens in this case or even Ford cars. You want at
most 100 of these things, therefore why break your back.

MR. BARTZ: I agree.

MR. MORRELL: I am all in favor of advanced technology because it helps
fatten up the budget, among other things, and it is good for the economy, and
who knows, someday we may want to do more than my limited viewpoint right now
sees. That is the place where advanced technology comes in. I think we tend
to get confused between what it takes for success and what it takes for esthet-
ics, so to speak.

You have a certain job to do and there are a number of ways to do it, and
you can do it the simplest way, although it may also be the clumsiest, but
simple enough so that it gets done. You don't have to worry about appearances
or using the very latest things, but about those things which you know the most
about. And you can sledge-hammer your way through the problem; or you can make
the argument that this technology will help me some day later, somewhere; or it
may turn out that we will decide it is worthwhile doing. I am not against
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learning new things and learning nev ways of doing things, but I think we ought
to keep that in perspective with what you have to do, and, in my opinion, you
don't put new things in simply because they are new. You put them in when you
are sure they will work, because if we don't succeed, nobody will ever ask you
about all the knowledge that you gained, and if you do succeed they don't really
care how you did it.

MR. BARTZ: I think the point to be emphasized, though, is the fact that
what you do, in answer to a question "Do you go high pressure or not?", is
strictly dependent on the question of do you go single-stage-to-orbit. Is that
important? I think that has been skirted.

MR. MORKELL: This is not a job for a contractor.

MR. BARTZ: It has not been answered.

MR. MORRELL: That is our responsibility. Somebody has to get together
within NASA and decide what they want to do.

MR. SLOOP: Hasn't another argument on pressure to do with vehicle design?
You talk to a structures man and he doesn't like to see big things. He likes
small things for reducing bending moments and things of that sort.

COMMENT: We agree that we are not going to be building transportation
systems by 1970- But we say don't build more and more Peenemunde engines and
try to amortize them.

MR. MORRELL: They work.

COMMENT: You don't keep going the same route. You try to do it a little
better.

MR. MORRELL: There is nothing wrong with building something better if you
can, and if you are sure that it really is better.

COMMENT: The way you did it at one time was because that was the only way
you could do it. Right?

MR. MORRELL: Right now there is only one way I know to do it. You keep
learning.

COMMENT: And the question is, what direction do you go to learn? You ask
yourself the question, "If I had it, what would I do with it?"

MR. MORRELL: If you are just trying to learn basic information, you learn
everything.

COMMENT: That is pure research.

MR. MORRELL: Somewhere as you go along you have to make a decision as to
which of this you are going to discard.



COMMENT: The decision might "be "based on the question, "If we had this would
we use it?"

MR. MOKRELL: We know that "by 1970 we won't have the vaguest idea of using
air augmentation.

COMMENT: That will never work anyway.

MR. MOKRELL: So throw it out right now. Forget about it. You are just
cluttering up the works.

COMMENT: I agree. We have known that for 50 years.

MR. WEIDNER: Let me say one thing about the one-stage-to-orbit. I believe
we are searching here, soul-searching, and we don't know whether it can be done.
Very likely it cannot be done and we all agree with that. This doesn't mean we
shouldn't at least look and make up our minds as to whether we are certain or
uncertain about it.

Once we reach this point and we come to a real development thing, I think
then the real soul-searching has to start since I believe that what we are about
to do here, at least what we think we are about to do, would be so costly that
we cannot afford to be wrong. As soon as that question comes up, I think we
will all come much closer to the things we know, and the advancement will not
be quite as advanced as it appears today. But I think this is all obvious to
the people who, let's say, have been in this business for a long time. If we
go into this undertaking with this in mind, we will never make progress and
advancement. I think we should use this time right now to soul-search and
somehow to think of things which might not be possible, but at least to look at
them.

All we are saying here is, let's use this time to find out whether there
are some areas where with safety we can make a small step ahead by the time we
are ready to make that choice, or called upon to make that choice. I think that
is all we are really looking for. This is at least my philosophy. I don't see
these very big things myself, and I think nobody does. Not in our lifetime.
But I think this shouldn't keep us from looking.

MR. SLOOP: Absolutely.

MR. BARTZ: The contractors are expecting a lot more though. They are
proposing million-dollar programs.

MR. SLOOP: I think it is natural that the contractors propose million-
dollar programs. I think they feel that the Nova is almost around the corner.
I think our studies sometimes indicate this. But I think that we do have some
time to do advanced technology, and I think it is very good that we do have this
time and we can, as Mr. Weidner said, look at a number of possibilities here and
bring ourselves as far along as we possibly can before we make the decision.

MR. MORRELL: There is one other thing we have to do, and that is we can't
simply sit here and say that all we are after is information; certainly we are
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after that, "but I think there was some truth in what was said here, that if you
want something by 1975> or 197&J or whenever, you really cannot sit back for
5 years and accumulate information. You are going to have to start right now
trying to decide what it is that you would do if you had to do it now; somehow
we have got to solve this very difficult management problem of keeping that
within bounds so that we can make improvements in it as we go along. We have to
keep the program from freezing so that we are limited by it.

If we can keep it as a flexible program so that we can feed technology into
it as it develops, and don't make the real final decisions until 1970, but
hopefully have enough technology so that we don't have to have an 8-year lead
time by then, we will have really accomplished something in this generation.
But if we simply go about aimlessly accumulating information in the form of
technology, we still won't have the information we need when we have to make the
decisions because we will always find we have done it in the wrong pressure
regime or the wrong velocity regime or the wrong propellants or something.

You have to do both things. There has to be a certain amount of flexibility
in the technology program so that we don't put blinders on and only look at cer-
tain things. At the same time, those of you who have hardware responsibilities
directly can't wait until 1970 to start thinking about what you are going to do,
and if you start thinking now, as you say, you can't think of all the strange
possibilities. You somehow have to dream up a flexible development program
which will allow for the input of new developments until the very last minute,
and that is something that has never been done before. As far as I know the
development program usually gets frozen before you are ready.

MR. WEIDNER: That is true. We can't charge in all directions even in
technology. We ought to get direction to this whole thing; on the other hand,
if we think of what happened prior to the selection of the Saturn V mode and how
to get to the Moon, there were battles in all factions. I am only thinking of
the pressure of a national commitment.

Not having this power, this directing and guiding force here, how will we
ever be able to make up our minds how to go?

MR. MORRELL: For a change we might get ahead of the game on propulsion.
Usually the decision, no matter whether political or nonpolitical, or so-called
technical decision, ultimately depends on how big an engine do I have and how
many of them can I put together. If by some chance we should some day get
ahead of the game so that we have something bigger than what we need, then that
will be the limiting factor and that will determine what can be done. And so I
think if I were starting out today, I wouldn't stop with the Mars mission. I
would build an engine that was bigger than I needed for the Mars mission and I
would start out thinking in terms of very simple concepts and doing the tech-
nology to check out those ideas as far as they go; then I would bring along this
more advanced technology at an appropriate pace and keep that development pro-
gram from freezing, because I don't need it now anyway.

MR. BARFIELD: I think you are going to have to find some way to bring
things into focus, selecting certain areas of technology and going ahead and
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pursuing them and getting some of the design data on which you can base an
engine development in the future.

MAJOR BOUVIER: I don't have anything to add except that in the Air Force
we are trying to promote some projects in advance technology to fulfill the
objective that Mr Weidner mentioned, and I do hope that you recognize some of
the things that we are doing in planning your program. We have some high hopes
for an advanced technology program which features the stage combustion, the
high chamber pressure with storables, and self-compensating nozzles. That
hasn't been approved in a hard fashion yet, but I think that we are in the right
direction. I was struck with one thing, based on my own personal experience,
that recovery and this very high payload, or high AV that you are talking
about, just don't seem to be compatible. It goes back to this comment a little
earlier about the number of missions one might expect to do in the coming years.
If you have to put a lot of weight into orbit, maybe you want a smaller vehicle
and do it more often. Then recovery would pay.

MR. THOMPSON: One thing that seemed to be hit pretty hard by several
people was the system concept, which I feel is essential; that is, not looking
at just one chunk but a system and the intereffects. Following logically from
there one could say that certain representative systems could be picked and the
technology required to look into these systems followed through on as one
approach to a direction.

COMMENT: That is the point I was trying to make. The only way you will
determine what you want is by system. Otherwise you will put more and more
effort into all the bits and pieces and eventually end up with all shelves full
of knowledge, very little of which will be useful to you. You have to decide
which of the items you want to use.

COMMENT: You had better have a design study to get the selection process.
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18. INTRODUCTION

By Ambrose Ginsburg

Lewis Research Center, NASA

This session will concern turbopumps for the large-thrust engine. We
believe that large thrust will mean large turbopumps for a reasonable modular
arrangement. That brings up the question: What is a reasonable modular
arrangement?

It is my personal belief that an arrangement of JO pumps strung around like
lights on a Christmas tree is not reasonable, and one pump is not reasonable.
So for the purpose of this analysis we have picked a turbopump size for a
6-million thrust engine.

We are using hydrogen and oxygen as the propellants. We considered that
high pressure was desirable, and we had to "pick a number" to make a design
analysis. We picked 3,000 psi for the chamber pressure and an 0/F of 7-

In this session, we will take a look at the turbopump problems that are
involved in trying to satisfy an extreme situation of an old rocket engine prob-
lem. The severe situation is that we have a large high-pressure turbopump with
severe cavitation at the pump inlet and extremely high-pressure loading at the
pump exit.

This presentation is really in two parts. Part 1 covers some work by
industry and comprises two papers. The first paper, which is mine, concerns
the high-pressure pump experiments at Pratt &. Whitney in Florida. The second
paper, by Loren Gross of Marshall Space Flight Center, presents the results of
the high-pressure turbopump studies at Rocketdyne.

Part 2 of this session covers an analysis of large high-pressure turbopumps
by Lewis Research Center personnel. There the first paper, by Mel Hartman, head
of the Pump Research Section, discusses pumping. The second paper, by Warner
Stewart, head of the Turbodrive Section, discusses turbine drive systems and
cycles. The final paper, by Herbert Scibbe, member of the Bearing Research
Section, concerns bearings and seals.

219



Page intentionally left blank 



• •«
• •
• ••

19. HIGH-PRESSURE PIMPING EXPERIMENTS

By Ambrose Ginsburg

Lewis Research Center, NASA

The Pratt &. Whitney program was conducted under an Air Force Contract with
the purpose of developing a pumping system to supply fluid for a high-pressure
thrust chamber research program. The Pratt & Whitney turbopump experiments
were really feasibility studies of high-pressure hydrogen and oxygen pumping.
The turbopump program at Pratt &. Whitney is practically concluded. It is very
unfortunate that this program has not been extended, since interesting and
successful results were achieved as far as this test program went.

The objective of this program was to develop a 5,000-psi hydrogen and
oxygen pump system, with severe cavitation capability not a requirement. Also,
the pumps were to be on separate shafts.

Table I shows the hydrogen-pump design point specifications. It is a two-
stage centrifugal pump, back to back. The impeller blades are swept to 30°,
which is somewhat unusual for a hydrogen pump. Also, when I first saw this
pump I thought the tip speeds were quite unusual. The design tip speed of
2,200 feet per second is way up there in terms of the present state of the art.

There are other design features that might be of interest. The bearings
of "the system have a DN of 2 million; the cage material is a porous bronze
coated with Teflon. The bearings are an angular groove type and are hydrogen
lubricated. The impeller material for this high tip speed, 2,200 feet per sec-
ond, is a titanium alloy, designated A-l-10 alloy with low oxygen content. The
housings are aluminum; the turbine is titanium.

The thrust was balanced by a combination of back vanes on both the pumps
which were back to back, a balance piston, and of course the angular grooved
bearings.

Figure 1 shows a pump assembly; one portion is enlarged at the lower left
of the figure, for greater clarity. A one-stage turbine is shown.

Note the passage shape of the pump, which is somewhat typical of the low
specific speed of the design. The very small inlet is certainly not good for
cavitation. The fairly small blade heights helped alleviate the stress problem
at the high tip speeds. It is certainly not a flight-weight design, as can be
seen by the heft of the shroud and casing structures.

Figure 2 shows the performance of this hydrogen pump. The head rise in
feet is plotted against flow. The solid lines represent theoretical efficiency
contours and speeds. The data points represent the actual data taken on this
pump.

The data achieved are near optimum efficiency over the speed range; they
represent the high-pressure data.
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Test data were not obtained above 40,000 rpm "because of bearing and piston
problems. However, 4,000 psi at 2,000 gpm was achieved at this speed.

The oxygen pump is presently under test. There are a couple of character-
istics that might be of interest. The bearings for the lox pump are oxygen
lubricated. The drive turbine bearing on the shaft is either hydrogen or nitro-
gen lubricated. It uses RL-10 type carbon seals that have to function at sur-
face speeds of up to 225 feet per second. It is a single-stage pump, not very
different in appearance from the hydrogen pump.

The performance of the oxygen pump is shown in figure 3- Pressure is
plotted against flow, shown with dashed theoretical speed lines. The pump was
operated at about 10,000 rpm, represented by the solid line approximately
parallel to the dashed lines, with data points covering the flow range on the
lox pump. Then a speed ramp from 10,000 to 19,000 rpm was made and achieved
4,000 psi and a bucketful of parts.

This speed ramp was really supposed to be at non-stalled flow, but owing to
faulty instrumentation it was in the stall zone. As soon as a speed of about
19,000 rpm was reached, a pump vibration probably occurred with a resulting pump
failure. The failure was probably due to rubbing between the impeller and the
casing.

This is an important point: in high-pressure machinery, stall flow and
pump vibrations are problems.

In their experiment, Pratt &. Whitney achieved 4,000 psi, with reasonable
mechanical success. The program proved that methods for calculating back vane
flow were not accurate enough for thrust calculations. They did not obtain any
off-design data in terms of head and flow. They obtained no cavitation per-
formance or effects of cavitation. They did not establish the stall line. And,
certainly, they did not obtain any stability data. The program certainly
pointed up what everybody has been expecting: problems in bearing loads and
balanced pistons.

In going through the mechanical design procedure for such a program
Pratt &. Whitney did come up with other factors which they believe, and I agree,
are quite Important.

They believe that static seals for large high-pressure machinery are going
to be an exceedingly difficult problem. They believe that work really should
be done on flange design for static seals. Critical speed is a very touchy
problem.

I recommend that this program be supported to complete the experiments,
and this completion would include obtaining a complete performance map of both
pumps, pump stability data over the range of flow and head, and also cavitation
performance.
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TABLE I. PUMP DESIGN POINT SPECIFICATIONS

Flow -gpm 2,400

Pressure Rise —psi 5,000

Efficiency —percent 58

Speed — rpm 45,000

SSS (Inlet P0 = 40 psia) 14.300

Specific Speed 458

No. of Stages 2

Impeller Type Backswept to SO0

Impeller Tip Speed - ft/sec 2,200

Impeller Diameter — in. 11.2

Horsepower 12,200

HIGH PRESSURE PUMP ASSEMBLY

»UM» 1.4 11*01 MKHAIM

PUMP >« 11*91 MKMAIOI
.WOAMCI PIOM1 *O< lOIOM • f*IIO MIA1UIIIMNT1

Figure 1
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20. HIGH-PRESSURE TURBOPUMP INVESTIGATIONS

By Loren Gross

Marshall Space Flight Center, NASA

This paper is a discussion of the high-pressure pumping program that
Marshall Space Flight Center has funded at the Rocketdyne Division of North
American Aviation Corporation for $300,000 in each fiscal year 1963 and 196U.

The first objective of this program was to define problems of high-pressure
pumping systems. The ground rules used for the study were pumping systems for
engines with chamber pressures from 1,000 to 5,000 psi and with thrust levels
from 1 to 6 million pounds. The second objective was to initiate technology to
solve problems as they were found. Both an analytical program and an experimen-
tal program were conducted.

In the analytical program the first area investigated was the definition of
turbopump operating requirements for the large high-pressure engines. During
this part of the program, work was closely coordinated with the high-temperature
rocket-engine cooling which W. R. Wagner of Rocketdyne described in a previous
paper. They used data from this study to determine pump discharge and flow-rate
requirements for the very high-pressure high-flow-rate engines. Second, these
data were used to analyze and lay out turbopump assemblies to fit a wide range
of flows and head rises. The third effort was to extrapolate propellant proper-
ties to very high pressures. The propellants considered were liquid hydrogen
and liquid oxygen. The final analytical work was on a cavitation scaling con-
cept in which an acoustic theory of head breakdown was investigated.

The experimental program consisted first of an impeller burst investiga-
tion. In this phase, a radial-vaned shrouded impeller was procured, analyzed,
and run to burst in air. Second, high-speed antifriction bearings were tested
in liquid hydrogen. Third, an axial-flow impulse pump stage was designed and
tested in liquid hydrogen.

In the definition of turbopump operating requirements, the effects of
engine configuration were considered; that is, whether topping, GG, or other
cycles were used. In the later detailed studies made during the past year, the
GG cycle was considered almost exclusively. The type of combustion-chamber
cooling, the effect of combustion-chamber material, and the effect of valve and
line pressure drops were evaluated to obtain pump discharge pressures and flow
rates.

The result of these studies was a series of graphs, an example of which is
shown in figure 1. Here we have pump discharge pressure for a given cycle, in
this case liquid-hydrogen pump discharge pressure, as a function of the engine
combustion-chamber pressure. Note the continuous curve for estimated pump dis-
charge pressures with combined regenerative and film cooling and the transition
from complete regenerative cooling to the combined system. A series of these
plots were prepared under the program for liquid oxygen-RP engines and liquid
hydrogen-liquid oxygen engines.

_̂ MM̂ ^̂ ^̂ M̂ M̂MMIM
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The data from the study of turbopump operating requirements were used to
design and lay out turbopump assemblies for the engine size range of interest.
The purpose of this design and layout was to graphically find problem areas
of large machinery. The turbopumps laid out were all for GG cycle systems.
I might add that the liquid oxygen-RP turbopump systems were all single shaft
systems, and except for the 5jOOO-psi-chamber-pressure machine were all
single-stage pumps. The liquid oxygen-liquid hydrogen designs were dual-pump
configurations.

These layouts were analyzed to determine engineering feasibility and prob-
lem areas that could be expected to be encountered from manufacturing, material,
and testing considerations. Present-day state of the art was used in laying
down these designs; that is, our present criteria for seal velocities, suction
performance, and bearings were used.

From these layouts were obtained a series of representative design points
over the range of thrust and chamber pressure of interest. The design points
are graphically shown in table I. Liquid oxygen RP-1 engines were laid out at
each point indicated by RP and a liquid oxygen-liquid hydrogen engine was laid
out at each point indicated by

TABLE I.- TUKBOPUMP LAYOUT POINTS

Chamber
pressure

1,000

2,000

3,000

,̂000

5,000

Thrust level

1,500,000

RP(F-l)
LHg

RP
LHg

RP
LHg

LH2

6,000,000

RP
LH2

RP
LH2

RP
LHg

LH2

RP

The outcome of these studies was a series of analytical graphs in which
critical turbopump parameters were plotted against chamber pressure and engine
thrust. Figure 2 is an example in which turbopump weight was plotted against
engine thrust for various values of chamber pressure, Pc. This was done for a

number of other parameters, such as seal velocities and bearing speeds.
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The conclusions of this study were as follows:

1. All the turbopumps examined were within present engineering and compo-
nent technologies. That is to say, if it were required to start a design today
for one of the engines in the range of interest, a turbopump design could be
laid down with some confidence. This is not to imply that such a design would
be simple and easy. It was just North American's belief that machines could be
designed and built.

2. There was a great deal of state-of-art and component technology desir-
able for overall design improvements. A number of these state-of-art and compo-
nent technology programs desired were included in the follow-on program. This
state-of-art work would include programs with high-speed seals, high-speed
bearings, and high-head pumps.

There are two experimental parts of this program of particular interest:
the axial-flow impulse pump work and the high-speed bearing work.

The axial-flow impulse pump work is an attempt to get high head rise from
a small package by using impulse techniques in the staging. The impulse stage
was designed for a head coefficient of 1-3 at a flow coefficient of 0.735 with
a design efficiency of 75 percent. The stage was designed around the Mark 9
hardware. This is the nuclear feed system hardware. The stage consists of a
single rotor and a three-stage stator. Liquid hydrogen was the test fluid.

The advantages of such a stage are that, hopefully, it would give a very
high head rise in a single stage. The stage would also be expected to have
essentially no axial shaft thrust. The biggest disadvantage of such a stage is
the extremely high net positive suction head requirements for the stage. The
net positive suction head requirements for the stage approach the total head
rise of the stage. This would limit applicability to the final stages of high-
pressure pumps.

Figure 3 shows the rotor used in the experiments, and figure ^ shows a
partial assembly of the rotor and a section of the three-stage stator system.

The machine was tested and performed with a head coefficient of 0.9 at a
flow coefficient of 0.5, with an efficiency of about 75 percent. The machine
was reasonably stable over a wide operating range. Note that there was quite a
discrepancy between the predicted and test performance for the machine.

The characteristic curves for the machine are shown in figure 5- The
extremely large stall hysteresis loop should be noted.

The performance discrepancy was found to have been caused by a blade-
setting error in the manufacture of the rotor. The rotor used did not fit any
particular design criteria. A revised performance analysis was made on this
rotor, and it seemed to fit the test data reasonably well. I consider the
concept quite promising.

Under the second part of the experimental program, ten 150-millimeter
antifriction bearings (fig. 6) were procured and tested. Liquid-hydrogen
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lubrication was used. The bearings were an extension of the J-2 liquid-
hydrogen "bearing criteria. The "best performance obtained in a maximum-speed
test was 26,000 rpm at a 2,500-pound thrust for 7-iQin'u'te duration. In the
maximum-load test, a 5>000-pound thrust load at 20,000 rpm for 2-minute dura-
tion was attained. All failures were due to overheating in the bearing.

The follow-on program for this work again will consist of an analytical
program and an experimental program.

Under the analytical program Rocketdyne plans to do component design
studies, that is, design and study of individual components that might be
expected to give trouble in the design of a large high-pressure turbopump.
They plan to do a turbopump design analysis. This will examine the economics,
the logistics, the lead times, and the development times for the very large
turbopump assemblies. They plan to do a turbopump performance analysis which
would include control of a number of turbopump modules feeding single or mul-
tiple chambers such as might be found on a Nova vehicle. Such items as tran-
sient and throttling performance of these machines will be investigated. They
also, if time allows, plan to do preliminary design on selected turbopump
assemblies.

In the experimental studies Rocketdyne plans to test large antifriction
bearings; they plan to test 200-millimeter bearings, again hydrogen cooled.
They plan to investigate liquid-hydrogen hydrostatic bearings. They also will
investigate a hydrostatic impeller seal which is a limited-leakage seal con-
figuration such as might be used on a radial-flow impeller in place of a wear
ring assembly. They plan to design and test a high-pressure volute such as
might be found on large high-pressure engines. Work on the impulse pump will
be continued. A rotor to fit last year's design parameters will be designed
and tested, and the machine will be run with a highly loaded two-stage stator
assembly. They plan to do some study of a pump inlet fluid-injection system,
such as might be used with a throttleable engine. And finally, they plan to
continue the cavitation scaling work.
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Fig-ure J-- Experimental rotor.

Figure 4.- Partial assembly of rotor.
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Figure 6.- Antifriction bearings.
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21. PUMPING WITH TURBOPUMPS FOR LARGE ROCKET ENGINES

By Melvin Hartmann

Lewis Research Center, NASA

The kinds of ideas that have been explored in these large, high-pressure
turbopump studies are quite disappointing. It seems that no one is using any
originality or ingenuity; they are only grinding over the same ideas that have
been tried before. Even though packaging is an important aspect, it is dis-
appointing that the number of pipelines might be the only consideration for
selecting the number of turbopumps in a large engine. A plug-in turbopump,
though it is a fine idea, is not a great advancement over other innovations
that have been tried, and the monstrosity of a turbopump buried in the center
of an engine presents some interesting problems, too.

In this paper I intend to discuss some of the concepts to be dealt with in
going to high-pressure high-flow turbomachinery. To do this I shall discuss
some of the things that we have been doing at Lewis in our pump research group
and hope that these will contribute to the solution of the problems that we are
facing now.

In figure 1 is shown a sketch of the turbopumpman's view of the large
engine. Although in the past we have thought that some concepts are overly
complex, I want to present them for your consideration once more.

This is the hydrogen tank, with a boost pump mounted in the tank, as in
Centaur. It is followed by the high-pressure main pump feeding hydrogen to the
engine. This tank has been purposely shown as not having a pressurization
system because I would like to discuss the kind of pump that can pump from a
tank that does not have a pressurized system, a locked boiling tank. I hope to
substantiate this with some experimental results we have obtained at Lewis. I
also want to discuss how we can use the boost pump to optimize the main pump,
and some of the factors that make the main a good pump rather than just taking
some pump, such as M-l, and adding a boost pump to make up for lack of tank
pressurization.

I have shown the same kind of a system on the lox side, since there are
now some indications that we might be able to use locked tank pumping suction
in lox. I am not proposing that we use these systems but am merely offering
these concepts for consideration.

Figure 2 shows some of the types of machinery that might be used for the
high-pressure pump or what was referred to in figure 1 as the main pump. Fig-
ure 2 shows centrifugal, two-stage centrifugal, axial, and axial impulse
machines. When high pressure is needed, it is obvious that it is necessary to
try to get as high pressure per stage as possible. Then as high speed as pos-
sible must be attempted within the stress limits or cavitation limits.

The comment was made that the Pratt &. Whitney machine was running at
2200 feet per second tip speed; I consider this rather high. Lewis started out
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in the M-l with a centrifugal hydrogen pump at some 1600 feet per second but
switched to two stage, and even then the machinery was so large that we finally
switched to axial flow. I would like to point out to you that if the Pratt &.
Whitney-type, two-stage back-to-back device is scaled up to 6 million pounds of
thrust, the pump diameter approaches ^-feet which looks rather large.

The normal axial flow pump in figure 2 has a set of inducers in the front
and sets of stators between each blade roll. I would like to draw attention to
the axial impulse pump because I intend to quit talking about it. Figure 2
shows the inducer and a number of stators of this type to build an impulse
stage. When an impulse stage is working properly, it must ideally have a posi-
tive head flow curve. Experimentally it does not because, as the flow is
increased, the velocity and diffusion problems in the stators increase so fast
and the losses build up so fast, that the result is in reality a negative-
shaped curve. The irony is that if we could make it work, the impulse-type
pump may be stable in a system.

Figure 3 is a hydrogen pump that Lewis is trying for getting high pres-
sures per stage from centrifugal pumps. This is radial blading, the type of
blading used to get high pressure. However, it must be admitted that this pump
was not designed for good cavitation conditions - the height of these blades at
the inlet is very low. This is the type machine in which a boost pump or some
other device would be used to take care of the cavitation problem.

The measured performance is shown in figure ^. It has a very narrow use-
ful range, from some point where the curve is essentially flat to some higher
flow where the head is dropping off very rapidly. These data were selected for
the head coefficient curves at some inlet pressure with the suction head not
too high, in which the high flow is limited by the cavitation cut-off. If a
boost pump is used in front of this pump, this curve would continue in the high
flow direction before falling off.

The two sets of data shown in figure It- are for water and hydrogen; the
normalized net positive suction head is given. The main point is that when the
curves are the same, the cavitation effects are the same; the normalized net
positive suction head in hydrogen is some 20 feet below that which would be
required in water. This fact will be stressed later in discussing cavitating
pumps. The pressure stability in this device is very impressive. The flow
must be reduced to the very-low-flow region before appreciable pressure pertur-
bations occur in the system. It is quite a stable pump.

The head coefficients that can be obtained for these high-pressure hydro-
gen pumps are very important. This one was pushing 0.7- It is doubtful in
radial centrifugal machinery that it will go much higher than this. Besides
being the head multiplied by the constant over the tip speed squared, this is
also the slip factor times efficiency, so probably the value indicated in this
figure is near the limit.

An estimate of 0.65 as the head coefficient of any existing centrifugal
machinery would be a generous estimate. In figure 5.» the pressure rise is
plotted against tip speed for a centrifugal stage with a head coefficient of
0.65.



Again, the Pratt & Whitney people were running at 2200 feet per second
where they should "be able to get something in excess of 3*000 pounds pressure.
However, they have used two stages and slightly lower head coefficient. When
I objected to using tip speeds of 1600 feet per second for the M-l engine, my
point was the type of "blading that they were using. Even though very careful
stress analysis indicated "bursting speeds of over 2500 feet per second, with
the type of blading they were using, the vibration stresses would be very high,
and so that it would be difficult to make 1600 feet per second.

Figure 6 indicates the type of blading required for axial flow. The three
axial flow rotors shown are three different types of rotors that Lewis studied
rather intensively in its research program. They might be considered the kind
of building blocks used in building up an axial flow machine. First is shown
an inducer with such characteristics as high blades to get good cavitation per-
formance. The second stage might be an intermediate stage where the cavitation
problem is less, so the axial velocity is increased. The third might be a
high-pressure stage.

Tabulated in the figure are some of the design parameters that affect the
head-producing capability of axial stages. The first stage which was optimized
for cavitation has a very low flow coefficient, something in the order of 0.06.
The blades are very flat; the axial velocities are very low. Low hub-tip
ratios result in long blades, and it is difficult to get head coefficients of
0.2. Inducer stages of this type, with the long blade and its inherent
stresses, are limited to rather low tip speeds. By "low" is meant speeds
slightly over 1,000 feet per second.

The term usually used to express load capacity of the stage is the D
factor; it is a lift coefficient. It relates the velocities on the blades and
so on, and indicates whether an efficient stage will be obtained. In progress-
ing through these stages, those stages that have been selected for discussion
have approximately the same D factors, between 0.6 and 0-7- From blade-
loading studies Lewis has found that this range of D factors usually produces
high stage efficiencies.

Of the stages shown, the hub-tip ratio is increased progressively through
the machine. To get the flow through the machine now, the through-flow velocity
must be increased. The flow coefficients have gone from 0.06 to 0.̂ -2. At the
same time, without increasing the D factor, the head coefficient is increased
to something like 0.4. This is accomplished by judicious combinations of hub-
tip ratio, D factor, and head coefficient values.

Therefore, this is the loaded stage, and these three stages in figure 6
are the kinds of stages depended upon to get high-pressure ratio per stage.
Using 0.4 as a useful head coefficient, figure 7 shows the pressure rise
plotted against tip speed for axial stages of the loaded stage type. If the
tip speed were something like 1600 feet per second, with hydrogen a stage pres-
sure rise of the order of 800 psi per stage could be obtained.

The Pratt &. Whitney people think of high-strength alloys, of the kind they
use in their machine, talking of numbers of l800 to 2000 where we have exceeded
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1000 pounds per stage. It should "be pointed out that this is in the category
of 125>000 horsepower per stage.

This horsepower is mentioned, however, to point out that there are very
large fluid stresses on the blades, bending stresses. Even though this is
high hub-tip ratio machinery, the blades are quite short. In this type of
machine the bending stresses are something like three times the centrifugal
stresses. Thus, if the designer is very careful, loaded stages may be possible
at 1, *K)0 or 1,500 feet per second in stainless steels, but super strength
alloys are necessary at higher rotational speeds.

Figure 8 concerns the most popular problem in the turbopump business,
stability. Lewis began having a little trouble with the F-l although it has
not always been this same trouble. The Titan people began to see that their
turbopump was interacting with the structure in such a way as to cause very
high vibrations. Others look at the Thor and Jupiter, and say that the turbo-
pump was involved in large vibrations on each vehicle. The problem of how the
pump contributes to the instability of a system is illustrated by this system
(fig. 8) which is an idealized system of the F-l engine. The upper left curve
is a head rise versus flow curve; but in the plot of the head rise versus time,
in the upper left curve the head rise varies and is not a discrete point for a
given flow. I have chosen to call the variation the head from peak to peak,
that is, the variation about some mean pressure. It seems reasonable to expect
that that variation, peak to peak, when divided by the head rise (Hp_p/AH>\,

might be a characteristic number or dimensional number. This is undesirable
because it indicates increased head rise; even if that ratio stays the same,
larger pressure fluctuations can be expected in the system.

To carry the story a little further, the lower left plot shows that depar-
ture from some operating point causes this [Hp_p/AH^ value to vary with flow,

increasing with decreasing flow values, and the lower right plot shows that it
also increases in going to lower net positive suction heads (NPSH).

This is a very brief introduction to the pump instability problem.

Figure 9 is a sketch of what may have happened in one missile. The head
rise characteristic curve when plotted against net positive suction head had a
dip near low NPSH. At some time during the flight, as the tanks began to empty,
operation was down in this NPSH region, where the slope of the line becomes
negative. After Rocketdyne encountered this problem, a check with the analog
verified that it is an unstable region because, as inlet pressure is lowered,
the general pressure level of the system is lowered. Apparently, the inducer
tends to increase its pressure rise, and it is going against the system, so the
system becomes unstable. This problem, which was caused by operating with a
dip in the characteristic curve, Rocketdyne solved by drilling holes in the
inducer.

Figure 10 is a characteristic curve of an Aerojet pump from Titan II.
Aerojet is clever at selecting designs which come up with this type of charac-
teristic curve, plotting head against net positive suction head - with decrease
inlet pressure, the pump pressure rise falls steadily. This should be fine
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except that when it is put on a vehicle, the vehicle starts shaking up and down,
causing the pressure at the face of the pump to vary, sketched here as P^. As

a result, the pump operates within a range between two points and the head
varies between these same two points. In other words, the pressure fluctuation
that went into the pump, shown by the dotted line, has been amplified.

Figure 11 is a group of graphs of pressure fluctuations associated with
pumps. These instabilities are all very much related, as will be shown later,
but they manifest themselves in different ways. Here the system is one from
the F-l, but probably represents the kind of problems that the Thor people begin
to see. The head-Q curve shows that the head is not steady with time. Also
shown is the head curve versus net positive suction head. This is well behaved
and comes out flat before dropping. However, the peak pressures, or peak heads,
and the minimum heads are also plotted here. As Hsv decreases, these limits
diverge over the entire Hsv range. Blade wake frequencies can be seen in this
fluctuation, and in this lower range a 10- to 20-cycle pressure fluctuation
begins.

On the basis of the many variables plotted against the net positive suction
head, the relationship to cavitation becomes apparent, but they are not neces-
sarily entirely a result of cavitation.

In figure 12, without consideration of cavitation but based only on the
streamlined flow through a series of pumps, are indicated regions of eddy flow
which I believe are related to stability. The upper left diagram is the pump
impeller, also represented in figure 3> investigated at Lewis. It seems to be
quite stable at this stage. This impeller has a very narrow blade height,
similar to what Pratt & Whitney uses in its high-pressure pump. The stream-
lines are "very well behaved"; it is not difficult to make the flow follow that
passage.

The upper right sketch in figure 12 represents the flow into Nerva. The
very large inlet was purposely made large to get high suction specific speed,
low net positive suction head. However, other problems arise with that low net
positive suction head. The axial velocities are very low. Any departure from
design shape of the streamlines results in reverse flows, or eddies. There is
an eddy shown in the tip region, which is rather typical of Aerojet machinery;
an Aerojet pump usually bends rather sharply and has some eddies occurring in
the region of the bend also. This is one of the disadvantages - a very strong
tendency for instabilities - that had to be accepted in going to low net posi-
tive suction head, large diameters, and large passages.

The data on the inducer shown in the lower sketch are supposedly model
data from the F-l on which the streamlines were surmised by surveying inlet and
outlet flow distribution. It was surmised that these eddies were quite large,
"both at the inducer tip and at the discharge of the inducer. So far in this
discussion the relationship between the eddies and cavitation has not been
covered. When vapor forms in this region, the vapor also contributes to the
bending of the streamlines and may, or may not, cause the eddies to increase,
or cause the instability to increase.
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Figure 1J is one of the test facilities at Lewis; this figure is useful
to open a discussion of pumping from a boiling locked tank. This is a large
tank standing on end vith a boost pump mounted in the bottom. It has an inducer
driven from the bottom. It can be operated in two modes: (l) either circu-
lating the fluid back into the tank for continuous operation, or (2) bringing
another tank up on wheels and pumping out of the locked tank.

In figure 1^ are graphs of some data taken from this facility. The time
plotted is the time during the run. The tank is loaded with hydrogen. The
pump starts pumping out of the locked tank; this is represented as zero for all
curves. The flow rate and pump speed increase together. The pressure comes
up and then is constant with time. The important pump parameters all seem to
relate rather smoothly with time until the tank is empty. In figure 1^, the
apparent change of the net positive suction head of the pump to negative and
the curve of the fluid vapor pressure in the tank are of interest. At the
start of pumping, there is a slightly positive net positive suction head. As
the fluid is pumped out, the vapor above the liquid expands for this short
period of time. Then the vapor pressure of the fluid drops, and during the
rest of the test the pump operates with what appears to be a negative net posi-
tive suction head. The amount of negative net positive suction head - about a
half-pound - is the same as the pressure necessary to evaporate fluid in the
tank at the same rate it is being pumped out, forming gas to replace the liquid
that is being pumped out of the tank. During the pumpout time, the tank pres-
sure drops about 2 or 5 pounds. These studies are being continued with the
idea that some of the large tanks may tolerate a few pounds change in pressure,
so that they can be pumped without a pressurization system, with the fluid at
or near the boiling condition, and to determine the problems of such pumping
systems.

The equation for specific suction speed is

S ="

However, from experience in pumping cryogenic fluids, it has become apparent
that the equation is not valid for work in cryogenics. For cryogenic calcula-
tions a term must be added to the denominator, so that the equation becomes

Ss =
(NPSH

(Unfortunately, that term has been labeled thermal dynamic suppression head.)
In experiments that Lewis has been running - research people are always limited
in the equipment they have - the values of N\/(J have been rather low - around
700,000. In reality, data where this number is higher would be more useful -
J-2 and Nerva are in the 2-million category, I think.
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These data were taken at rather low numbers; however, the thermodynamlc
suppression head values are about y) or kO feet. In the pump in figure 3> not
optimized for cavitation, the TSH values are something of the order of 20.

In the Nerva and similar vehicles, the TSH values are somewhat higher,
70 to 90 feet. The implication of this is that with a TSH value of 70 or
90 feet, the NPSH term can he allowed to go to zero. That is the concept used
when evaluating boost pumps for large engines. In reality, they become rather
large low-speed pumps, but they do boost the pressure a bit.

The following figures then deal with a 6-million pound engine, utilizing
some of these concepts, and attempts to determine how such concepts fit into
this type of engine. It is by no means a comprehensive study.

The two graphs in figure 15 represent data on a boost pump for a 6-million
pound thrust engine designed to have zero net positive suction head. It was
found that a single stage, turning over at 2300 rpm, is about 4j inches in diam-
eter and produces about ^-0 psi. If two stages are used in the boost pump, a
pressure rise of a little more than 90 Psi is obtained, and three stages pro-
duce about 150 psi. These figures are based on a thermodynamic suppression
head of 100 feet. Since that time, single-stage pressure rises of more than 50
have been obtained, and, theoretically, 100 or more seems quite feasible.

Figure 16 shows the effect of thermodynamic suppression head on boost pump
diameter. The figures just quoted were for a boost pump diameter of about
3̂ inches and for 100 feet of thermodynamic suppression head. However, this is
the way the diameter of such a boost pump would vary, depending on the thermo-
dynamic suppression head that can be achieved by good design, or more careful
installation. The pump pressure rise increases with increasing amounts of
thermodynamic suppression head, even though the diameter does not decrease
appreciably.

Although the previous discussions in this paper have dealt impartially
with different kinds of pumps, in discussing pumps that might produce higher
thermodynamic suppression head, only a few axial flow machines will be dis-
cussed. The curves in figure 17 represent data for the main hydrogen pump with
the number of boost pump stages shown. This indicates the effect on the main
pump as the vacuum boost pump pressure rise levels off. The required diameter
of the main pump decreases as the boost pump pressure rise increases.

Again for a 6-million pound thrust engine a main pump of less than
30 inches is possible. In fact, the scale on the bottom graph is in error,
and each of these numbers is displaced by one, so that actually the pump diam-
eter ranges slightly below 28, with a two-stage boost pump. It is a fairly
small size for the quantity of flows handled for the 6-million pound engine.

Instead of the 20 stages that might have been obtained with a single-stage
boost pump, in a 2-stage boost pump it was possible to drop the number of
stages here to about 10 for a topping cycle, for which a pressure rise of
5,700 psi was assumed, and something like 8 for 4 500 psi for a bleed cycle.
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Figure 18 is a continuation of figure 17 in which are shown more of the
characteristics of the main stage pump when it follows a "boost pump. At this
point I think you can see some of my disappointment. We are pushing up the
rotational speed toward 15,000 rpm, but the tip speeds that can "be obtained,
even with the two-stage boost pump, are only about 1,250 feet per second. To
get up to this tip speed it was necessary to raise the hub-tip ratio to 0-9,
using very short blades and larger diameter machinery, and the rotational speed
would be suitable for turbine drive. Bearing DN numbers shown are only in the
2.5 million category. Original studies involving hub-tip ratios of 0.8 indi-
cated bearing DN numbers of the order of k million. Actually, even with the
boost pump, it is difficult to utilize very high tip speeds.

From this discussion and some of the trends shown, it should be apparent
how important a boost pump might be, and that boost pump complexity may be
worth studying, particularly in this large machinery.

Such high rotational tip speeds would be useful; it might be possible to
split the main pump into two machines, the second one running faster and the
first one supercharging the second stage. It may be that such two-stage main
pumps are worth studying.

Figure 19 indicates what such a system might look like. The pump fol-
lowing the two-stage boost pump is called a supercharger pump. The second
stage now is like the diameters previously discussed, 27 inches. The figure
indicates what happens as the pressure rise for the topping cycle (5700 psi) is
split in various amounts between the supercharger and main pump. Obviously, at
zero supercharging there is only the main pump and for that particular pump
probably 10 stages for 5700 psi which is a point to consider when something
like ^0 percent of the pressure rise is taken in the supercharger. A super-
charger pump and a main-stage pump, each of some four stages, are needed. The
weight numbers are only relative; the supercharger has four stages, and the
main pump requires about four stages running at 1̂ 00 and 1500 fps tip speeds.
As a result, the weight factor seems to minimize at some point not so far from
the 4̂-0 percent split.

Probably this could be carried further, but of primary importance is
whether a lox boost pump could be built to pump from a locked tank. There is
little information to use as the basis for speculation, but in the F-l, the
difference between the water and the hydrogen gives something like 10 feet of
fluid property effect. It would be difficult to identify this effect as
thermodynamic suppression head because theoretically, that effect must be very
small. On the other hand, in lox, the tension effects seem to be very large.

Applying 10 feet of thermodynamic suppression head or fluid property
effect - and you see now I begin to change terminology - into a lox boost pump
for the 6-million pound thrust level would result in a lox boost pump diameter
on the order of 50 inches. The pressure rise over such a boost pump is at
least 10 psi. Thus, it may be that for cryogenic propellants, pumping from a
locked tank may be considered.



This paper has covered some of the things we must consider and briefly
summarizes the activities at Lewis that might "be applicable to the development
of high-pressure pumps and large turbomachinery. Perhaps some concept in boost
pumps, some data, and some analyses being conducted in the boost pump tank
situation, such as pumping from a locked tank, might be useful in future appli-
cations. Although the machines we have discussed are rather large, I have been
quite conservative as to pump stability effects. In all these cases, the maxi-
mum of suction specific speed used was 30,000 which means a fairly high flow
coefficient can be used and a fairly stable pump should result.
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22. TURBINE DRIVE SYSTEMS FOR TURBOFUMPS

FOR LARGE ROCKET ENGINES

By Warner Stewart

Lewis Research Center, NASA

The previous speakers have already indicated that, for these large engines,
high pressure levels are needed in the chamber. This results in a requirement
of pumping systems capable of developing pressure levels two to three times
that currently being used. It also means that the associated pumps must be
much larger with higher head rises.

Mr. Hartmann also indicated that there is a desire to use boost pumps to
reduce the required tank pressure, as well as to make the main pumps smaller
and lighter.

All these pumps must be driven by turbines, and these turbines must have
appropriate feed systems. So the objective of this discussion is to describe
some of the aspects of the turbine drives, particularly for higher system pres-
sure levels.

The emphasis will again be on hydrogen/oxygen systems as they have been
indicated as being of most interest. In particular when we describe some of
the turbopump configurations, we will dwell principally on the hydrogen turbo-
pump since this is the most critical, has the highest head rise, and yields the
greatest geometry problem.

The scope of this discussion will be first to dwell a bit on the feed sys-
tem to indicate the effect of increased pressure level on the choice of the
system that might be used. We will then show some representative turbopump
configurations that might be associated with the various types of feed systems.
Finally, we will briefly describe some of the aspects of the choice of drive
turbine for a boost pump and give a brief description of some representative
boost pump and drive configurations.

Let me first dwell on the feed system selection. Yesterday contractors
discussed the pros and cons of the various feed systems. Apparently the topping
and gas generator systems have been compared and analyzed for years, and differ-
ent contractors take divergent views as to which is best. Let us briefly con-
sider these two systems.

The gas generator system will be called the bleed system. There are in
general two types of bleed systems that have been considered, the so-called
parallel flow system and the series flow system. These have been proposed as
various engines have been evolved.

Figure 1 is the parallel flow system. In a general arrangement the hydro-
gen flows in through a pump, into the nozzle coolant jacket, and then into the
thrust chamber; and the oxygen comes from the tank, being pumped and injected.
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A small fraction of the propellants are bled off and burned in a gas generator.
In the parallel system, the flow is split into two parts to drive the turbines
which are required to power the associated pumps.

Figure 2 shows the series system, which is being used in the J-2 and M-l
engines. Basically, it is the same system except that after the gas generator,
practically all the flow goes through the hydrogen turbine and then the oxygen
turbine. An advantage of this system is that a multistaging effect is obtained
with two turbines rather than one, permitting each turbine to require fewer
stages than that for the parallel system.

There are problems with the bleed system. The principal one is a thrust
reduction. The turbine flow is essentially by-passed around the main chamber
resulting in an impulse loss of some magnitude. In addition, the turbine flow
is hydrogen-rich, having an oxygen/fuel (0/F) ratio of approximately 1 compared
to the main chamber ratio of 5^7- This means that a large percentage of the
most critical fluid, hydrogen, is passing through the turbine. For these
reasons we like to minimize the amount of bleed rate.

The main question is the effect of increasing chamber pressure level on
this bleed rate. Such an effect is illustrated in figure 3 in which are shown
three curves of the bleed rate, or the ratio of the flow diverted to drive the
turbines over the total pump flow, as a function of chamber pressure. The
lower curves were drawn for two temperature levels, 1500° R and 2000° R. There
is a very small effect of temperature on bleed rate, but as the temperature
level is varied there is a molecular weight compensation due to the required
change in 0/F ratio with the subsequent little effect of temperature on flow.

These curves were based on an assumption of an 0/F ratio of 7 to 1, and
turbine efficiency of 70 percent, which is rather good. With increasing pres-
sure, the bleed rates become larger varying linearly. In the 3,000 psi area,
under optimum conditions the bleed rate is ̂  percent or greater which can hurt
the cycle quite a bit.

In particular, the required bleed rate can hurt the system when the 0/F
ratio or turbine efficiency deviates somewhat from the assumed J:l. For
instance, the M-l 0/F ratio is nominally 5> and the overall turbine efficiency
is less than 50 percent. These changes in conditions from those previously
assumed have a drastic effect on the bleed rate as evidenced by the upper curve
in the figure. At M-l condition, 1,000 psi, about 3 percent bleed rate is
required. Going up to 3>000 psi or better, the bleed rate goes up to 10 per-
cent. This also means that about a third of the hydrogen flow that is being
pumped is by-passing the turbine to drive the pumps. Obviously the bleed sys-
tem is not advantageous at high pressure levels.

In a highly efficient turbine drive system, a large number of turbine
stages is required. Figure k shows bleed rate as a function of number of tur-
bine stages. Because of the high energy content of the hydrogen drive gas and
the desirability of high efficiency, a large number of stages are needed to
achieve the proper velocity. Of course, the number of stages can be reduced a
bit from optimum without too large a penalty in bleed rate. Down to perhaps
three stages the penalty is not large, but going down to (2) or (1) , the bleed
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rate starts to increase quickly. The use of two-stage turbines in the M-l in
series is effective because the effect is more like three or four and, there-
fore, dips below the region where the bleed rate starts to really accelerate.

A schematic of the topping system is shown in figure 5 in which the hydro-
gen and oxygen turbines are driven in the topping fashion. The principle is
that the hydrogen is pressurized and a preburner increases the temperature and
adds energy to the gas. The gas drives the turbines and then goes into the
main chamber where final combustion takes place.

This cycle, of course, has the advantage that by-pass flow is not required
but at higher chamber pressures there is the problem of having to superimpose a
substantial additional pressure requirement across the pump in order to have
sufficient pressure ratio across the turbine.

This effect of chamber pressure level on the pump pressure is illustrated
in figure 6. In the lower portion of the figure, turbine pressure ratio is
shown as a function of chamber pressure for various turbine inlet temperatures.
The turbine inlet temperature has a marked effect; as the temperature level is
increased the same hydrogen flow is maintained, but oxygen is added. This
increases the total turbine weight flow, so that even though the specific
energy (C-p times temperature) does not change greatly, the additional weight
flow increases the total energy which gives the spread of the temperature curves.

With increased chamber pressure, the pressure ratio across the turbine
increases rapidly which indicates the advantages of high turbine inlet tempera-
tures for such a system. However, there are definite temperature limitations.

Also, the system requires higher pumping pressures. For example, at
3,000 psi, and l800° R, the turbine pressure ratio is in the order of 1.5,
which requires greatly increased pressure rise across the pumps in order to
drive the turbine.

The upper part of figure 6, in which hydrogen pump pressure rise is plotted
as a function of chamber pressure, illustrates this point. At 3>000 psi cham-
ber pressure, the pump pressure rise is in the area of 6,000 psi. As the
chamber pressure moves up from that, or as the turbine inlet temperature drops
off a bit, the required pump pressure rise really starts to sky rocket.

The conclusion, then, is that not only is a straight topping system a
mechanically complex system, but also the pressure rise across the pump becomes
extremely severe. The pressure rises are severe with conventional engines, but
with the topping system the rise is tremendous.

The problem is quite complex because a feed system must be provided with
adequate power for the pumps, and both the bleed and topping systems become
unreasonable as the required chamber pressure is increased.

Mr. Hartmann suggested, in his discussion, the possibility of splitting
the hydrogen pump into two parts.
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.for such a split pump arrangement the feed systems to be used could
include (a) a straight bleed system, where both pumps are driven in a bleed
fashion, still having the problem of a large amount of flow, and (b) what might
be called the supercharged topping which utilizes the good ingredients of both
the topping and bleed systems.

The supercharged topping presents the more attractive solution. However,
in discussing turbopump configurations later, the possibilities of what can
"be evolved with the straight bleed system will also be discussed.

Figure 7 shows a schematic of the supercharged topping with a low-pressure
hydrogen pump which might create about 2,000-psi pressure rise, driven by a
bleed system. This is then followed by a high-pressure hydrogen pump which
could be in the dome of the engine, driven by a topping turbine. The oxygen
pump could also be driven by a bleed-type turbine (parallel bleed system is
shown for illustration.)

To illustrate the application of such a system, the M-l, with the desire
to increase the chamber pressure level to 2500 or 3000 psi, can be used as an
example. The oxygen pump is not stress limited. The speeds are down, and it
is not a very difficult mechanical problem. Higher pressure levels can be
reached in the oxygen pump without too much difficulty.

However, there are limitations in the hydrogen pump. These two pumps
might be kept as they are, and the topping system used in the dome of the
engine. The advantage of this arrangement is that it maintains the bleed rate
at acceptable values and reduces the pressure ratio across the topping turbine
to a low value.

These effects are illustrated in figure 8 for an example case of 3>000-psi
chamber pressure and turbine inlet temperature of l800° R. In this figure, the
bleed rate and hydrogen pump pressure rise are plotted as a function of the
ratio of the pressure rise for the pump that is driven by the bleed turbine to
the total fuel pump pressure rise. Zero would represent a complete topping
system with only one pump. There is a certain bleed rate shown at this point
because the oxygen pump is still driven by a gas generator system. The value
of unity would be an all gas generator system.

For example, for a ^-0-percent pressure split the bleed rate is about 2 per-
cent, still rather small. In addition, the pressure ratio across the topping
turbine drops drastically, because the high-pressure pump contributes only a
little over half of the total pressure rise. This results in a large reduction
in the total hydrogen pump pressure rise and represents a compromise between the
two extremes.

From the foregoing considerations it is evident that at higher pressure
levels, conventional feed systems become unacceptable so that more sophisticated
feed systems may be needed to keep within reason the penalties that grow with
pressure level.

In considering some of the turbopump configurations that might evolve at
higher pressure levels, for comparative purposes the straight systems, which
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include the straight topping and straight bleed system, and the combined sys-
tem will "be considered.

Figure 9 shows representative hydrogen turbopumps that were evolved for
the straight systems for 3000-psi chamber pressure at 6000° K thrust level.
Three-stage turbines can be used for the bleed systems as a compromise between
efficiency and mechanical simplicity. Two types of gas generator systems are
considered, the parallel and the series. For the parallel flow bleed system,
the three-stage turbine is shown driving an 8-stage pump at 11,000 rpm, which
is much lower than minimum capacity of the pump. The pump hub-tip ratio is 0.9
in order to match the turbine which was stress-limiting. The diameters are on
the order of JO inches. Of course all of these are highly loaded pump stages
at the limit of or somewhat beyond present technology.

For the series flow bleed system there is the possibility of a much
smaller pump at a higher speed. The diameter is only about 23 inches resulting
in a much lighter system. A lower hub tip ratio can be used on the pump (0.85),
and a higher speed will permit using fewer stages. This is possible because
with the parallel flow system, the full pressure ratio is taken across the tur-
bine and only a fraction of the total turbine flow, whereas with the series
system only a fraction of the pressure ratio is taken across the turbine but
all the flow goes through it (except for control by-pass). In the pressure
ratio range encountered, the increase in weight flow is more than compensated
for by the reduction in pressure ratio across the turbine, so that a smaller
annulus area is required at the exit. This permits, within stress limitations,
going to higher speeds and represents an advantage for the series system.
Another associated advantage for it is that it results in a much lighter
turbopump.

For the topping system, a two-stage turbine is shown driving a 10-stage
high hub tip ratio pump (0.9) at a low speed of 11,000 rpm. The main problem
here is severe stress limitations in the turbine. Another major problem is the
very large bending stresses in the rotor blading which must be compensated for
by tilting the blade or by some other technique.

Figure 10 shows some comparisons for the split system. The split system
may be of two types: either a complete gas generator system or a split gas
generator and topping system. In either event, it is assumed that the lower
pressure pump would be a bleed system.

The upper part of figure 10 shows the low-pressure turbopump. With a
2,000-psi pressure rise across this pump only about four stages, with a three-
stage turbine, are required, and the pump is about 20 inches in diameter. It
can be speeded up to 15,000 rpm which permits fewer pump stages.

The high pressure turbopumps are shown in the lower part of the figure.
On the left is that for the bleed system, in which the turbopump is driven by
gas generator flow (in series with the low pressure turbopump). The pump pres-
sure rise was 2500 psi in this case. A three-stage pump is shown operating at
17,000 rpm. In this case, because of the high turbine pressure, the pump
became the stress limited component.
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The high pressure turbopump for the topping system is shown on the right.
This is a rather large diameter unit, © stages, driven "by a single-stage tur-
bine. This design uses about 20 percent by-pass around the topping turbine for
control. Our studies thus far indicated that it would be better, perhaps, to
go to a higher by-pass because even though a slightly higher pressure rise
across the pump is required, the reduction in annulus area at the exit of the
turbine permits going to a higher speed which results in permitting substanti-
ally reduced unit size.

The following discussion of boost pump drives is divided into two parts
(l) description of some of the boost pump drive systems and (2) showing some
representative configurations.

As shown in figure 11, there are two basic types of drives that might be
considered: (l) a gas drive in which the boost pump drive turbine is supplied
by gas, either from a separate gas generator or from the main turbine exhaust;
and (2) a hydraulic system in which a hydraulic turbine is fed by high-pressure
liquid hydrogen, bled off the pump.

In the representative gas system, on the left of figure 11, the two tur-
bines are located together, and it is assumed that a certain fraction of the
main turbine gas could be ducted to drive the boost pump drive turbine. This,
of course, would mean that the boost pump and the main pump would have to be
located rather close together. Another way of doing it would be to have a
separate gas generator supplying the gas for this turbine.

In the hydraulic turbine system, shown schematically on the right of the
figure, the turbine flow comes back into the main system prior to going into
the main pump. When the boost pump must be located remotely from the main
pump, a hydraulic turbine system probably would be more desirable.

The effect of these two drive types on the system is shown in figure 12.
The amount of additional bleed rate required to drive the boost pump is shown as
a function of the ratio of the boost pump pressure rise to total hydrogen pres-
sure rise. No effect is shown for the gas turbine because it is assumed that a
certain amount of flow from the turbine exit is used to drive the boost pump
resulting in no penalty. If a gas generator system were used, there would be a
small penalty which is not shown in the figure. For the hydraulic turbine sys-
tem considered additional power is required for the main turbine because it must
pressurize more liquid hydrogen than it would otherwise. This means that there
is a required increase in bleed rate, but such an increase is not very large.
Thus, the penalty due to the inefficiencies of the pump and boost pump drive tur-
bine is not large enough to result in any significant increase in the bleed rate.

There is, however, a major effect on the pump design if the hydraulic sys-
tem is used. This effect is illustrated in figure 13 where, for example, hydro-
gen is bled from the pump at the 2000-psi point. If a split system is used,- the
hydrogen might be drawn off at the exit of the supercharger pump.

The ratio of the hydraulic turbine flow to fuel flow to the chamber is
shown as a function of the ratio of boost pump pressure rise to total hydrogen
pressure rise. In the 0.02 range, which would correspond to a 100-psi boost
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pump pressure rise and a 5000-psi overall pressure rise, 20 percent of the flow
going through the supercharger pump has to be diverted to drive the hydraulic
turbine. Such an increase in required flow has a major effect on the pump
design.

Typical boost turbopump configurations that were evolved are shown, again
at the 6,000 K level and 5,000-psi chamber pressure, in figure I1*-. The upper
part of the figure shows the gas turbine-driven boost pump.

The pump is a two-stage unit having a pressure rise of 90 psi; the tip

diameter is ji- feet; the speed is only a little over 2,000 rpm. The turbine

utilizes about half of the flow that would come out of the main hydrogen drive
turbine. It is a full admission, two-stage unit, about J feet in diameter.

The lower part of the figure shows the hydraulic turbine-driven boost
pump. The two types of hydraulic turbines shown differ in the direction of
discharge. The turbine is shown located at the tip of the second-stage rotor
and is about k feet in diameter. It has about 10 percent arc of admission.

The reason the turbine is shown in two flow directions is to illustrate
the problem of what happens to the hydrogen after exiting the turbine. If it
is discharged at the pump outlet, it intensifies the cavitation problem of the
main pump. The other approach, exhausting the flow back into the tank, has
certain advantages, particularly if boiling fluid is being pumped. A certain
amount of it would flash into vapor and could help pressurize the tank. In
addition, it would tend to fill the void created by the hydrogen as it leaves
the tank.

In summary, we have tried to give some ideas about the problems of the
feed systems and the associated turbine drives for these hydrogen-fueled
engines, particularly as the thrust chamber pressure is increased. We have
shown that with increasing pressure level, the straight bleed system requires
a prohibitive amount of by-pass. With the topping system, we are already going
up in pressure and the topping system just adds that much more to it. More
sophisticated advance arrangements should be considered. One such system sug-
gested could be the supercharged topping. Admittedly it is more complex, and
it does have additional shafting. However, it does have the advantages of
bleed rates and pressure rises that stay reasonable. In addition, the associ-
ated components are more state-of-the-art.

Either the gas or the hydraulic boost pump drive system can do the job.
The hydraulic drive has the advantage that it can be remotely located and is
cold. However, a major problem requiring study is where to put the turbine
exhaust flow. In addition, it presents a dynamics problem, particularly on
start-up, that must be thoroughly studied.
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23. BEARINGS AND SEALS FOR TURBORJMPS FOR LARGE ROCKET ENGINES

By Herbert Scibbe

Lewis Research Center, NASA

This paper will discuss

(1) the design and material factors necessary in rolling element bearings
for operation in liquid hydrogen and other cryogenic fluids
(2) the present state of the art in current research and development
programs
(3) some of the variables or factors that must be investigated both in
rolling element bearings and fluid film bearings to run at the high
DN (diameter of bearing in millimeters multiplied by the speed in revolu-
tions per minute) values under consideration, approaching possibly
^ million
(4) state-of-the-art research and development in seal materials, and work
that must be done in this area to run at the high surface speeds required
for the turbopump systems of these large chemical rockets.

When high-speed turbomachinery can be successfully operated with the
bearings lubricated and cooled by the cryogenic fluid, shaft seals and the
lubricating systems can, of course, be greatly simplified. This, then, would
result in a savings of weight, cost, and complexity of the turbopump.

Before a rolling element bearing can be successfully operated in a marginal
fluid, such as liquid hydrogen or liquid oxygen, two principal problems must be
considered. The first of these is the surface integrity in the ball-race con-
tact which must be maintained. Therefore, the bearings should be made of mate-
rials that tend to exhibit minimum wear and maximum resistance to galling and
surface welding in sliding.

The second is that the heat generated within the bearing must be removed
to assure an equilibrium operating condition and to prevent loss of internal
clearance that results in bearing seizure.

In a conventional lubricating system, using ball bearings, for instance,
integrity in the ball-race contact is maintained and surface welding prevented
by the presence of a contaminant film, or, in some cases, by a lubricant sepa-
rating the surface asperities. The lubricating mechanism for bearings oper-
ating in fluids, such as liquid oxygen or liquid hydrogen, is quite different.

In liquid oxygen, surface oxides, or low shear films, are formed in the
ball-race contacts. These surface oxides prevent the welding and galling
between the metallic contacts of the bearings.

Operation in liquid hydrogen, however, is considerably more difficult since
in a reducing environment such as liquid hydrogen these low-shear-surface films
cannot be readily formed. To facilitate the formation of a transfer film on
the balls and in the race grooves that would prevent the contacts of these
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clean, nascent metals, the bearings should "be equipped with a retainer made of
a self-lubricating material.

Such a mechanism is shown in figure 1. As the bearing rotates, the balls
contact the retainer at these contact points. As the ball rolls, it transfers
the retainer material to the outer and inner race in the form of thin transfer
films. These thin transfer films prevent contact of these nascent metals and,
therefore, prevent galling and surface welding.

To date, the best retainer material for liquid hydrogen service has been
those made of Teflon-containing materials. These Teflon materials exhibit a
low coefficient of sliding friction and have very low wear rates; both of these
properties are desirable in this type of operation.

The second problem is one of removing the heat generated within the
bearing. The major portion of heat generated within the bearing is due to
spinning which occurs in the contacts between the balls and one race. Ball
spinning occurs in all ball bearings operating under a thrust load.

In normal operation under thrust load, figure 2, the ball is spinning and
the bearing operates with some given contact angle p, which is equal at the
outer and inner race contact points. When the bearing is further operated at
high speed the ball centrifugal force creates an additional load at the outer
race contact. This changes the contact angle to one of unequal condition at
the outer and inner race contacts. The magnitude of this difference in contact
angle further increases ball spinning, and, consequently, more heat is gener-
ated in the bearing.

An analysis was made and programmed on a digital computer at Lewis to
determine the effects certain factors have on the heat generation rates in a
ball bearing. The same factors were then verified by experimental data from
our bearing test program. Results indicate that to have low heat generation
rates in a bearing with the ball spinning, there must be (l) open race curva-
tures (since the curvature is the ratio of the race groove radius to the ball
diameter, and a value of 50 percent would be minimum, that would be the race
contacting the ball at all points), (2) small ball diameter, (j) spinning of
the ball at the race contact with the more open curvature (for instance, in the
outer race), and (k] spinning of the ball at the race contact with the smaller
angle (as illustrated in table I it would be the outer race) to keep spin
velocities down.

The results of the computer program for two ̂ 0-millimeter bore bearings
with different ball sizes utilizing two race curvature combinations are shown
in table I. These are both ^O-millimeter ball bearings; one has a J/8-inch-
diameter ball and the other a l/^-inch-diameter ball. These are ball spin
torques. The torque is obtained by converting from the heat generation rate
by dividing through the shaft anular velocity. The values shown are for a
thrust load of 100 pounds at a shaft speed of ̂ 0,000 rpm, or DN value of
1.6 million, at a contact angle of 10°.

In the 108 series bearings, spinning torques are higher in both cases, and
the large value for the 108 series bearings with the 51 percent inner race
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curvature is much greater than that of the 1908 series "bearing with the l/i|—inch
ball for a value for 52 percent inner race curvature. This difference is the
effect of "both open race curvature and small ball diameter; these values are
for ball spin torques at the inner race contact.

In the turbopump system for the Nerva engine, 50-millimeter bearings run
at 2̂ ,000 rpm. Torque data (210 series) are plotted in figure 3. These
bearings are to run at a rated thrust load of 2,000 pounds. A similar computer
program was run to determine the effect of shaft speed on ball spin torques
with various race curvature combinations. The 210 series, or the ^O-mi 11-impt.pT-
bearing has a ball diameter of "J/I.6 inch, for a thrust load of 2,000 pounds at
a contact angle of 20 degrees. The coefficient of sliding friction of 0.56,
used is an arbitrary figure, so these are only comparative results.

These values are for the ball spin torques at the outer race contact. By
increasing the outer race curvature to >̂k- percent, the ball spin torque has
been decreased approximately 4̂-0 percent over the entire speed range. By fur-
ther increasing the outer race curvature to 58 percent - that is, going to more
open race curvatures - the spin torques are decreased a total of about 70 per-
cent from the values in the upper curve.

At this point there is a change in control, or rather, a change from the
ball spinning at the outer race to spinning at the inner race contact. This is
due to ball centrifugal force, and because of the lower curvature more heat is
created.

Several bearings of the 52-outer, 52-inner type have been run, and several
of the 5̂ - outer, 58 inner have been operated at 2,000 pounds thrust, at a shaft
speed of 16,000 rpm for running times of approximately 90 minutes in the Nerva
bearing test program. These were run with force-through feed of hydrogen flow.

Another major source of heat generation within the bearing is between the
retainer and its race locating surface. In figure k is shown the cross section
of a conventionally designed retainer with this heavier mass creating more heat
at the locating surface here at the outer race as the bearing rotates. The new
design is with an open thin-line retainer of lower mass. This design also per-
mits better flow of liquid hydrogen through the bearing and, thus, improves the
cooling efficiency of this type of retainer to more than that of the conven-
tional design.

The roller bearings of the Nerva turbopump must support a radial load of
2,000 pounds. Some development work has been directed toward producing a cage-
less roller bearing. In the experimental design shown in figure 5> the load
rollers are spaced and evenly separated by spacer rollers which are guided by
flanges on the inner race. These flanges rotate with the inner race. The
almost absolute absence of sliding here has eliminated quite a bit of heat
that would be generated since all the components are of a rolling nature. This
bearing is reported to have been run successfully for the Nerva bearing test
program.

Table II is a report of data on the effect of engine size and rotative
speed on ball-race loading. In the first three types of bearings listed - those
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for the Lewis "ball "bearing test program, the Nerva engine, and the M-l engine -
the DN value approaches 2 million, and as the ball diameter is increased, ball
centrifugal force increases correspondingly.

The fourth engine listed in table II is a 6-million pound engine having a
shaft size of approximately 10 inches. Running at a shaft speed of 16,000 rpm,
a ̂ -million DN value would be approached. If this bearing were of conventional

design, it would require, or would have, balls 2̂ - inches in diameter, and at
o

this speed they would produce a centrifugal force of 17,300 pounds. Of course,
it is not feasible to design a bearing like this.

However, Mr. Gross has suggested that, disregarding the corresponding
thrust loads, the ̂ -million DN value can be approached by decreasing the ball
diameter and increasing the number of balls. For instance, in the table, the
Eocketdyne engine, with a small 150 millimeter bearing, has 19 balls of 5/8-inch
diameter, but the DN values are listed as 3-80 X 10° with a ball centrifugal
force of k-jk- pounds. Perhaps for the 6-million pound engine, the same effect
could be achieved by reducing the ball size to about J/^ inch and using two
dozen balls.

If the Nerva bearing and M-l bearing were run at this shaft speed of
50,000 rpm, since centrifugal force is proportional to the square of the veloc-
ity, at 2:1 velocity ratio there would be a ̂ :1 increase in centrifugal force;
and, if these were run at the same speed, there would be a 9:1 increase in
centrifugal force. Table II illustrates that for approximately the same range
of DN values different bearing configurations have correspondingly different
values of ball centrifugal force.

It is important to note that there is little or no experience with rolling
element bearings at DN values above two million. Therefore, any bearing appli-
cations which involve DN values at this figure and above are beyond the present
state-of-the-art. Such applications will require research and development pro-
grams before reliable rolling bearings can be developed or designed.

It is not entirely certain that reliable rolling bearings can be designed
for these extreme DN values. As can be seen in table II, the thrust load of
the Rocketdyne engine was 2000 pounds. (This was some earlier work than that
described by Mr. Gross.) The bearing failed and caused extreme failure of
their test machine in the test immediately after the one for which these data
are given. However, the Rocketdyne engine was a move in the right direction to
get a rolling element to operate at such high DN values, if roller bearings can
be designed to do the job. However, it may be necessary to consider, instead,
fluid film bearings such as hydrostatic, or extremely pressurized, bearings.

The bearing test facility at Lewis, listed in the first line of table II,
has been redesigned to test lj-0-mm bearings at a shaft speed of 50,000 rpm.
This should result in the desired two million DN value; forced-through liquid
hydrogen flow will be used.
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There is a need for research and development work with ball and roller and
hydrostatic fluid filia bearings, in the size range contemplated for the large
rocket engine. The variables that should be studied are listed in table III.

In rolling element bearings there are four factors to be considered. In
the internal bearing design with ball bearings, ball size, race curvatures
(which have been discussed somewhat previously), contact angles, the number of
balls, and cageless bearings are important.

In the roller bearings, roller size, number of rollers, the internal radial
clearance, and cageless bearings, which have been mentioned in connection with
the Nerva program, must be considered.

The second major factor, retainer or cage design, has also been discussed
somewhat.

The third factor is rolling element and race materials. To date, the only
two adequate ball and race materials are either the old standby, 52100, or the
kh-OC stainless steel. As mentioned before, the sliding coefficient of friction
is around 0.56 for khOC stainless steel sliding on itself. Later tests in
liquid hydrogen have shown that this in some cases approaches as high as a
coefficient of 1.00. Therefore, new ball and race materials must be sought,
and the factors to be considered are hardenability, good dimensional stability,
especially at the lower cryogenic temperature, and resistance to wear and sur-
face damage at liquid hydrogen temperatures.

The fourth item, new retainer materials, has been discussed somewhat in
considering the reinforced, filled Teflon. A new type of material coming into
view is the sintered metallics that are porous and contain either Teflon or
other solid lubricants as, for instance, molybdenum disulfide.

In hydrostatic fluid bearings or pressurized bearings, an important item
is the method of compensation, either orifice-compensated or capillary tube-
compensated.

The flow requirements are critical because for a comparable size rolling
bearing, the flows in the hydrostatic bearings, using liquid hydrogen, are much
greater. However, the power consumption would be much less because the only
requirement is support of the bearing on a fluid film, and the only power
required would be to shear the film, considering only the viscosity effects.
Also, because of the low viscosity, very large flows would be required through
the bearing to support any type of load.

The effect of system misalignments, or the effect of system thermal dis-
tortion, would be a critical design factor, since these bearings are made with
fairly close clearances. For L/D ratios of a 10-inch-diameter shaft, the
L/D ratio would have to be limited to a value of 1. However, edge loading, as
in journal type bearings, is a possibility.

The large chemical rocket engine under consideration is well beyond all
existing knowledge as pertains to dynamic seals. Figure 6 shows a shaft-riding
seal by which a dynamic sealing effect is obtained.
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The secondary seal is on the axial face, and the axial load pressure or
the static load is provided "by a wave spring or load spring. The seal-riding
member is tensioned "by the garter springs.

In cryogenic applications, where low viscosity fluids or vapor change is
present, the use of this seal probably would be prohibited unless it could
tolerate some leakage across the seal face.

Figure 7 shows two types of face contact seals. The seal on the right has
a bellows seal. The bellows acts as a loading device for the primary seal
surface and also as a secondary seal. In this seal, the primary seal is loaded
with a wave washer or some type of load spring, and the backup secondary seal
is some type of 0-ring.

Both of these seals, although providing the most positive sealing, have
operating limitations that must be considered carefully for turbopump applica-
tions. Some of the problems with this type of seal, or any dynamic seal, would
be warpage of the nose piece in the face contact seal; instability of the mate-
rials at the cryogenic temperatures; pressure balancing; selection of mating
materials; and, finally, machinery stability. These problems can be expected to
multiply and to become more severe as the size of the turbopumps is increased.

The size factor, aside from fabrication, may well be the stumbling block
when bellows are used as the secondary seal. Bellows are very susceptible to
vibration instability and wobble, and this instability can be initiated in
several ways. Primarily, the vibration of machinery, itself, is enough to
excite the bellows to the extent of fatigue or, perhaps, shattering of the nose
piece.

It would appear, therefore, that a positive secondary seal with the capa-
bility of dampening vibrations would be required for these types of face con-
tact seal to have successful operations at the high surface speeds. The selec-
tion of slider materials at these surface speeds will require further research.
Existing information indicates that most materials have a limiting surface
speed, after which wear progresses at prohibitive rates.

Furthermore, the heat generated at these high surface speeds is sufficient
to initiate destructive exothermic chemical reactions, and such reactions have
been experienced with carbon seals operating at surface speeds in excess of
350 feet per second.

For example, in a lox pump at Rocketdyne the dynamic seal was a carbon
member impregnated with organic material which is not compatible with lox.
Destructive exothermic chemical reactions resulted in the parts flying about
ll-OO feet.

Figure 8 shows that material wear increases with surface sliding speed.
With the three combinations of materials shown, increased surface speed causes
an optimum in material wear to be reached after which any further increase in
the speed increases the wear excessively. This might be called a character-
istic wear curve for dynamic seal materials.
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It is possible that the short duration that the seals must operate will
dictate the type of materials to be used, and that existing information will
provide a basis for the material selection. It should also be noted that wear
particles cause separation of the sealing surfaces; hence, leakage of seals
increases with wear rate.

In summary, the bearing and dynamic seal requirements of the high-speed
turbopump systems for large chemical rocket engines are well beyond all
existing knowledge. The speed requirements alone of a possible -̂million DN
value for bearings and 700 feet per second sliding velocity for dynamic seals
are approximately twice as great as the stage to which research and development
programs have advanced the present state-of-the-art. The problems of main-
taining surface integrity, heat generation, and material wear are more severe
in liquid hydrogen for both bearings and seals, because of the nature of this
fluid and because of the higher rotative speeds required by the hydrogen
turbomachinery.

Even with the optimized design and development of new materials, reliable
operation of rolling bearings cannot be assured at these high DN values; there-
fore, advanced designs of fluid film or hydrostatic bearings will have to be
considered for the larger engines. Similarly, existing information on dynamic
seals will provide only a basis for the seal design and selection of future
slider materials. It is not certain that the surface temperature and wear
rates can be tolerated at these high surface speeds, even for the short dura-
tion of time over which the seals must operate.
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TABLE I

TORQUE ABOUT BEARIHG AXIS

. 100 LB, I - 40,000 RBI, 0' - 10°, f « 0.56

RACE CURVATURES

108 SERIES
d - 0.375 IN.

1908 SERIES
d - 0.250 HI.

pi - 0.51, p0 = 0.58

2.095

1.831

p^ = 0.52, po = 0.54

1.653

1.412

TABLE II

THRUST BEARING CONFIGURATION FOR LIQUID HYDROGEN ENGINES

ENGINE

LEWIS BALL-
BEARING
RIG

NERVA

M-l

6000 K

ROCKETDYNE

SHAFT
DIAMETER,

MM

40

50

110

250
(9.8425 IN.)

150

SHAFT,
RPM

50,000

24,000

16,000

16,000

26,000

THRUST
LOAD,
LB

100

2000

13,000

•>

1000

DN VALUE

2-OOxlO6

1.20X106

1.76xl06

4.00X106

3.90X106

BALL
DIAM-
ETER,
IN.

0.250

0.436

0.500

2.375

0.625

NUMBER
OF

BALLS

14

16

27

17

19

BALL
CENTRIF-
UGAL
FORCE,
LB

32

56

72

17,300

474
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TABLE III.- VARIABLES TO BE STUDIED IN DESIGNING

IMPROVED ROLLING ELEMENT AND HYDROSTATIC

FLUID-FILM BEARINGS

A. - ROLLING ELEMENT BEARINGS

1. INTERNAL BEARING DESIGN

(a) BALL BEARINGS: BALL SIZE) RACE CURVA-
TURES ) CONTACT ANGLES; BALL COMPLEMENT!
CAGELESS BEARINGS

(b) ROLLER BEARINGS: ROLLER SIZE) ROLLER
COMPLEMENT) INTERNAL CLEARANCE; CAGELESS
BEARINGS

2. RETAINER OR CAGE DESIGNS

3. ROLLING ELEMENT AND RACE MATERIALS: HARDEN-
ABILITY-) GOOD DIMENSIONAL STABILITY) RESISTANCE
TO WEAR AND SURFACE DAMAGE AT LIQUID HYDROGEN
TEMPERATURES

4. RETAINER MATERIALS: REINFORCED FILLED TEFLON)
SINTERED METALLICS CONTAINING TEFLON AND OTHER
SOLID LUBRICANTS

B. - HYDROSTATIC FLUID-FILM BEARINGS

1. METHOD OF COMPENSATION

2. PLOW REQUIREMENTS

3. POWER CONSUMPTION

4. EFFECT OF SYSTEM MISALIONMENTS

5. EFFECT OF SYSTEM THERMAL DISTORTION
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TRANSFER FILM FORMATION MECHANISM

OUTEK RACE
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. SUMMARY DISCUSSION

MR. GINSBURG: This completes the session on pumping and flow systems.
Important turbopump research and development problems can be summarized as
follows:

I. Boost pump systems
A. Multistage boost pumps - boiling fluid
B. Drive system for high-pressure boost pump
C. Boost pump dynamics

II. High-pressure turbopump
A. Increased stage pressure rise
B. Pump flow stability

1. Design flow
2. Off-design flow
3- Cavitation
4̂-. Stall range

C. Mechanical considerations »
1. Matching turbine to pump - high stresses
2. Shaft thrust load - design and off-design flow
3- Thrust balance devices - balance piston
k. Bearings - ball, roller, and hydrostatic
5- Dynamic seals - surface speed and materials

III. General - performance, reliability, and development
A. Choice of turbine drive cycle

1. Pump pressure requirements
2. Turbine feed system flexibility
3- Engine performance

B. Turbopump system
1. Size - development
2. Single or multiple shaft - pressure and flow
3- System complexity in relation to component state of the art

MR. HALL: I would like to ask you, did Pratt &. Whitney report on ini-
tial study conditions during their high-pressure pump experiments? I am inter-
ested in how long it took to cool down and what the initial conditions were.
Do we have any information on that?

MR. HARTMAN: Didn't they avoid the problem? Somehow they by-passed.

MR. GINSBURG: I am not sure of enough detail to answer that. I would
expect that they avoided the problem by whatever was required to achieve cool
down.

MR. TISCHLER: I have a very simple-minded question in the hope of getting
a simple answer.

We have discussed a great number of possible put-togethers of turbines and
pumps. Can you point the direction to a particular choice of those combinations
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that can be made at this time for a pump system for a large engine which will
end up in the neighborhood of 2,000 or 3>000 psi chamber pressure?

MR. GINSBURG: A tough question. My personal opinion is that the general
direction should be to achieve turbopump component reliability first, and if
you can meet that, then you have the problem of evaluating the reliability of
any system complexity that results.

It is our opinion that even with present flying engines and development
engines that are trying to package cavitation and pressure rise together, the
things are not particularly reliable.

Our concept is, as I see it, to separate characteristics so that we can
arrive at a stable pump, and then do something else to meet the cavitation
requirements which we have presented as a boost pump system.

MR. TISCBLER: That doesn't answer the question. I wasn't too optimistic
about getting an answer at this time. Nevertheless, I think it points out the
necessity for hitting this thing both analytically and experimentally to see if
we can push the technology toward making decisions in this area. Otherwise, I
am afraid we are going to be left with the problem of examining so many differ-
ent configurations and systems that we can't get the problem really nailed down
in the relatively short time that I would like to think is available to us.

MR. HARTMANN: Could I have comments on this question - does everyone else
get the opinion that our contractors, the people we depend on for machinery,
just aren't pushing very much? They are not coming up with new ideas or really
grinding these into studies. They are sterile.

MR. TISCELER: I agree.

MR. SLOOP: My question is somewhat related to what Mel Hartmann mentioned.
It seems to me that you started off saying that 2k or J2 pumps were too many,
and one was not enough. Yet you showed some configurations of booster pumps in
the 6-million pound thrust stage. You showed a booster pump at the bottom of a
tank. Have you thought about configurations where you have one booster pump
for 2.k million, and then the second stage divided into four parts of 6 million
each? Or would you have four booster pumps in the bottom of a single -

MR. GINSBURG: I believe that our booster pump designs for this study were
on the basis of 6 million.

MR. SLOOP: So, it was a one to one match?

MR. GINSBURG: Yes.

MR. SLOOP: You didn't think of an initial and four intermediate 6-million
pound booster stages?

MR. GINSBURG: I think we did, but they got too big to think about. Seri-
ously, the size of the boost pump is large even for 6 million. It was l̂-0-odd
inches. This size was entirely dependent on the state of knowledge of the
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thermodynamic effects of hydrogen. If in a reasonable period of time we can
home in on the absolute maximum thermodynamic effect that we can safely design
for, it is possible that this size can come down quite a bit.

For example, the thermodynamic properties that we were using were equiva-
lent to 100 feet. It is possible that maybe 200 feet might be achieved which
would reduce the size from kO- to 20-odd inches. In that case we could then
think, I am sure, of the possibility of a one-boost pump system.

MR. SLOOP: The other comment had to do with Mr. Stewart's discussion of
trying to reduce the hydrogen bleed by dividing his turbine into several parts.
Isn't this swapping the devil for the witch, because the last speaker told us
how difficult it is to provide bearings and seals. Every time you separate
your turbine, you increase your bearing and seal problem don't you?

MR. GINSBURG: If you notice the curves on the charts, I believe you would
have found in most cases the DN number dropped. Is this correct, Mr. Stewart?

MR. STEWART: Yes, this is correct. Actually, one of the points that I
attempted to make in the summary was the philosophy of staying close to the
state of the art and having more parts, rather than moving way beyond the state
of the art and having less parts. The point here is that if you split the
system, you do have more pieces, perhaps, but all of the components move back
closer to the state of the art.

MR. SLOOP: This afternoon we will hear another use for bleed gas in the
nozzle for thrust vector control, I believe, which you didn't cover.

MR. WEIENER: I have one short point. I think somebody, rather critically
said that our contractors are sterile in this area, and it appears to be that
way from what we heard yesterday. I agree. We also have the duty of not just
sitting here saying this and then going out and impressing our thoughts on them
What are we going to do with whatever new ideas we have here to make them fol-
low them and adopt them, possibly, and still to trigger, to initate more
thinking by the contractors?

MR. HAETMANN: I was going to follow that up but someone else got the
floor. We have to think about how we can do this. I think a part of the prob-
lem is that certain of our hydrogen pump information, for example, that we
consider confidential, since it is design type information, also contains cer-
tain ideas and concepts. The working level people in the engine companies have
this information; however, it is doubtful that their management accepts these
ideas when presented by their own people. Somehow we have to bat these ideas
back and forth similar to the way people have with different kinds of thrust-
generating devices so that they are willing to get in and work at them.

MR. SLOOP: I fail to see the correspondence between classification and
getting management to accept it. Would a conference in which we were fairly
critical of present techniques be one way of doing this?

MR. GINSBURG: No.

-. .̂ ^̂ .M̂ MMMM̂ M̂̂ K—,̂
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MR. TISCHLER: Maybe I can answer that question. I think we had yester-
day, in particular, some considerable exposure to the sales treatment, which is
advocated by the company's management, of presenting information on a future
system. It is never going to be possible to filter this out completely.

We have had this morning at least an approach to the technical problem and
issues. These are, I think, quite separate. I believe that Mr. Hartmann is
right in arguing that management, as it presents its ideas to us on future
systems, has filtered the technical problem down to the point of obscurity. I
think this is basically what he is trying to say in saying that he believes the
companies are sterile.

I think he countered his argument, or even corrected his argument, by
saying at the working level within some of these companies it isn't completely
sterile. What we must do, I believe, is bring forth the ideas at the working
level and develop some of these, at least the good ones. It is going to be our
job to decide which are the ones that ought to be brought forth.

MR. WEIDNER: Then, we have to wave the green flag, not the red one.

MR. BEHEIM: I wonder if you would care to comment further on the tip tur-
bine drive that was directed from the standpoint of whether you think this is a
mere novelty, so to speak, or does it really show promise from the standpoint
of leakage, efficiency, hub tip ratios, and such?

MR. STEWART: We at Lewis have not experimentally investigated turbines of
this type. However, we have made in-house studies of diagram characteristics,
determining arc of admission, and so forth. They do appear to be more than a
novelty. They appear to have potential.

In particular, I might cite the Aerojet work which I mentioned before,
which we looked at critically because we were interested in the efficiency
levels that might be achieved from these tip-type units. Based on their experi-
mental work, the efficiencies were reasonable.

We think that the main problem here is probably not so much one of leakage
or performance of the turbine but one of putting such a turbine into the system.
As I mentioned before, there are two basic problems: (l) where does the turbine
flow go, and what is the subsequent effect on the adjacent part, either the next
pump or the tank; and (2) what are the dynamic characteristics when you try to
drive a turbine with this high pressure liquid that is fed back from the pump.
It is very attractive, though. Its advantages of being cold and of being the
possibility of remotely located are very strong.

MR. GINSBURG: Probably the biggest problem to get at for the boost pump
and its drive will be the dynamic relation to the main pump. In order to get
at the transient problem of the bootstrap turbopump with the rest of the main
pump you really have to have a system.

You can approach it analytically, but the real proof of the pudding is the
system. This gets to be a costly technology program.



MR. STEWART: I might add one more point in terms of the start-up problem.
Under steady-state conditions you match, of course, the torque "betveen the tur-
bine and the "boost pump. However, on start-up, since the turbine is being
driven by liquid that comes from, say, the exit of the main pump, there is a
pressure lag. This might become a real problem, particularly if you try to
start up quickly. This lag might be such that you actually starve the boost
pump before you get enough power to the turbine in order to speed it up. There
are methods, I would think, for alleviating this problem. For example, you
could actually pass more than the required flow through the turbine to begin
with to create an excess torque. Such approaches could be evaluated in transi-
ent studies.

MR. WOODCOCK: I would like to make one small point, that elimination of a
tank pressurization system is not categorically desirable. It may be that
allowing the tank to fill with this vapor would be a serious penalty on the
system. As a matter of fact, I think that is the case on Saturn 5. It would
be possible in principle, at least, to operate the locks pump on the F-l without
a tank-pressurization system because of the enormous size of the vehicle. I am
not advocating doing this. I don't think it is practical.

MR. GINSBURG: Your point really just eases the boost pump problem.

MR. WOODCOCK: Yes.

MR. GINSBURG: I think the boost pump serves two purposes; (l) it helps
solve tank pressurization, and (2) it is designed to allow the high pressure
pump to have freedom of design, to be, for example, stable.

MR. WOODCOCK: I realize that.

MR. HARTMANN: If the tank is filled with cold gases, I think the objec-
tive would be to reduce the pressure, and the density of the tank, to reduce
the residuals. Whereas, if they are filled with warm gases, the pressure level
is not so critical, the density is reduced by virtue of the temperature. It
needs to be tried in the system and looked at rather than our arguing the pros
and cons on the surface of it. We recognize the point.

MR. WILLIAMS: Even that can be carried one step farther. Tremendously
high pressures in the tank are not desirable because they necessitate large
wall thicknesses and this sort of thing. In the large diameters that we are
getting into, in the Nova-type vehicle, whether multicell or cylindrical tank,
actually the pressure helps from a structural standpoint.

Some pressure is necessary to help give a rigid structure. This pressure
should not be too high or the resulting structure will be too big. There is
one more iteration into the system where it really helps. I think I could say,
without fear of being incorrect, that in any of the systems we looked at, zero
pressurization requirement or zero pressure, so to speak, in the system, would
cause weights definitely to go up in the over-all vehicle itself, because of
just plain structural requirements of the tank.
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MR. PAUL: If we operate gases at a saturation temperature, and we have
sloshing motions, I think we are very much susceptible to pressure decay. It
is probably advisable to raise the temperature to avoid these pressure decays,
in addition to the weight savings.

For oxygen containers, we use temperatures I would say at 100° F. This is
an optimum temperature, and for liquid hydrogen these temperatures are even
lower. They are -200° or -500° F. But still roughly 100° or 150° above satu-
ration temperature.

MR. GINSBURG: That completes the session. Thank you.

MR. SLOOP: Thank you, Mr. Ginsburg. I think you brought up a lot of
interesting questions, a lot more than we have had time to deal with in our
short discussion. I do think it does bring out the duty of all of us, when we
generate information, to communicate what we are trying to influence. In this
conference we are communicating among ourselves. We need to communicate this
knowledge to the contractors as well. We do that sometimes in our written
reports which often get pushed to the sidelines as we race along in this
rapidly progressing technology. But, I do want to emphasize the need to write
reports, to travel, to talk, and to communicate in any way that you can, putting
these new ideas, this new information, out where it will do the most good.
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25. INTRODUCTION

By Milton A. Beheim

Lewis Research Center, NASA

The preceding papers were interesting discussions on advanced nozzle con-
cepts, tut I am sure some of us feel they glossed over some of the existing
problems.

They served satisfactorily, though, as an introduction to this session;
they told why we are interested in advanced nozzle concepts. The subjects that
we are covering in this session are the matter of altitude-compensated nozzles,
air augmentation, the ability to predict performance of these nozzles, and
means of optimizing nozzle contours.
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26. NASA ALTITUDE-COMPENSATED NOZZLES

By James F. Connors

Lewis Research Center, NASA

This paper will be a further discussion of advanced nozzle concepts. In
the turbomachinery session there was some discussion of lack of ideas among the
contractors. Such is not the case in the nozzle area. In fact, it is my con-
cern that they are given an uncontrolled rein without being required to pay any
substantial heed to the basic problem of nozzle aerodynamics. I fear that we,
at NASA, are not exercising enough control over the contractors and that they
are not receptive to NASA inputs.

However, a problem of communication exists more than just between NASA and
the contractors. It exists within NASA, in that I have yet to meet any of our
present project managers, and discuss the work that has been done at Lewis in
the area of unconventional nozzles.

From the presentations yesterday it was evident that nozzle aerodynamics
do not seem to be what they were in the turbojet days. Apparently altitude
compensation is thought by the contractors to come by some exotic, sketchy,
superficial treatment. However, I do not believe that to be the case. I think
it is something that must be worked at, and we must consider the basic aerody-
namics, the detailed flow processes that go on within the nozzle.

I was appalled by a statement by one of our contractors, Rocketdyne, who
pointed out that venting is not the engine contractors' concern, and that they
could simply assume that base pressure equals ambient pressure. Thus, they
would assume altitude compensation, and that the vehicle people would then
worry about getting the external air into the nozzle. This is not the case.'

When we are talking about altitude compensation, we are talking about a
complex flow mechanism, one that regulates the expansion process over a wide
range of conditions. I think we have to look at the flow of the total configu-
ration in considerable detail.

I cannot emphasize too strongly that there is a need for basic wind-tunnel
evaluation of the various acceptable proposals. We need to come up with a con-
sistent set of criteria, testing techniques, and modeling. I think it is impor-
tant that we judge these configurations on a standard frame of reference.

Those of you who have done experimental work in nozzles know that it is
very difficult to make good thrust measurements. Also, such testing must be
done in the wind tunnel because, I think, stream effects are very important in
determining true altitude-compensation capability.

Static-firing tests at sea level and altitude are not enough, because, when
we impose the requirement of ventilation, we also have to be concerned with base
pressure effects. We have to be concerned with the jet interaction with the
free stream, or the entire process of venting.
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Lewis has been doing some pioneering work in this area since 1958- In some
of the current contractors' configurations I have not seen any reception of our
viewpoints or any significantly good nozzle data. I hope Clark Hawk is about to
correct me on this in his paper about some of the current work.

Instead of going to systematic cold-flow wind-tunnel testing and truly eval-
uating nozzle aerodynamics, we are too quick to build a 20,000- or 50,000-pound
engine and fire it. When that is done, the whole problem is complicated, and it
is difficult to come up with any significant evaluation of the nozzle. It is
superimposing the whole combustion process on top of the nozzle aerodynamics.

I do not want to belabor the Lewis work that has been done. As I said, it
was done some time ago, but, for introductory purposes, I will touch upon some
of the viewpoints and conclusions that we have made in this area.

Currently there is interest in looking beyond the Apollo lunar mission and
considering vehicle requirements for more ambitious manned interplanetary
flights. Mission analyses have indicated that, for such flights, payloads in
earth orbit in excess of 1,000,000 pounds will be required. This reflects back
into boost-vehicle requirements of thrust in the range of 20 to 30 million
pounds.

For this class of vehicle, a number of individual or segmented engines
will undoubtedly be employed, rather than the alternative of a single huge
chamber. With present engine technology, this number would probably be 16 or
18 as a minimum. This situation provides the vehicle designer an opportunity
for considering unconventional approaches to the overall powerplant and booster
configuration.

In order to review the various proposals with proper prospective, it would
be appropriate at this time to review the Lewis studies. Figure 1 illustrates
equivalent nozzle systems for a given large thrust application which really show
the evolution of the Lewis annular nozzle concept. To achieve a given large
thrust, three possible approaches may be considered. A single large nozzle may
be built to produce this thrust or a random cluster of smaller engines. If geo-
metric similarity in the nozzle is assumed, for example, the clustered configu-
ration can be achieved in a much shorter geometry. There is also the third pos-
sibility of taking these individual nozzles in the cluster and arranging them in
a circular pattern and, then, integrating them into one annular geometry, main-
taining the short length advantage of the cluster configuration. However, with
the annular geometry, the center portion may be vented to eliminate any base
area and the consequent possibility of base heating or base fires. This is
illustrated in the bottom sketch.

In the past, the Lewis Research Center has contributed heavily in the areas
of base heating. Single and clustered engine configurations present the problem
of the exhaust jet from the nozzle interacting with the external stream or with
the jets from adjacent nozzles, causing hot gases to flow forward into the base
area with the possibility of attendant base fires. Obviously, a vehicle must be
designed for this condition and, to protect against it, a heavy heat shield must
be provided, although this involves a consequent weight penalty. The advantage
of going to the annular geometry thus eliminates the possibility of base heating,
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and, in effect, a refined base "bleed configuration is achieved. In concept, of
course, the combustion chamber could be a complete annular comibustor, a seg-
mented combustor, or a multitude of individual burners that would feed into one
common nozzle. Unit combustors, of course, offer some potential developmental
economies. The main objectives of the Lewis study were primarily vehicle and
nozzle aerodynamics.

In figure 2, a further refinement of the annular nozzle is considered.
That is the provision of utilizing external expansion and thus achieving alti-
tude compensation. Through the use of a free jet boundary, the expanding
supersonic stream automatically adjusts with altitude. In this figure are
shown three conditions - below, at, and above design pressure ratio. Enough
internal expansion was designed into the nozzle to achieve full expansion of
the flow at the lift-off condition. External expansion was built in to accommo-
date the range of altitudes for a representative boost trajectory. As with the
plug nozzle, the flow adheres to the surface and follows the contour at below-
design pressure ratio. As the nozzle pressure ratio is increased, the flow
continues to expand until, at design pressure ratio, the nozzle is flowing full
and discharging in an axial stream. At pressure ratios above design, the flow
continues to expand and actually flares out from the nozzle, as indicated in
the lower sketch. Perhaps the most important aspect of this design is the
recognition that it is the maintenance of near-ambient pressures at the exter-
nal lip that provides the regulation of the expanding stream. Severe perform-
ance losses will be incurred by configurations wherein low base pressure is
encountered at the cowl lip. This might occur, for example, with a conven-
tional plug nozzle installed in a very large base area or in the case where the
cowl lip is designed with a very blunt edge so that the flow overexpands with
a consequent reduction in the base pressure. This would also occur on the
inside-out version of the plug or the so-called E-D nozzle where there is no
bleed in the base area and where the lip pressure is aspirated to some fraction
of the ambient pressure.

To explore the performance potential of this type of annular nozzle,
employing internal-external expansion, two configurations were designed and are
illustrated in figure J- These nozzles were investigated in the 10- by 10-foot
supersonic wind tunnel, both in quiescent air and in supersonic streams at Mach
numbers of 2 and 3- Cold air, pressurized to 600 psia, was used to simulate
the jet flow. One of the nozzles was designed for an area ratio of 15 and was
essentially in the style of the conventional plug nozzle with the center area
vented to ambient pressure by means of an annular intake. In this case, of
course, the purpose of the center bleed air was only to reduce the base drag
and the regulation of the external expansion within the nozzle was controlled
by presenting a minimum lip angle to the external stream as it flowed over the
cowl. The annular entry of the bleed duct was practically flush with the simu-
lated fuselage and was designed to admit low-energy boundary-layer air to mini-
mize duct losses. The other nozzle had an area ratio of 25 and was essentially
an inside-out version of the previous nozzle. In this case, the external
expansion ramp was actually external to the simulated jet. Here, the annular
inlet was considerably larger than the simulated fuselage and supersonic flow
flowed through the center of the annular nozzle.
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Some of the rationale, or philosophy, that was incorporated into the
design of these bleed ducts included such considerations as an air-breathing
center stage or air augmentation (as in a ram rocket) wherein fuel could be
injected into this center bleed air so that ramjet-type impulses would actually
be attained. Another possibility, particularly true with larger annular con-
figurations, was that the annular nozzle could be designed as a ring wing or
Busemann-type airfoil and an essentially zero drag configuration attained. The
experimental setup in the wind tunnel was unique in that it provided three-
component force measurements and had cold high-pressure air to emulate the jet.
This facility is available for future investigations.

In figure k, are shown the essential results of the investigation. Here,
we have compared the e = 25 annular nozzle performance with an equivalent-
area-ratio C-D nozzle and an e = 8 C-D nozzle. We have assumed a representa-
tive altitude schedule with a 600 psia chamber pressure and converted these
parameters and the actual test data into thrust coefficients. The e = 25
annular nozzle showed true altitude compensation and maintained a high thrust
level - 98 percent of ideal - all the way up to design altitude. At takeoff,
of course, with an equivalent-area-ratio C-D nozzle, there was a 20-percent
reduction in thrust due to overexpansion losses in the C-D nozzle. The shaded
areas represent the margin of performance gains to be had with the annular
altitude-compensating nozzle. Compared to the e = 8 C-D nozzle, its nearest
competitor, the annular nozzle showed a ̂ -percent integrated-thrust improvement
for the booster altitude schedule illustrated on the figure. A further trans-
lation of this performance data into terms of overall payload lifting capability
will be given in a subsequent table.

Figure 5 is a sketch of a more practical configuration - one that is not
subject to the expediency of the test as were the configurations viewed at this
point. Three flush bleed inlets to admit air into the center portion of the
nozzle are illustrated. This might be representative of a structurally, more
attractive configuration. Also shown is the jet canard which has been under
study here at the Lewis Research Center where an attempt was made at combining
reaction and aerodynamic control. The "penshape" nozzle, which was investigated
for this application, lends itself to unusual packaging arrangements and incor-
porates the advantages of external expansion, and thus altitude compensation.

A sketch of a large-area-ratio annular booster engine - one that utilizes
the center bleed as the mechanism of providing altitude compensation - is shown
in figure 6. This configuration is representative of an experimental program
that was underway at the Lewis Research Center but was subsequently put aside.
This program was aimed at determining the possibility of using a very large area
ratio (something approaching 150 to l) and using minimum amounts of center bleed.
One of the main parameters of the investigation would be to determine this mini-
mum center-core bleed flow. This configuration, of course, would be highly
attractive in the concept of single stage to orbit. As shown here, the center
would have to be vented and the pressures at the internal lip maintained at near
ambient pressure. In this configuration, it is proposed to have small external
scoops draw in boundary-layer ambient-pressure air and admit it to the cavity -
again maintaining conditions near ambient. Should the concept of single stage
to orbit prove to have some merit, a program such as indicated here would
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certainly be necessary and the Lewis experimental facility would "be particu-
larly attractive for this purpose.

Some of the factors presented in favor of going to an unconventional
engine approach are:

1. Altitude compensation
2. Elimination of base heating
3- Developmental economics
k. Nozzle length (and weight) reduction
5- Vehicle stability and control
6. Vehicle drag reduction.

The first one has been dealt with in rather great detail and is that of
altitude compensation - a significant increase in specific impulse through
improved nozzle performance. Also discussed was how venting the base elimi-
nates the problem of jet interactions. Thereby, the base heating problem can be
eliminated and the consequent penalties of a heavy heat shield avoided. Another
apparently major point in the argument is that of developmental economy - one
that favors working with a small component of the combustor and developing
that to its fullest without having to work with the complete powerplant system.
This apparently can reduce the facility and developmental cost by some very
significant factor. By going to the annular nozzle configuration, geometric
and packaging advantages are achieved in that length is reduced significantly
and presumably this can be reflected as an overall weight reduction. There is
also a structural advantage in going to the annular geometries in that the
thrust can be directly transmitted from the powerplant to the outer fibers of
the vehicle. Presumably, this offers increased vehicle structural stability
and control. The last point, probably a minor one, is that the vehicle compo-
nent base drag can be eliminated through the use of base bleed.

Table I summarizes the performance potential that exists through the use of
compensating nozzles. In this table, are identified the altitude-compensating
nozzle as an advanced nozzle; in this table are considered only the impulse
gains to be had through changes in chamber pressure and nozzle area ratio, and
through the use of an advanced nozzle as opposed to a conventional C-D nozzle.
Two types of vehicles on different boost missions have been considered. The
first three cases are that of a multistage vehicle to escape velocity at an
orbit of 150 miles. A single stage to orbit at 150 miles was also considered.
In the multistage vehicle to escape, increasing the chamber pressure from the
contemporary level of 1,200 psi to 3,000 psi at comparable area ratios increases
the payload by 6 to 8 percent. Now, if the nozzle configuration is simply
changed from a conventional to an advanced design, the payload gains may be on
the order of k to 5 percent. Again, with a multistage configuration, the most
significant improvements in payload lifting capability (13 to 25 percent) are to
be found by going to large area ratios in the upper stages. (These are nozzle
area ratios that are limited by the vehicle envelope and having values as high
as 200 to 1.)

Another mission that was examined is the single stage to orbit. Here, it
is quite evident that as the difficulty of the mission is increased, i.e., the
velocity increment that will be required for the particular stage is increased,
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the gains to be had "by increasing chamber pressure or going to an advanced noz-
zle are far more significant. For example, in going to an advanced nozzle at a
chamber pressure of 1,200 psi, payloads can "be increased by 68 percent. How-
ever, if the chamber pressure is at 3,000 psi, going to an advanced nozzle will
yield a payload gain of about 17 percent. The gain in simply changing the
chamber pressure from 1,200 to JjOOO psi amounts to about 83 percent. These
figures represent only the payload gains as a result of engine performance and
do not take into account the seven arguments listed favoring the unconventional
approach. Such considerations as logistics, reliability, handling, and the
costs of developing such a system, of course, will carry a lot of weight in the
argument as to which direction we should go for manned interplanetary missions.

When the required engine development times and costs are taken into con-
sideration, the most appropriate direction for the large boosters would seem to
be the utilization of the existing (F-l, M-l) engine technology in combination
with an advanced nozzle. This, in effect, means specifying the engines up to
the circular throat and providing design freedom in shaping the divergent por-
tion of the nozzle. Then, these internal-expansion nozzles would discharge
into a common altitude-compensating high-area-ratio nozzle shroud. By con-
figuring the vehicle for venting, the advantages of altitude compensation and
the elimination of heavy base heat shields can yield significant payload gains.
Chamber pressures near 3*000 psi, will require a new cooling technology (other
than regenerative) and correspondingly a much longer development time.

Since the completion of the Lewis study, many varieties of unconventional
nozzles (fig. 7) have been proposed and investigated. Notably, Dr. Rao of the
North American Rocketdyne Corporation presented the concept of the E-D nozzle
and, without supporting data, indicated that base bleed would not be required
to achieve the altitude compensation that was claimed for their particular noz-
zle design. Since that time, much effort and money have been invested in
proving what should have been learned from the Lewis studies, namely, that
altitude compensation for this type of configuration can come only through the
use of center bleed, or venting.

There have also been the advocates of the reverse flow (RF) and the hori-
zontal flow (HP) nozzles which are really varying degrees of folding the com-
bustion chamber back into the nozzle as illustrated by the lower sketches.
These particular configurations look mighty attractive on paper in that they
reduce nozzle length considerably; however, in reality, the mechanism of pro-
viding the ambient pressure environment at the internal lip (or the point of
external expansion) appears virtually impossible - and thus would not achieve
altitude compensation. Altitude compensation is not important for upper-stage
application, in that all the nozzles are presumably underexpanded over their
whole range of operation. Therefore, some packaging advantages may exist in
going to annular geometries - either annular C-D or any of the folded configura-
tions that we have indicated on this figure.

Utilizing the available 8- by 6- and 10- by 10-foot wind tunnels, the
Lewis Research Center has planned a rather extensive program for the investiga-
tion of plug, annular, and ejector nozzles. Test conditions simulating sea
level static operation and altitudes to 160,000 feet with Mach numbers up to
3-7 can be obtained. The exhaust jet will be simulated by compressed air up to
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2,000 psi and either by combustion of JP-lox at Pc = 1,000 psi and of Kp-Oz
or by hydrogen peroxide decomposition at Pc = 1,200 psi—^3>000 psi. Vari-

ables in the test program will be plug length and contour (i.e., effect of
truncation) and secondary bleed or venting for the annular configurations. The
ejector nozzle, of course, is aimed at air augmentation in the manner of the
ram rocket. The variables in this phase of the program will include mixing
length and primary-to-secondary flow ratio. The adaptability and versatility
of the above facilities to these research areas covering the full booster tra-
jectory are unique.

In summary, then, for very large boosters, the advanced concept that pres-
ently appears to be of most promise is one wherein a multitude of individual
combustors are clustered so as to feed into one common nozzle which is vented
to near ambient pressure to achieve altitude compensation. The provision of a
near ambient pressure environment at the point where the external expansion
begins is a necessary ingredient in altitude-compensation nozzles. Venting of
annular nozzles has been pioneered and successfully demonstrated in studies
conducted at the Lewis Research Center; however, much work yet remains in the
area of vehicle, nozzle, and engine aerodynamics. Much wind-tunnel work must
be done on specific configurations!

In a multistage vehicle, the use of an advanced nozzle can lead to payload
increases in the order of k to 5 percent. In a single-stage-to-orbit applica-
tion, the payload gain, due to altitude compensation in the nozzle, may vary
from 17 to 68 percent, depending on the particular chamber pressure. If single
stage to orbit is a concept of merit, much is to be gained through the use of
the altitude-compensating nozzle and to the use of the very high chamber pres-
sures (approaching 3,000 psia).
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TABLE I.- PERFORMANCE POTENTIALS

Booster Variable
Payload gain,

percent

Three stages to escape
at 150 miles

Pc from 1200 to 3000
with, comparable €

Advanced nozzle in first
stage

Large e in upper stages

6 to 8

!». to 5

13 to 25

Single stage to orbit
at 150 miles

\/

Advanced nozzle at
Pc = 1200

Advanced nozzle at
Pc = 3000

68

17
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27. AIR FORCE ALTITUDE-COMPENSATED NOZZLE

By Clark W. Hawk

Edward Flight Test Center, USAF

This paper is a discussion of the Air Force Rocket Propulsion Laboratory
work on the advanced nozzles. This discussion will cover some of the back-
ground on why the Air Force "became interested in advanced nozzles, where its
interest lies, the results of some of the programs conducted over the past
three years, the present status of advanced nozzle work, and what should "be
done next.

The Air Force nozzle programs have included development of

expansion-deflection nozzle
reverse-flow nozzle
discrete throat forced-deflection nozzle

and the approaches used have "been "by

cold flow
performance correlation
TVC

hot firings
performance correlation
heat transfer

Free expansion or altitude compensating nozzles can be considered as being
of two classes, one in which the flow is directed radially inward (or to the
center line) as in the spike configuration, and the other concept in which the
flow is directed radially outward, exemplified by the ED and RF configurations.

The expansion process is dependent upon the pressure realized on the base
of these plugs or at the base of the lip on the radial inward flow configuration.

If the base pressure is lower than ambient pressure, there are two losses:
(1) a drag loss on this base because the pressure is lower than ambient, and
(2) overexpansion of the rocket jet gas to this base pressure, so that the alti-
tude compensation feature is then degraded somewhat.

The term, geometric area is self-explanatory; it is the total exit area
divided by the throat area. For years it has been the practice to compare all
performance and weight on the basis of the aerodynamic ratio, which is repre-
sented by the ratio of total exit area minus base area divided by the throat
area.

The nozzle area ratio essentially defines the design point of the nozzle
as that condition where the flow is discharged axially from the nozzle.
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When the Air Force first started its advanced nozzle program, the goal was
a single-stage 8500-nautical-mile ICBM, using the storable propellant combina-
tion N2<\ and a 50:50 blend of UDMH and hydrazine. The sea-level thrust was two

million pounds, stage mass fraction was 0.96 (scaling up of Titan II), and the
chamber pressure was 2770 psi.

For these conditions if a 100 percent altitude compensation can be
obtained, a payload of ̂ 3> 000 pounds can be put on target, whereas with a bell
or conventional nozzle technology only 31>600 pounds can be put on target.
This is based on the assumption of a bell area ratio of 50:1 and advanced noz-
zle area ratio of approximately 100:1. This is a 56 percent payload gain which
is rather significant.

In deciding on which of the nozzle families efforts should be concentrated,
some analytical work was done by Douglas Aircraft as well as some in-house work.
Here, briefly, in table I are some of the general trends indicated by these
studies which led to concentration on the radially outward flow family of
nozzles.

TABLE I.- ANALYTICAL COMPARISONS OF NOZZLES

Nozzle

Bell

RIF

ROF

Thrust chamber
weight, Ib

1600

IKDOO

1792

Performance

Reference

Best

Better

Heat flux

Lowest

High

High

First, some thrust chamber weights for a million-pound oxygen/hydrogen
system operating at 1500 psi chamber pressure were generated, with an aero-
dynamic area ratio of 25:1. With the bell nozzle as the reference weight of
1600 pounds, the radially inward flow or spike nozzle was two and one-half
times as heavy; and the radially outward flow family of nozzles had roughly
12 percent greater weight.

From a performance standpoint, the bell nozzle was again used as a refer-
ence. The radially outward flow nozzles offered some advantage in performance,
but the spiked nozzle was the best. However, it did not appear that at that
time the advantage was sufficient to overcome the weight disadvantage.

/

Finally, from a heat-transfer standpoint, the radially inward flow and
radially outward flow families both exhibited higher heat-transfer flux in the
throat and to approximately the same extent.

Since I960 the Air Force has conducted three programs (fig. l): the
expansion-deflection nozzle and the reverse-flow nozzle concepts at Rocketdyne
in I960 and 1961 (some of this work has been carried on until this year) and,
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more recently, the discrete throat forced-deflection nozzle concept of Aerojet
in conjunction with the so-called integrated components program which encom-
passes many other things besides the advanced nozzle work. In all cases, the
approach has been generally the same in that the Air Force has conducted the
initial analysis work, the cold-flow experimental programs to evaluate the per-
formance of these nozzles, the evaluations of thrust vector control techniques
with particular emphasis on secondary injection, and, finally, the use of hot
firing programs at a reasonable scale to (l) get performance correlation with
cold flow data, and (2) to get heat-transfer information with these advanced
nozzles.

Since the Aerojet forced-deflection work is the more recent program and
more or less encompasses all advancements to date, the majority of this dis-
cussion will be directed toward the Aerojet program with a comparison summa-
rizing the advanced nozzle work.

The Aerojet concept has the eight individual circular combustors and
throat with a supersonic transition section employing contoured sides and
having somewhat of a hot dog shape so that an annular jet is produced. There
is provision to bleed in air to the center body and attempt to bring up base
pressure between the individual combustors.

The four areas considered major problems that had to be defined were:

(1) Area ratio definition. The aerodynamic area ratio was not considered
a satisfactory basis for comparison, so tests were conducted at pressure
ratios beyond the design pressure ratio based on aerodynamic area ratio to
determine whether maximum nozzle efficiency corresponded to aerodynamic or
geometric area ratio.

(2) The engine segmentation approach to construction of large engines. It
seemed important to determine the effect of engine segmentation on engine
performance, whether performance loss resulted from the privileges of
building in segments.

(3) The effect of external flow on performance.

The base bleed or attempts to raise base pressure in the center to get
altitude compensation.

In figure 3> CT (the ratio of actual ideal thrust coefficient) is
plotted against pressure ratio. The advanced nozzle concept (the one having
eight discrete throats, an overall area ratio of 73> and an aerodynamic area
ratio of 59) is compared to bell nozzle performance with a geometric area ratio
of 59-

The performance reached its peak at a pressure ratio of lĉ -0 for the bell
nozzle, whereas with the advanced nozzle the peak was at about 2550.> corre-
sponding to the design point for the geometric area ratio of 73-
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Figure k shows the effect of segmentation; the Gp ratio is plotted
against pressure ratio for an annular throat model (No. 9)> and for the model
with eight circular throats. Sea-level operation would occur at a pressure
ratio of about 190; there is something less than 1/2 percent loss in perform-
ance associated with segmentation at sea level, and roughly 1/2 percent at the
design point.

All the work, including that shown in figure 5> has "been conducted for
Aerojet "by Fluidyne in Minneapolis. Attempts to get some external flow informa-
tion in their transonic tunnel were quite limited and resulted in rather meager
data at Mach numbers of 0-95 and 1-35 over a range of pressure ratios. However,
it established that the still air performance curve, shown in figure 5> is
rapidly approached; this is verified by a program conducted by Rocketdyne for
the Navy, in which they did considerable testing at Mach numbers 2 to k, with
very small nozzles, using a spike, the reverse flow family, and the bell noz-
zles. But the trends are exactly the same in that still air performance inter-
section occurs at very low pressure ratios.

It should be emphasized that because of the high takeoff pressure ratio
(190) the results from the Air Force program showed that performance penalties
are essentially nil at sea level and at higher pressure ratios.

Figure 6 is a chart of altitude plotted against Mach number, again for an
8500-nautical-mile single-stage ICBM. This figure shows that Mach 1 is reached
at an altitude of 2J,000 feet, or pressure ratio of approximately 5̂0. Hence,
fairly high pressure ratios are reached before the external flow will offer a
significant effect, and from the trends exhibited on the previous curve it
appears that these effects will be small.

Figure 7 shows attempts to improve altitude compensation through base
ventilation. The technique of bringing air onboard was poor at best. There
was considerable total pressure loss in the system for bleeding air into the
center body. However, we did realize, in comparing the effects of bleed on the

performance of the annular throat model that we had 1— percent to 2 percent

performance gain at the sea-level pressure ratio of 190, and this gain tails off
until performance is essentially unchanged at a pressure ratio of 500.

Figures 8 and 9 show where this performance gain comes from. In comparing
the secondary bleed flow with the primary flow at various pressure ratios in

figure 8, it appears that at sea-level conditions approximately j4 to k percent

bleed air is being brought in.

Figure 9 shows the effect of this on base pressure; the base-pressure-to-
ambient-pressure ratio is plotted against the chamber-pressure-to-ambient-
pressure ratio. Ideally, the base pressure should be equal to ambient pressure
to get altitude compensation. However, with the radially outward flow family
nozzles, this curve is typical of all models tested in that base pressures are
on the order of eight-tenths of ambient at low pressure ratios, and they drop
off with increasing altitude or pressure ratio to minimum levels. In this



particular case, the base pressure was about 0-5- However, in the Rocketdyne
programs with ED and RF, they dropped down in some cases to as low as 0.1.

There is a negligible effect on base pressure resulting from the bleed.
Hence, it can be stated that essentially some performance improvement is
obtained through mass addition but not through increased base pressure.

To compare all the nozzle work that the Air Force has done is a rather
formidable task because the work has been done with different area ratios and
different gammas. Figure 10 is an attempt to find a way to put all these data
on a comparable plot.

The Cip was plotted against pressure ratio for all advanced Air Force

nozzles, this being a typical curve. The performance of a nonseparating bell
nozzle of the same geometric area ratio, and with the same gamma as the advanced
nozzle, has been used as the basis for comparison. For each nozzle test, there
is a Cij versus pressure ratio curve, and there is also a nonseparating bell

curve for the same gamma and same area ratio. Therefore, at a given pressure
ratio the Crp ratio of the advanced nozzle fits maximum Cij achieved during

the test divided by its design C^) can be compared to the same C^ ratio of

the nonseparating nozzle for the given conditions.

This is illustrated in figure 11. The no-compensation condition (the non-
separating bell) is a ̂ 5° line on this figure.

The performance of the 80 percent bell that was tested in the Aerojet pro-
gram has been plotted to show that with separation there is some degree of
altitude compensation. There are better ways to design separating bell nozzles;
hence, the compensation illustrated is a little lower than might be expected if
good design practice were used.

An interesting point is that the data plotted in figure 11 are for the
Aerojet forced-deflection work with annular throats and the Rocketdyne ED con-
figuration with discrete throats, and some data from a company-sponsored program
performed by Pratt & Whitney, yet all these data from different tests rigs and
with different area ratios, fell with a percent of one another.

The forced-deflection nozzle with bleed again shows an increase in altitude
compensation.

The X data points in figure 11 which represent hot-firing data with the
ED nozzle at Rocketdyne show very good agreement with the cold-flow program.
The forced-deflection hot-flow results from Aerojet show slightly higher per-
formance but again the same trends as exhibited by the cold flow data, and
this difference could very well be just scatter of instrumentation.

It is unusual that the results from the RF nozzle cold-flow data do not
exhibit the same characteristics as the other radially outward flow family of
nozzles. These data show lower compensation at the low-pressure ratios near
sea-level condition, and the curve crosses over all other lines as it nears the
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design point. There is no obvious explanation for this other than that there
may have been some inaccuracies in the measuring system or in the data from
Rocketdyne.

Data from the hot flow test program that was conducted at NASA-Lewis in
their PSL-2 facility are plotted in figure 11. These results exhibited the
same characteristic shape as our other plots from cold flow tests. The per-
formance did range about 1.5 to 2 percent higher than indicated from our cold
flow data, but yet it was in the same magnitude.

Also plotted in this figure are data from a radially inward flow or spiked
nozzle tested on a company-sponsored program by Aerojet. These data are
included for strictly comparative purposes because there was very little data
available as to the manner in which the tests were conducted-- The nozzle was
tested in cold air with an area ratio of about 18 to 1 and shows a gain of
about 5 percent over the other family of forced-deflection nozzles.

As stated previously, our mission analysis involved a single-stage 8500-
nautical-mile range with sea-level thrust, mass ratio, and chamber pressure
assumed. The payload of the conventional bell nozzle is 31*000 pounds, and
that of a 100 percent compensated nozzle, ̂ 3*000 pounds.

With the results of our cold flow program from Aerojet, not considering
any bleed whatsoever, we calculated a payload for this mission of 39*200 pounds,
representing a 2U- percent increase over conventional technology. This was some-
what surprising to me in that I did not think our altitude compensation work had
been so successful, but the results here are rather significant, I believe.
This is not a contractor-conducted study. This was done by our own Air Force
mission analysis people. All the input was from my reduction of these data as
I have just shown you, and with our own trajectory analysis, et cetera. Hence,
we believe strongly that this 39*200 pounds is a realistic number.

Table II is a summary of the present status of the program, as far as
altitude compensation is concerned. With our radially outward flow family of
nozzles, we have demonstrated altitude compensation in excess of 5^ percent,
with, consequently, a significant payload increase.

TABLE II.- SUMMARY

Problem Results Effects

Altitude compensation

Definition

Discrete throats

External flow

Base bleed

>5^-percent compensation

Geometric

<1-percent loss

No loss at high pressure
ratios

Mass addition gain

Significant pay load
gain

Weight

No segmentation penalty

Design for still air

Undefined
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The single-stage application really points up the difference or the added
performance of these advanced nozzles because each slight increase is magnified
in performance. In multiple stages, two- and three-stage vehicles, this
5^ percent compensation looks more like 5 percent, rather than 2k percent.

As far as area ratio definition is concerned, ve are nov convinced that
geometric area ratio is the correct method of definition. This will have a
significant effect on weight analysis in all weight comparisons that have been
made and will be made. I think that this will bring us down closer to the
weight of bell nozzle so it will be more competitive from a weight standpoint.

The effect of discrete throats is such that we realize something less than
1 percent loss in thrust. I should say that there is little penalty associated
with engine segmentation rather than no penalty.

From the results and trends that we have observed, there does not seem to
be any performance loss due to external flow at high-pressure ratios, and with
our high chamber pressure interest we believe that we are beyond the possible
effects of external flow, that we can design essentially for still air perform-
ance obtained from cold flow tests.

As far as base bleed is concerned, it appears that mass addition has been
the sole manner of improvement. The effect needs a good deal more study. If
this air can be brought onboard without penalty, this is an improvement.

As far as recommendations are concerned, I think that the advanced nozzles
have shown in our cold-flow and hot-flow programs, a considerable degree of
promise as far as the aerodynamics are concerned, such that they should be
given serious consideration for future engine designs. I think that we are to
the point now where it is necessary for us to solve some of the other problems
associated with the advanced nozzles, such as heat-transfer and fabrication
problems.

I do not think that we can ignore the aerodynamics completely in that from
my mission analysis there still is about 12 percent payload possible, and I
believe it is worth further effort. This should be attacked in my estimation
through base bleed.

The problem is how to bring it onboard in such a manner that base pres-
sure is increased, rather than just have mass added to the flow. And second,
tests should be made with external flow to see whether this flow is brought on-
board and what losses are incurred.

Finally, an effect which has not been discussed, but which is worthy of
mention, is the effect of base area ratio. If we increase the size of the base
in relation to the throat area, I think that we can reduce the jet pumping
effects which tend to reduce our base pressure, or possibly delay the jet
pumping effects to higher pressure ratios. This may be a worthwhile area of
investigation.
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For the coming year the Air Force has contracted with Aerojet to continue
integrated components work and in the advanced nozzle work effects of base
"bleed and varying base area ratio will be determined. This is due for comple-
tion in approximately June of
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28. EJECTORS AND THRUST AUGMENTATION

By Milton A. Beheim

Lewis Research Center, NASA

This discussion is a general comment on the controversial subject of air
augmentation for rocket motors.

The payload fraction of a launch vehicle, of course, is sensitive to the
propulsion system specific impulse, and means of increasing the specific impulse
are of a great deal of interest.

It is well known that the specific impulse of air breathers substantially
exceeds that of the highest performance chemical rocket engines, and the well-
known specific impulse (lSp̂  curves are shown in figure 1.

Of course, the rocket performance is low compared to the air breathers.
It is important to point out that this is on design performance for the air
breathers. Air breathers are basically low-pressure devices and, therefore, to
obtain high thrust big inlets and big exits are needed. If operation of these
air breathers is attempted over a wide Mach number range, such as that of a
launch vehicle, there are very serious off -design drag problems of the inlets
and exits.

Although the high performance potential of air breathers is very difficult
to apply to launch vehicle propulsion, there is the possibility that certain
aspects of air-breathing propulsion may be used to augment the performance of
the relatively simple and lightweight chemical rockets, thereby achieving only
a modest gain in performance but perhaps useful gains in payload.

In recent months the term "air -augmented rocket" has been used to describe
such a composite system, and its essential features are shown in figure 2. The
primary rocket jet is used as the primary fluid in an ejector, and the secon-
dary flow is provided by an air inlet. Mixing and combustion occur in the
ejector and possibly additional fuel may be added to the air in the inlet.

With proper matching of the inlet and ejector flow characteristics, the
composite system can be expected to provide some degree of altitude compensa-
tion for the rocket jet. In addition, combustion in the secondary air at
supersonic flight speeds should provide some ramjet thrust, and at subsonic
flight speeds the ejector pumping action could provide lip suction forces if a
suitable blunt lip can be provided at take-off.

At all flight speeds mixing of the rocket jet with the secondary flow
decreases the jet exit velocity and, hence, tends to increase the propulsive
efficiency. In effect, it is hoped that mixing can be used to transfer total
momentum from the primary to the secondary flow, thereby increasing the total
mass of gas being accelerated by the propulsion system.
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A difficult problem that must be considered when attempting to achieve
these performance gains is the total pressure losses incurred in mixing, heat
transfer, and combustion process.

In concept this system is similar to the ducted rocket or the ramrocket
that has been studied over the past several years, with one essential differ-
ence - it emphasizes lower secondary flows, thereby achieving less of a per-
formance gain but also incurring less of the weight penalties of large ducting
and also less of the off-design drag problem.

At present, only limited experimental data on the performance of this
composite system at these moderate secondary flows are available, and estimates
of propulsion system performance are difficult because several modes of opera-
tion are required over the Mach number range: as a jet pump on take-off, as a
composite ramrocket at moderate flight speeds, and as a pure rocket at high
altitudes. The system will be operating off-design much of the time, since the
weight penalties of variable geometry probably cannot be tolerated.

An evaluation of the usefulness of the air-augmented rocket for launch
vehicle propulsion is fairly complex because it requires consideration of the
complete vehicle design for a particular mission. In addition to the diffi-
culties of predicting propulsion system performance, the concept will require
much additional structural weight because of the ducting and also because lower
flight trajectories and, hence, higher dynamic pressure will undoubtedly prove
optimum in order to increase the benefits of air augmentation.

An adequate mission study employing this propulsion system has not yet
been made.

Preliminary in-house studies by industry appear to be conflicting, or, at
least, they appeared to be conflicting until yesterday.

A Martin-Denver study, publicized some months ago, indicated large
increases in payload for some missions (for example, the payload doubled at
high altitudes). Yesterday it sounded as though they had changed their minds.

Rocketdyne has also made in-house studies of such missions in the past,
and they concluded that the payload gains were not interesting. Yesterday it
sounded as though they thought maybe they had missed something, and maybe they
had better go back to look at it again.

To clarify the situation, NASA has initiated a contract with the Boeing
Company to undertake an analytical study of air-augmented rockets and of launch
vehicle missions employing this propulsion system.

This six-month effort is intended to make a realistic evaluation of the
potential advantages of the propulsion system so that a decision can be made on
whether additional effort is justified as a launch vehicle propulsion system.
In addition, the study is intended to define the technical areas requiring
additional effort in future experimental work if the concept is promising.
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Turning now to some of the technical problems associated with the concept,
one of the principal problems mentioned earlier is that of matching the inlet
and ejector flows over a wide range of flight conditions. Conventional per-
formance of an inlet at supersonic speeds is shown in figure 5- The supersonic
inlet is shown on the top and typical pressure recovery-mass flow curves on the
bottom. The effect of flight Mach number is indicated.

Critical operation corresponds to inlet operation at the highest pressure
recovery and the highest mass flow simultaneously, and in the inlet this means
that the normal shock is positioned at the minimum area of the diffuser.

During subcritical operation, the inlet discharge is restricted either by
mechanical means, or in air-augmented rockets it would be restricted by the
ejector pumping characteristics. This moves the normal shock out in front of
the inlet and spills air; high drag results and inlet flow instability can
occur.

By decreasing the discharge restriction of the inlet, the normal shock
goes back into the inlet, and there are large total pressure losses in this
supercritical operating mode. The integrated static pressures inside of the
duct become diminished, and, therefore, the pressure forces acting in the
thrust direction are less.

Extensive inlet studies have already been made on a variety of configura-
tions. However, installation of inlets on launch vehicles might lead to some
unique problems that have not been studied sufficiently yet. Some configura-
tions which have been considered are illustrated in figure k.

The inlets may be wrapped around the rear of the launch vehicle, stuck out
on pods, or the launch vehicle can be built as an inlet. There are obvious
problems with each of these possibilities. Certainly the solution suggested
in the upper sketch of figure k the boundary layer at the rear of a launch
vehicle (which will be a couple of feet deep) will create problems of making an
inlet operate at satisfactorily high mass flows and pressure recoveries.

At low speeds the inlet functions differently, as illustrated in figure 5-
Take-off performance might be quite important because a lot of structural weight
is being added to the launch vehicle for air augmentation.

At takeoff, air is accelerated into the inlet by the pumping action of the
ejector. If a blunt lip is used, as illustrated on the left, the streamlines
of the accelerated flow are curved as they enter the inlet. This produces a
static pressure gradient on the face of the lip, thereby producing a lip suction
force which acts to augment the propulsive forces.

The blunt lips are unsatisfactory, however, at high supersonic speeds
because of high drag and low internal performance. Sharp lips, as illustrated
on the right of figure 5j are required at high speeds. However, then there is
the problem that the lip suction force at take-off no longer can exist, and
there are internal pressure losses, resulting from separation of the flow as
it is accelerated around the sharp edge.
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Therefore, there is a compromise necessary in high- and low-speed per-
formance, or some form of variable geometry such as an inflatable lip is
required.

In the air-augmented rocket, the inlet discharge conditions are determined
by the ejector pumping characteristics. The basic types of ejectors that have
been studied extensively in the past are illustrated in figure 6.

The industrial ejectors are characterized by long mixing sections and by
their ability to pump fairly large quantities of secondary flow with modest
quantities of primary flow. The pumping action of the industrial ejector is
derived from the turbulent exchange of momentum from the high velocity primary
flow to the low velocity secondary flow; hence, mixing is of much importance in
determining the performance of this ejector.

Aircraft ejectors, on the other hand, are characterized by short lengths
because of the requirement for light weight. Three different types of ejectors
have been studied: convergent, cylindrical, and divergent.

The aircraft ejectors derive their pumping ability from a static pressure
gradient imposed upon the secondary flow by the high-pressure-ratio primary
jet. As the underexpanded primary jet plumes out, it restricts the flow area
available to the secondary stream. This imposes a static pressure gradient
which accelerates the secondary flow. The ejector is short to minimize weight,
and, within these limits on length, mixing is slight and has minor effects on
performance.

Typical ejector thrust and pumping curves are illustrated on the lower
left of figure 6. Here the ejector to ideal primary thrust ratio and the
secondary to primary total pressure ratio are shown as functions of the primary
to ambient pressure ratio. These are shown for different values of the cor-
rected secondary flow ratio, defined as the secondary to primary weight flow
ratio multiplied by the square root of the temperature ratio divided by the
molecular weight ratio.

These pumping and thrust curves can be substantially influenced by the
heat transfer from the high temperature primary jet into the secondary flow.
They can also be influenced by combustion of the secondary air.

For application to air-augmented rockets, lightweight ejectors such as the
aircraft ejector type undoubtedly are required. If convergent or cylindrical
ejectors are used, probably divergent nozzles will be required downstream of
them to provide sufficient expansion ratio. To decrease overall length the
divergent ejector is of particular interest.

The pumping characteristics of the three types of ejectors are substan-
tially different and depend on details of the geometry of each ejector. A
final choice of ejector design must be based on a careful evaluation of the
ejector-inlet matching the problem over the wide range of flight conditions to
be encountered.
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This matching problem is especially difficult because of the probable
need for using fixed geometry inlets and ejectors. However, regulation of the
secondary fuel injection may prove useful as a means of controlling matching.

Although mixing of primary and secondary gas generally is slight in short
ejectors, fairly extensive mixing is probably desirable in the air-augmented
rocket. The rocket motor is operated fuel rich to maximize rocket specific
impulse. Hence, by mixing primary and secondary streams, combustion of excess
fuel in the rocket jet with secondary air can occur and thereby increase over-
all specific impulse. It may also prove advisable to augment this ramjet mode
of operation by injection of additional fuel into the secondary air.

An additional effect of mixing primary and secondary flow is to decrease
the magnitude of the primary jet exit velocity thereby increasing propulsive
efficiency and decreasing wasted jet kinetic energy. However, thermal effici-
ency decreases simultaneously, and the overall efficiency, which is the product
of thermal and propulsive efficiency, must be considered in selecting the
optimum jet exit velocity.

A problem exists in that means of achieving rapid mixing in short length
ducts without incurring excessive total pressure losses are not known, and
analytical tools for predicting mixing rates are meager. The phenomenon is
complex in that velocity, temperature, and concentration spread at different
rates, and experimental measurements of mixing are difficult.

An obvious means of increasing the mixing achieved in a given length is
to increase the surface area of the mixing -zone by employing multi- or annular-
primary nozzles. It is anticipated that combustion processes in the presence
of shock waves between mutually interacting supersonic streams in the ejector
will also promote rapid mixing.

It is likely, however, that the optimum mission performance will be
achieved with less than complete mixing.

However, it is important to recognize that total pressure losses result
from mixing, heat transfer, and combustion proccesses such as those in the
ejector. Since large thrust penalties can result, these losses must be con-
sidered. However, mixing has not been found to be an efficient means of
transferring energy between two streams. The industrial ejector is a case in
point.

It is apparent that experimental data will be needed on air-augmented
rocket performance if analysis shows sufficient promise in the concept for
launch vehicles. As indicated earlier, existing data are meager and subject
to some uncertainty in interpretation. In particular, augmentation ratios that
have been measured in past tests with small hot rocket motors are influenced by
the combined effects of the many factors affecting performance without providing
detailed information on each of these factors. Hence, the results may not be
generally applicable to other propulsion systems which may be similar but differ
in detail, such as scale and rocket motor combustion efficiency.
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To extend the experimental data pertaining to air augmentation the Martin
Company has been contracted recently by the Air Force to perform additional
tests with JP-lox rocket motors in a test stand at AEDC. Air augmentation of
a cluster of 12 motors will be determined.

It is anticipated that additional tests , proposed for Fiscal Year
will be conducted in the Lewis and Langley wind tunnels if preliminary study
results are promising.

In conclusion, air augmentation of chemical rocket motors tentatively
appears to be an interesting means of increasing the payload capability of
launch vehicles. A thorough evaluation of such a composite propulsion system
is quite complex, but the initial steps have been taken. If preliminary analy-
sis proves merit in the concept, extensive experimental work will be required
because of the present lack of experimental data, and because the complexity of
the flow processes means they are not easily analyzed.

It is doubtful that simple mixing will in itself provide adequate augmen-
tation, but secondary combustion and rocket jet altitude compensation provided
by an air augmentation device may prove advantageous. Liquefied air augmenta-
tion, mentioned in previous sessions, is also a new and interesting idea, but
presently it appears to be horrendously complex.
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29- REACTING FLOW CALCULATIONS AND NOZZLE OPTIMIZATION

By T. R. Marian!

Lewis Research Center, NASA

Reacting flow calculations and, especially, nozzle optimization techniques
are certainly areas of interest in delineating better design criteria whereby
large liquid rocket engines can be developed.

The first part of this presentation deals with the state-of-the-art; a
search was conducted to determine what type of computer programs are available.
Figure 1 shows the work that was conducted at Lewis and at Aerojet. These pro-
grams use a one-dimensional flow analysis with the Bray approximation. This
figure also shows a two-dimensional program available from Marquardt, developed
under contract for the Air Force. It also uses the Bray approximation and
results in a freezing boundary instead of the freezing point.

Figure 2 shows one-dimensional equilibrium programs. The Rocketdyne pro-
gram includes kinetic flow in the nozzle but considers only the three-body
reactions. Figure 3 shows kinetic flow programs. These programs consider
reaction kinetics in an exact calculation. However, they are research pro-
grams - they will not be available for at least 6 months, maybe as long as
18 months. One of the complex features of these programs is that they must
start from equilibrium. The introduction of a consistent set of initial condi-
tions has, in fact, eliminated the starting problem. However, the general pro-
cedure for calculation of the initial conditions remains to be done.

Part II of this presentation is consideration of a program, funded by the
Office of Advanced Research and Technology, and conducted by the United Aircraft
Corporation (the Research Laboratories, East Hartford, Connecticut, in coopera-
tion with the Pratt & Whitney Division) under contract NASw-j66.

The technical objectives of this program were to conduct order-of-magnitude
calculations to determine the relative effects on nozzle performance of lack of
equilibrium in the nozzle due to continuing reaction or recombination lag,
thermodynamic relaxation, velocity and thermal lags associated with two-phase
flow, condensing flow, and heat transfer to a wall with a nonequilibrium
boundary layer.

The propellant combinations studied under contract NASw-j66 were

hydrogen-oxygen

hydrogen-fluorine (H2-F2)

diborane-oxygen fluoride

hydrazine-nitrogen tetroxide

beryllium-hydrogen-oxygen (B

hexane-oxygen fluoride
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The H2-02 combination was used for all the calculations. The Hg-̂  and the

CfcR^-OFp combinations were also studied, but the results were significant only

for the Bray analysis that was made. The Î Hg-Ĉ  combination was studied, but

it was determined that it played an important role for only condensing flow
losses, and they were insignificant. The ̂ Ĥ -l̂ Ô  combination was considered

important especially for the vibration-relaxation calculations. The two-phase
flow calculations considered the Be-B^-C^ combination.

The second portion of the program was to refine a UAC computer program by
including the one-dimensional reacting gas equations for a variable passage.
This work has been completed and the program can be used to determine the
effects of throat contouring, freezing point locations, various combustion
efficiencies, and at the same time consider chemical kinetics.

Two other programs are being developed. They are two dimensional and con-
sider finite chemical kinetics. One of these programs can be used to evaluate
performance for a prescribed nozzle contour. The other is a design program and
can be used to determine optimum nozzle contours. Both of these programs have
been run but are not operational.

A fourth portion of the program was to check out the validity of the two-
dimensional computational procedures, and this was done by performing the
experiment to study the reaction for the recombination of nitrogen dioxide ( N02)

to form nitrogen tetroxide N20^. This was done in the hot test wind tunnel.

Some of the results are as follows.

The order-of -magnitude calculation employed a "sudden freezing" criterion
in a hypothetical high expansion ratio exhaust nozzle and showed that recombi-
nation lags can reduce the nozzle specific impulse from the theoretical maximum
value obtainable under equilibrium flow for all propellant systems considered.
The reduction in impulse is largest at the lowest pressure employed in the
analysis, which was 60 psia; ranges of losses were from about 6 percent to
11 percent at this pressure at an expansion ratio of 100. Reductions in nozzle
specific impulse were less than 1 percent at pressures to about 1,000 psia.

The order-of -magnitude calculations for vibrational relaxation freezing
point for the propellant combinations studied under the first portion of the
program suggest that no significant reduction in performance will occur because
of vibrational freezing except in the case where diatomic nitrogen is present
in large concentrations. Performance losses due to the presence of nitrogen
may be appreciably reduced if water is also present in the exhaust nozzle flow.
The freezing area ratios are generally greater than 10 to 1 at a chamber pres-
sure of 60 psia, and increase markedly as the pressure is increased.

Table I shows a comparison between chemical recombination and vibrational
relaxation. The N̂ î -NgOl). combination was used at chamber pressures of 60
and 1,000 psia. These calculations are hand calculations made with a Bray-type
analysis for chemical recombination and vibrational relaxation. The calcula-
tions show that for optimum ratio^and a conical nozzle, the freezing points for
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TABLE I.- SAMPLE BRAY CALCULATIONS USED TO ASSESS THE IMPORTANCE OF

CHEMICAL RECOMBINATION AND VIBRATIONAL RELAXATION

OPTIMUM 0/F FOR CONICAL 15° HALF-ANGLE NOZZLE

Chamber pressure,
psia

60
1000

Critical freezing area ratio

Chemical
(H20)

1.015
2-55

Vibrational

(*2)

2
10

the vibrational relaxation approach the freezing points for chemical recombina-
tion. For these cases we must consider the losses due to vibrational relaxa-
tion and recombination since freezing occurs close to the throat.

These calculations will hold also for the 50-50 aerozine combination since
the reaction equations that we considered here would be the same for the 50-50
combination.

This study indicated the importance of the coupling of chemical recombina-
tion and vibrational relaxation when considering nonequilibrium effects. The
Marquardt people claim their program (noted on fig. 3) considers vibrational
relaxation along with chemical recombination.

Performance losses can be considerably increased because of the velocity
and thermal lags associated with two-phase flow. For the Be-^-Op propellant

combination in a typical nozzle configuration, specific impulse reduction can
range up to 10 to 20 percent of the ideal impulse, depending upon the chamber
pressure, particle size, and thrust level. These losses increase as particle
size increases and decrease as the pressure and thrust level increase.

Losses in performance due to condensation are associated only with the
•̂ 2̂ 6"0-̂ 2 system of the six propellant combinations studied. However, condensa-

occurs well downstream of the nozzle throat and specific impulse losses are,
therefore, not significant.

Changes in the heat flux to nozzle wall are of small magnitude when non-
equilibrium recombination of the H2-02 system is permitted in the boundary

layer. Under the most severe condition of a perfectly catalytic wall in the
vicinity of the nozzle throat, the heat transfer associated with the complete
recombination at the wall is only 5 percent of the total heat transfer at the
throat.
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Specific impulse losses for the H^-Og system computed by means of the one-

dimensional kinetic machine program for nozzles with varying throat configura-
tions amounted to from 2.5 percent to U.J percent of the ideal equilibrium
impulse at an area ratio of ̂ 00 to 1. The assumed chamber pressure was 60 psia
and thrust level was 150 pounds.

A low thrust was chosen for this case because of the limited amount of
machine time available. One of the limiting factors for calculations of this
type is the time it takes to compute the performance, and as the thrust goes
up the time becomes excessive. Actually, on the basis of this calculation, it
was determined that nozzle throat contour changes do not appear to provide
significant effects on the performance.

The experimental portion of the program was successful. Good agreement
was obtained between predicted and measured reactant compositions for a two-
dimensional test nozzle in which the recombination of N02 to form N20ij. was

followed. It is concluded from this agreement that the calculation procedures
employed in the two-dimensional finite kinetics machine programs are valid and
provide results representative of the supersonic flow field.

For the future and as an extension to this work, we are planning to initi-
ate additional studies in order to validate the calculations, to determine some
guidelines whereby we can use these programs, and to reduce machine running
time. We plan to study in detail the sensitivity of performance calculations
to reaction rate data because the reaction rate data that are available, in
many instances, are questionable. We would like to know how sensitive the com-
putations are to reaction rates. This portion of the program will use the
H2-02 and 50-50 combinations.

Calculations will be made as a result of the exact kinetic and Bray-Type
analyses. These calculations will be compared to determine the limits of
applicability of the Bray criterion.

Analytical studies will be performed to determine nozzle performance under
assumptions of shifting equilibrium and kinetic flow. These calculations will
be made for various combustion efficiencies and nozzle contours. The calcula-
tions will be compared to determine the effect of the gas model on nozzle per-
formance. We hope to answer the question of what type of gas model to use in
considering kinetic flow.

Kinetic flow calculations on the basis of fixed chamber conditions will be
made for various thrust levels. These calculations will be compared to deter-
mine a scaling criterion whereby nozzle performance for small thrust levels can
be used to predict nozzle performance for larger thrust levels.

In summary, it is important to know that the one-dimensional kinetic flow
program can be used to calculate all the variables of interest in both the sub-
sonic and supersonic passages of variable cross-sectional area. A subsonic or
supersonic combustion chamber may be followed by a variety of convergent-
divergent, or divergent nozzles. A nozzle calculation can be initiated from a
set of prescribed conditions without calculating a combustion chamber including
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starting directly from equilibrium. Various combustion efficiencies can "be
included "by fixing the length of the combustion chamber or by prescribing the
final slope of the temperature distribution.

The program can be used to study the effect of various throat contours.
The running time of the program is dependent on the number of reactions and
species involved; the maximum errors allowed; and the proximity to equilibrium,
chamber pressure, and/or thrust level. The program cannot compensate for
shocks in the flow or automatically locate an effective freezing point. The
integration procedure can solve a maximum matrix of twenty by twenty, that is,
twenty species and twenty reaction equations, and a minimum of two by one.

For the two-dimensional kinetic flow nozzle programs, the method of
characteristics is employed. The calculations take place by integrating the
reaction kinetics equations along the segment of streamline employed in the
construction of a mesh point. The performance calculations can be made to
determine the flow field associated with a given supersonic nozzle contour and
prescribed conditions for the flow entering the throat. Calculations can be
made to determine the coordinates of a family of modified perfect nozzles from
which optimum nozzle contours can be selected. These modified perfect nozzles
have axial exit flow but not necessarily uniform speed.
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30. SUMMARY DISCUSSION

MR. THOMPSON: I have a question for Mr. Connors. Were you taking net
thrust minus drag with your large center air flow model?

MR. CONNORS: Yes, we did.

MR. THOMPSON: Your performance curves were then based on that -

MR. CONNORS: It was stricly nozzle thrust. We had momentum breaks in the
inlet and exit of the bleed passage, and we ran tear loads on any configuration
of lip drag. What I presented is strictly nozzle thrust.

MR. THOMPSON: You showed there a compensation effect which seemed to be
in the lower pressure range, something more than 5k percent.

MR. CONNORS: More like 100 percent.

MR. THOMPSON: Okay.

My second question: You mentioned that the Lewis laboratories are going
to engage in a nozzle program next year investigating various nozzle concepts.
My question is, why did you decide to do it - should I put it this way: You
mentioned your wind tunnels that you have available there, so I thought that
you might be doing it in-house. Maybe I should phrase my question this way.
Are you going to do your work all in-house or contract it out?

MR. CONNORS: All in-house. I think it is rather more that we do it in-
house so that we have a little control over the configurations that enter into
the program. I think there are a lot of unanswered questions about - aside
from the details of measuring technique and getting a common frame of reference
for these thrust measurements which are not the easiest things to come by, I
think it is important that we look at such configuration variables as discrete
throats, voids in the annular configuration.

MR. THOMPSON: Can you amplify why you don't think you would have proper
control if you went to a contractor?

MR. CONNORS: I think it is very important, if you have done any nozzle
work in the past, to check the instrumentation that is coming up with thrust
measurements. There is also the question when you are moving from one facility
to the next of the calibration techniques. Unless you have a bast bulk of data
to base this on, I think it is well to have one test environment.

MR. THOMPSON: You made another statement at the start of your talk which
I thought was quite intriguing, something about control on these things the
past two years or so, concepts going this way and that. I didn't quite under-
stand that. If that is the case, why would you say we haven't been able to
exercise closer control over new nozzle concepts?

MR. CONNORS: That is a pretty good question.
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The control I am talking about is control of the concepts that go into the
design. Each company has in turn come up with their variations of an altitude-
compensated nozzle, and they have all taken their own prerogative of putting
their own particular label on it. I was sort of bemoaning the fact that we
haven't had a chance to discuss the design or provide any input to the NASA
effort in this, and I think for a long time we have been, if you will, looking
ahead and seeing what the problems would be in attaining altitude compensation.

The aerodynamics are rather straightforward and to be able to control the
free expansion service you need to be able to provide this ambient pressure
service. We couldn't see how you could do it on the unvented configurations
proposed. When you are talking about discrete engine modules, as in the
Aerojet, I think that is a very interesting approach. I think there is a lot
of aerodynamics involved in deciding what sort of engine spacing and how much
vent air you will have to provide.

It is difficult at this point to determine what is the minimum center core
bleed air. I think this is one of the variables we would like to inject into
our own program.

MR. THOMPSON: Do you think the nozzle that you designed would be compara-
ble in weight to the, shall we say, Rocketdyne or Aerojet type nozzle, the one
in which you obtained close to 100 percent compensation?

MR. CONNORS: You missed the point. This isn't a flight configuration.
This is a basic aerodynamic study, and it wasn't intended to be a flight con-
figuration. It was more an exploration of aerodynamic principles.

I think the concept of going to the individual modules and circular throats,
like that of Aerojet, is interesting. I don't think it is well to look at our
particular test hardware as a flight vehicle on which to base any weight analy-
ses. I tried to indicate in one of the follow-up sketches that our test model
was subjected to the expediency of the test. We were using cold air, we had to
have long hollow struts and a settling chamber before we brought the air out
through the nozzle. You have a different concept when you are talking about -
say you did go along with an annular combustor, then you can shorten up the
configuration.

I think this is one of the important questions, the weight analysis. My
own feeling is that we ought to get into a detailed vehicle structural analysis.

MR. THOMPSON: I agree with you 100 percent in your concept which seemed
to show such good performance if it could be made comparable weightwise.

MR. BEHEIM: I have a comment on Mr. Thompson's question on in-house work.
At Lewis we think that it is important to maintain competence through an in-
house program within our center, and certainly it is one means of keeping
things objective.

In addition to our own in-house work, we can test selected models con-
sistent with our schedules and resources, of configurations and using test
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procedures which are of technical merit in our opinion, upon the specific
request by another group, and approved by headquarters.

MR. CONNORS: I think the Nova studies might have been a little more
profitable if there had been tighter restriction to the range of design
variables.

MR. WILLIAMS: This is not said in a provocative manner. It has been
brought up a couple of times on the restrictions on the Nova study, as well as
being able to provide the necessary direction and support not only to the Nova
studies but to any study. Quite frankly, I can't speak for all of Marshall,
for those studies that we have been involved in, and they are numerous, with I
think a very wide cross section of industry, we have had absolutely no trouble
at all. In fact sometimes they respond too rapidly to our wishes for changes
in requirements or desires. But as far as the Nova study, per se, is concerned,
we have exercised rather stringent control over what the contractors do.

In fact, we almost approve, not by the manhour, but by the expenditure of
resources. We have given them quite detailed guidelines, a volume some 6 inches
thick of just guidelines and specifications of a technical nature, even of a
procedural nature.

Granted these may not be adequately defined or there may be desire or need
for further control. This becomes a resource problem within the government
itself.

I would like to at this time offer an opportunity to any of you to work
with us on the Nova study. We need better guidelines. We need restrictions in
certain areas. We also, I might add, on the other hand, have people who are
trying to open up all the doors.

Let's look at everything from plasma propulsion down to low Pc pressure-
fed systems, launched at se.a. We have even had proposals by headquarters people
that we hang Nova between wires between mountains and launch them out of things
like this - and sled proposals, fluorine all the way.

We have provided, I think, quite a bit of restriction. I solicit your
support and interest in this area, and any ideas you might have I am sure will
receive considerable attention before they are either incorporated or excluded.

Thank you.

MR. WEIDNER: I would like to add one thing that Mr. Connors said about
our contractors. Since I was the one responsible for bringing the engine con-
tractors in here yesterday, I would like to say what these people essentially
offer to us was not the result of NASA contract work but of their own doing.
We at NASA have somehow failed as part of the Nova studies to make these people
a contracted part of our arm over here. Therefore, I think I must in their
absence somehow speak for them here.
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I think what we see and have heard is a mixture of, (a) their own thinking,
and (b) their sales department type of spirit. But certainly it is not some-
thing which is in a gross way controlled "by us or not controlled by us, and,
therefore, I think you must somehow see the position.

It is a noncontracted kind of effort which we are seeing here. Maybe this
is something we should correct in the future by really making these people an
arm of our efforts here so that we can exert some influence.

MR. CONNORS: Eliminate the sale department.

MR. WEIDNER: That is right. Exactly what I mean.

MR. MARIANI: I think all the research going on at Lewis in these fields
provides support for our contract work when it is fitting, along with the rest
of the work that is being sponsored out of Headquarters. This is one area,
especially with the experience our research people have, that we should look
into very seriously, along with the other work that is going on.

MR. THOMPSON: This was really the only point I was trying to bring out,
that it does take a proper mixture of in-house and contractor effort to accom-
plish the best out of advanced technology. You cannot accomplish it all by
doing it all with contractors, and you cannot accomplish it all by doing it all
in-house.

It won't stand alone on one leg or the other.

MR. CONNORS: You misjudged what I said. I was confining my remarks to a
one-tunnel experimental program, one of evaluating nozzle aerodynamics. I
think that this ought to be all done in one facility. I wasn't taking in the
whole scope of the big engine problem.

MR. BEHEIM: Mr. Sloop.

MR. SLOOP: Mr. Thompson, you left one thing unsaid for the rest of the
group that I think should be commented on here, and that is that a small and
almost spontaneously organized coordinating group, consisting of Thompson and
Beheim and Pierpont from Langley, have gotten together several times now and
discussed air augmentation work. I assume that they can't separate from other
nozzle work. I think this is a good example of intra Center discussion and
coordination. We certainly hope more of this will occur in the future.

MR. GRAHAM: Listening today to what is happening in propulsion, hearing
this morning about boost pumps and varieties of turbines and systems sitting
around, and then hearing about nozzles, altitude compensation, and air augmen-
tation this afternoon, I begin to wonder about the control concept of this kind
of a vehicle. I have heard nothing about this, about partial thrusts, terminal
velocity, precision, and so forth in this whole mission concept. This is some-
thing I think that we need to keep in mind as we begin to think about these
kinds of devices that we are throwing into this whole propulsion system.
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MR. BARTZ: For Mr. Marian!'s information there is one other program that
is available now, for a price. James Kleagle, at Space Technology Laboratories,
does have a two-dimensional finite kinetic program that is working, and it is
working now to reduce the computer time by expanding it about the equilibrium
case.

Apparently, as equilibrium is approached these things get very difficult.
He is now expanding it as differences about the equilibrium case, but he has a
program working for the normal way of doing it.

The next step he is taking is this expansion around the equilibrium case.
This has been done on STL's own money, but I am sure that for some kind of
price it will be for sale.
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31. INTRODUCTION

By Milton A. Beheim

Lewis Research. Center, NASA

Steering control is required during all phases of flight, obviously, to
correct for thrust misalinement and to provide engine-out flight capability, to
overcome wind jet stream effects at altitudes near 35*000 feet, to provide pitch
control during trajectory maneuvers, and to overcome unwanted perturbations
during engine shutdown and staging.

The conventional technique of steering launch vehicles is by means of
thrust vector control. The usual question that must be resolved is to deter-
mine the thrust vector control technique that provides the highest reliability
with the lowest weight. When undertaking development of the new concept, how-
ever, such as a large rocket motor, it is appropriate to review other means of
steering control if for no other reason than to be sure that thrust vector con-
trol is still the best choice. Other means that have been studied in the past
include auxiliary rocket motors and aerodynamic surfaces, or some combination
of both. Obviously, the aerodynamic surfaces are useful only in the high
dynamic q portion of the flight.

Installation of these devices on a vehicle is schematically illustrated in
figure 1. This figure schematically illustrates that fins or rockets may be
used in aft or forward locations. The forward locations have some advantage
over the aft locations for the following reasons: the larger moment arm from
the center of gravity decreases the steering force requirements, it decreases
the normal acceleration of the vehicle since the steering force acts counter to
the body normal force, and the maximum internal bending moments are reduced.

In addition, there is the possibility that the rocket motors in the for-
ward location might provide steering for all stages.

A novel means of combining the auxiliary motor with an aerodynamic surface
is illustrated in figure 2. Here the nozzle exit is housed in the base of a
canard fin with the rocket motor itself at the root of the fin. It is a highly
swept configuration which has been tested for its thrust performance at Lewis.
That performance is shown on the upper portion of the slide.

Since it is an external expansion nozzle, it maintained high thrust coef-
ficient over a wide range of pressure ratio.

In addition to these tests, canard fins will be investigated on the Atlas-
Centaur configuration in a forthcoming test in the Lewis wind tunnels. They
will be evaluated as a means of decreasing the bending moments during flight
through the wind jet stream at transonic speeds.

A correct evaluation of these auxiliary devices is difficult since the
efficiency of such a device is sensitive to the mission and to the vehicle
details.

^̂ ^̂ MM̂ M̂ M̂MM̂  .
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The problems to be considered include the control of aerodynamic surfaces
which must be deflected and the control of multi-restart rocket motors, and the
change in location of center of pressure and center of gravity during flight
and during staging.

Studies to date have shown that the auxiliary devices cause weight penal-
ties substantially greater than thrust vector control, primarily because the
auxiliary rocket motors are not small.

However, a factor that has not been satisfactorily considered in some
studies, because of its sensitivity to mission, is the possibility of multi-
purpose use of these devices during all phases of a complete mission.

To carry this multipurpose concept to an extreme as a means of illustra-
tion, the jet canards on the final stage possibly could provide steering con-
trol of all stages during launch, provide final stage propulsion into orbit and
during space maneuvers, and provide propulsion and steering control during
reentry and landing. The multipurpose technique may prove desirable for some
applications but not others.

Because development of large engines generally precedes knowledge of the
missions for which they are to be used, it may be necessary to select thrust
vector control simply because of its flexibility for a variety of missions.

Assuming, for the time being, then, that steering control is required from
the main engines, in this session we shall consider the possible solutions for
thrust vector control of large engines. The subjects to be covered are hot gas
injection, reactive fluid injection, and mechanical systems.
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32. HOT GAS INJECTION

By Donald D. Thompson

George C. Marshall Space Flight Center, NASA

One of the proposed methods for obtaining directional control of advanced
vehicles is the use of secondary gas injection into the rocket nozzle. As a
result of this evidence of feasibility, considerable effort has been applied
recently to evaluate the concept.

The investigations and studies have been numerous, and the applications
considered have run the full range of both present and advanced space vehicles.

One of the present studies considered to be representative of the present
state of the art is contract NAS8-5070 with the United Aircraft Research Center.

Background developments on the subject are sketchy because the theory is,
up to this point, not very well defined. Therefore, in discussing application,
some coverage must be given to those areas which seem to be inadequately defined
at this time.

The use of secondary injection to obtain thrust vector control was con-
ceived about 19̂ 9- The concept was first investigated and shown to be feasible
in the work of Hansmann of the United Aircraft Research Laboratories in 1953-
This work, which was limited to gaseous injection into nozzles having low area
ratios, showed that the lateral force produced by secondary injection into a
rocket nozzle is significantly greater than the theoretical value for a system
utilizing a separate vernier nozzle.

Early investigations here and elsewhere employed sonic circular secondary
injection ports located in the walls of the primary nozzle. Recent investiga-
tions have shown that significant improvements in performance can be obtained
by employing a secondary injection port which directs the flow upstream through
a circumferential slot (or equivalently through a circumferential array of
holes) located at the nozzle exit.

In addition to the improved performance, this configuration is more practi-
cal for fabrication since it does not require the structure of the primary noz-
zle to be altered to provide for secondary injection.

The parameters which are of significance in understanding a secondary
injection system may be cataloged as primary and secondary nozzle variables.
The secondary nozzle variables considered are the weight-flow ratio, the angle
of injection, the width of the injection region, the injection Mach number, and
the secondary gas properties. The primary nozzle variables considered are the
Mach number or area ratio of the primary nozzle, the pressure ratio, the size
of the nozzle, and the gas properties of the primary flow.

A schematic diagram of the flow model employed is shown in figure 1. The
secondary flow is injected through a flush port at the nozzle exit; it is



Injected upstream with an angle, a, measured relative to the perpendicular to
the nozzle axis. Thus, positive a implies upstream injection and negative a
implies downstream injection. To the right is an end view of the nozzle
showing the wide injection port; the width of this injection is expressed in
terms of the circumferential angle, \|r.

The lateral force produced by secondary gas injection is the sum of the
secondary jet reaction force and the induced pressure force, marked "by arrows,
in the interaction region upstream of the injection port.

It is primarily a function of the Mach number, injection angle, and the
secondary weight flow. The lateral induced force is the vertical component of
the induced pressure area forces in the interaction region. These induced
forces are evaluated "by treating the secondary flow on a blockage element
which causes shock induced separation of the primary flow.

The high pressures in the separated region create a force on the primary
nozzle wall and a rearward force on the secondary stream turning it in a
downstream direction. This rearward force is equal to the change in axial
momentum of the secondary flow. The relationship between the induced wall
force and rearward force is evaluated from separation characterization of a
turbulent supersonic boundary layer. Typical shock induced separation data
for a blockage element are shown in figure 2.

The pressure distribution on the wall in front of the blockage element is
shown in the left-hand plot of figure 2, and the pressure distribution on the
face of the blockage element is shown in the right-hand plot. This figure
shows the following important features: the average base pressure, Pg, is

greater than the average wall pressure, Py, which in turn is greater than the
measured separation pressure, Pg. The ratio of the net induced wall force to

the total rearward force or base force is called the separation parameter, G.
The value G obtained by integrating the pressure difference along the wall
and the pressure on the face of the step for the data shown is 2.1J.

Thus, from these data it could be concluded that the net induced wall
force for a two-dimensional interaction is 2.13 times the total rearward force
which is equal to the change in axial momentum of the secondary stream.

For the analysis, the flow was assumed to be separated by a two-dimensional
shock giving the step rise in pressure as shown by the dotted line. The value
of the separation pressure rise was obtained from a data correlation by Chapman,
Kuehn, and Larson; the average wall pressure rise was assumed to be 50 percent
greater than the separation pressure rise; and the average base pressure rise
was assumed to be 50 percent greater than the average wall pressure rise.

The theoretical value of G obtained by analysis is 2.0. The value of G
for a semicircular blockage element was obtained in a similar manner by
employing conical shock relationships. The theoretical value of G obtained
in this manner was approximately 1.3 compared to 2.0 for the 2-D case.
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The values of G for the two-dimensional and semicircular "blockage
elements set an appropriate level of values to be used in the side force calcu-
lations; however, it is necessary to evaluate the conditions under which the
two-dimensional, the conical, or intermediate values should be used.

On the basis of limited data obtained with physical blockage elements,
intermediate values of G were found to correlate with the aspect ratio of the
blockage element. The aspect ratio is defined as the width divided by the
height of a rectangular blockage element.

The reaction and induced forces discussed previously were combined into a
single expression shown in a simplified form in the following equation:

This equation relates the total side force, ~F̂ } to the nonvectorized axial
thrust, FT .

The Jet reaction term 0^ is a measure of the lateral component of the
secondary Jet reaction; it is primarily a function of the secondary Mach number
and injection angle as mentioned previously.

The induced term, 0^, is a measure of the base force which acts on the
secondary Jet turning it rearward; it is a function of the primary and secon-
dary Mach numbers, the injection angle, and the pressure ratio of the primary
nozzle.

The separation parameter, G, is defined as the ratio of the induced force
to the base force; it is a function of separation characteristics as discussed
previously. Thus G X 0^ is a measure of the induced wall force.

The spreading parameter, C, is defined as the ratio of the directed
induced force to the total induced wall force. It is a measure of the effi-
ciency of the induced pressure forces in producing a side force in the desired
lateral direction; the inefficiencies result from lateral spreading of the
interaction region to the sides of the nozzle where the incremental pressure
area forces are not parallel to the desired force direction. Thus, C X G X 0^
is a measure of the directed induced force.

The similarity parameter, S, is directly proportional to the square root
of the temperature and inversely proportional to the square root of the molecu-
lar weight of the secondary gas and is a weak function of the ratio of the spe-
cific heats. For primary and secondary gases having equal gas properties, the

value of S is unity. The ratio -r- is the ratio of the secondary to primary

weight flows.
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Although the expression for total vectoring force appears to be linear
with the injected weight flow ratio, it is not, because the parameters C and
G are functions of the injected weight flow ratio. The resulting side force
is, therefore, nonlinear with the weight flow ratio in such a manner that the
amplification factor, Kg, decreases with increasing weight flow. The lateral
amplification factor, Kg, is defined as:

1 T

The amplification factor, Kg, is important as it is the key parameter in
judging secondary injection performance.

This analytical expression, equation (2), was then employed to evaluate
the importance of the various parameters affecting secondary injection per-
formance. Where possible, the calculations were made to show a direct compari-
son with existing data.

Figures 5 to 5 show data obtained in cold-flow tests using air for both
the primary and secondary gases.

In figure 3.» as well as in figures k- and 5> the theoretical performance is
shown by solid lines and experimental performance by the data points. The
variation of the side force ratio with the weight-flow ratio is shown for sonic
injection through both a slot with upstream injection and through a circular
port with injection normal to the wall.

For both cases, the theory and experiment are in good agreement even to
the extent of the nonlinearity of the force-weight-flow relationship. The slot
configuration obtained amplification factors (K values) which ranged from 2.U
to 1.6 compared with the value of approximately 1.2 for the circular port.

It should be noted that a separate vernier nozzle as efficient as the
primary nozzle would have K = 1, and that, when values are greater than 1, it
can be inferred that lateral specific impulses greater than that of the primary
nozzle can be obtained by secondary gas injection.

In order to select an optimum secondary injection configuration, it is
necessary to evaluate the effects of the various geometric parameters which
define an injection port.

As shown in figure k, the parameters are the upstream injection angle; the
slot width, defined by i|r; and the area ratio or Mach number of the secondary
nozzle .

In these plots, the theoretical performance obtained by varying each of
these parameters separately is expressed in terms of the lateral amplification
factor for k percent secondary weight flow. The results show that, increasing
the injection angle, the slot width, and the Mach number a.11 cause improvement
in performance.



These results help explain why the slot configuration obtained superior
performance to the circular port as shown in the preceding slide; i.e., the
circular port subtended an angle of less than 10 deg compared to the V? deg
subtended by the slot, and the circular port injected the flow perpendicular
to the nozzle wall at an angle of -15° compared to +30° for the slot
configuration.

The effects of the primary nozzle parameters are shown in figure 5- These
parameters are area ratio, Mach number, and size, expressed in terms of a
Reynolds number. The performance is expressed in terms of the lateral amplifi-
cation factor for 2 percent secondary weight flow. As shown in the top graph,
the secondary injection performance is significantly improved as the pressure
ratio of the nozzle is reduced below the design point.

This improvement reaches a maximum near the pressure ratio at which the
primary nozzle begins to separate. Below this pressure ratio the secondary
injection becomes ineffective.

This improvement could be very significant during rocket launch because
most rocket nozzles are overexpanded but not separated during the low altitude
portion of their flight and because the 'largest corrective forces are frequently
required at this time.

Thus, the 25 percent increase in side force shown above may allow a 25 per-
cent smaller control unit to be installed in the nozzle. The effects of nozzle
area ratio and size, expressed in terms of a Reynolds number, are shown in the
bottom two plots. The TVC performance is very insensitive to both of these
parameters. This is a fortunate happenstance because it indicates that data
obtained with small-scale models having an incorrect area ratio can be employed
with only minor corrections to predict the performance of full-scale TVC systems.

The preceding discussion was based on calculations and data for room tem-
perature air in both the primary and secondary nozzles. The value of using
these data to predict the performance of a rocket nozzle employing hot gases
other than air depends upon the validity of the similarity parameter.

The effect of dissimilar molecular weights, as shown in figure 6, were
obtained in cold-flow tests employing air as the fluid for the primary nozzle
and helium (molecular weight of ̂ ), or argon (molecular weight of 40) as the
secondary injectant. Also shown in this figure are the reference values
obtained from the air-air tests of the slot configuration shown previously. As
plotted in terms of the force and weight-flow ratios, the data do not corre-
late; the light helium injection shows extremely good performance, better than
twice that of the air data, whereas the heavy argon is poorer than air injec-
tion. When replotted in terms of the corrected weight-flow ratio,
the data for all three gases are in agreement.

Similar results are shown in figure 7 which presents data obtained from
small-scale hydrogen/lox firings. When plotted in terms of the force and
weight-flow ratios, the data do not correlate with the cold-flow air-air data
presented previously; however, when replotted in terms of the corrected weight-
flow ratio, the data fall about the corrected value for a hot primary nozzle.



This figure and the previous one showed that data with different primary
and secondary gases can be correlated "by employing the similarity parameter
which is proportional to the square root of the temperature and inversely
proportional to the square root of the molecular weight of the injected gas.
This relationship forms the basis for investigating a TVC system for a
hydrogen/lox rocket which obviates the need for a hot-gas valve capable of
operating at combustion chamber temperatures. The proposed TVC system would
bleed a small fraction of the primary combustion products, and these gases
would be cooled by diluting with cold gaseous hydrogen, thereby reducing both
the temperature and the molecular weight as shown in figure 8. The results
are plotted as a function of the mixture ratio, MR, which is defined as the
ratio of cold hydrogen to total secondary flow; thus MR = 0 represents the
use of direct combustion chamber products and MR = 1 represents the use of
cold hydrogen. As the mixture ratio is increased from zero to one, the gas
temperature is reduced from approximately 6000° to 500° R> and the molecular
weight is reduced from 12 to 2. The TVC performance, expressed in terms of
the lateral specific impulse that could be obtained from this system is shown
in the bottom curve. This figure shows that side specific impulses in excess
of twice the primary rocket, approximately ^50 seconds, can be obtained over a
wide range of mixture ratios. More specifically, gas temperatures in the range
from 2500O to 15000 R will produce side force performance comparable to com-
bustion chamber bleed. Such temperatures can be handled by current valve
materials.

In figure 9> the side force performance of this system for a hydrogen/lox
rocket is compared with that of two liquid injection systems employed on solid
propellant rockets. The liquids employed are nitrogen tetroxide and freon. The
TVC performance, which is presented in terms of the force and weight flow ratios,
shows that the hydrogen-diluted system provides considerably greater side force
efficiencies than either of the liquid systems. On the basis of the secondary
weight flow required for a given side force ratio of approximately 2 percent
warm gas, the hydrogen-diluted system is almost three times as efficient as the
nitrogen tetroxide system and five times as efficient as the liquid Freon sys-
tem. However, use of this figure is not meant to imply that the hydrogen-diluted
system should be employed for solid propellant rockets; the choice of a secondary
fluid, gas or liquid, depends on many factors. Figure 9 is intended to compare
the level of performance obtained by the hydrogen-diluted system with the level
of performance of other systems.

It could be legitimately concluded at this point in the discussion that
here is a concept which is apparently in good shape and, therefore, it has been
presented to a group which has the responsibility of making specific recommen-
dations for additional technology programs. This might be misleading because
hot-gas secondary injection currently has several areas of deficiency. Among
them are the following:

1. Roll Control: An acceptable method for obtaining the third degree of
freedom is yet to be demonstrated. However, this will be investigated shortly.

2. Combined Pitch and Yaw: Effort is now underway to evaluate what, if
any, are the interaction effects brought about by a combined vectoring command.



3« Port Location Optimization: Although highest performance is associated
with injection at the nozzle exit, system considerations may dictate that the
location "be otherwise. True, this is partially a design optimization problem,
but certain aspects need further technological investigation.

k. Heat Transfer: As yet no adequate information is available on heat
transfer with boundary layer separation. This problem should be investigated
experimentally and analytically. In some of the tests performed in Florida,
there was a rise which might or might not be detrimental.

5. Engine Vehicle Integration: Structural integration of a fixed engine,
which is implied in use of this method since there is no requirement for gim-
baling, needs to be investigated.

6. Control Integration for Secondary Injection: Allowable frequency and
force change magnitudes in axial and lateral directions must be determined.

7- Structural Integration: Circumferential and longitudinal stiffness of
the nozzle, plus thermal effects, must be studied.

8. Plow Integration: Secondary injection hardware weight trade-off, turbo-
pump weights, and overall cycle efficiencies as mixture ratio changes.

Controls interactions, such as transient and steady state operation with
and without secondary injection.

Minimum amount of secondary injection flow to create a shock, and con-
tinuous flow quantities required for thrust vector misalignment.

In summary, the technological status of hot-gas secondary injection at the
present time is sufficiently advanced to be regarded as a proven, practical
concept.

Some may consider this overoptimistic, but hot-gas secondary injection is
already flying on some vehicles. There are, as discussed, certain technical
areas which need additional work but the real need at this time is a good com-
parative systems analysis. The commonly held mistaken concept of building an
engine and then fitting the vehicle to it is a logical one at this time, because
it is based on much of NASA's past experience. Economic considerations as well
as best engineering judgment may force design of the next spacecraft as a single
entity, with the vehicle and power plant being given equal consideration as a
•unitized whole from the start.

Preliminary work indicates that such an effort pays off handsomely in the
application of secondary injection to large launch vehicles. Elaboration on
this point is beyond the scope of this discussion.

In relation to the system study concept, in the past NASA has been pro-
ceeding something like this: There is a vehicle in one place, the engine people
are in another geographically remote area, and there is a government representa-
tive in still another area. The communication between contractors is through
the government representative and that leaves the government representative



swamped with integrating concepts, piecing together all types of information,
and trying to make the best picture out of it. There is not enough manpower
within most NASA installations to get this job done well.

Here is another way that the problem could be handled - adding to the
present procedure a little box marked "Liasion" on the flow chart. This would
get the contractors together so that when they come to NASA, they have all the
bugs out of their concepts, have integrated ideas, and have come out with some-
thing near an optimum system. Then all the government representative must do
is judge that system, not put all the pieces together.
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SCHEMATIC DIAGRAM OF HOT GAS TVC FOR HYDROGEN-LOX ROCKET
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SONIC INJECTION THROUGH CIRCULAR ORIFICE NORMAL TO WALL
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COMPARISON OF GAS AND LIQUID INJECTION JVC
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33- REACTIVE FLUID INJECTION

By Foy McCullough

Naval Ordnance Test Station
China Lake, California

This discussion will start with descriptions of secondary injection or
reactive fluid injection. When a fluid, either liquid or gas, is injected in
the cone of a nozzle, a side force, as shown in figure 1, is generated.

The concept shown here was originally developed for use on solid propellant
motors, in trying to avoid the high-temperature materials problem that was being
encountered on the Subrock, Minuteman, and Polaris a few years back. In this
slide is depicted the use of bleed gas to pressurize a tank containing a control
fluid; Freon is currently the most widely accepted liquid injectant of the inert
variety.

Systems of this type, such as on a second stage Polaris A-III, with gas
from a separate gas generator, are now flying and have been flying since about
January. Hence, this sort of system is now more or less operational.

Figure 2 illustrates the components of this side force. This is actually
a data plot of nozzle wall pressure as a function of length. The injection
port shown happens to be for air into air. At the injection port a spike is
shown. The separation region, which is shown rather poorly here, actually
extends quite a ways in front of the injection port, depending on the mass flow
rate.

Immediately downstream of the injection port there will be a region of
negative pressure which is a result of overflowing the nozzle. Then further
downstream will be another pressure rise which contributes to the side force.

There are three major components that make up the side force. First, of
course, is the thrust of the stream itself. Second is the high-pressure sepa-
rated region forward of the injected stream. And the third is the high-pressure
downstream area which in the case of a liquid injection is due to vaporization
and, hopefully, some reaction.

The two pressure area terms are normally described simply as being a static
pressure recovery region, or static pressure recovery of the main stream gases.

In inert liquid injection, this pressure recovery term comprises about 80
to 95 percent of the total side force that is generated.

With gas injection, this forward separated region is the major contributor
to the side force.

Figure 3 presents an idea of the magnitude of the side force involved in
liquid injection. This figure is a plot of the ratio of the side force to the
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main thrust as a function of the ratio of secondary flow to main flov, and, as
mentioned, the slope of this curve is the performance ratio or amplification
factor.

This is a plot of injection with Freon and is fairly typical of some Freon
performance in this particular configuration. It is a single orifice injection.

The inert liquids normally give performance ratios on the order of about
0.2 to about 0.6. With the reactive fluids performance ratios are increased to
the region of 1 or better. With hot gases it is possible to achieve a perform-
ance ratio of 2.

This plot is perhaps a little misleading. There is degradation in perform-
ance with any type of injection if the effect is too widely distributed over the
circumference of the nozzle wall. As the secondary flow rate is increased, the
pressure field spreads around the nozzle so that some of this force acts in a
direction which does not increase the performance ratio.

Another effect is that a shock may be reflected on the opposite wall of the
nozzle, and this can actually degrade the performance enough to bend the curve
downward with a negative slope.

Figure k provides an explanation for some of the superior performance that
is occasionally attributed to inert fluid injection. If a fixed diameter ori-
fice is used and injection is up to some pressure, in this case 1500 psi, the
results will follow a more or less linear plot similar to the one shown in
figure k.

With very small orifices and high injection pressure, the performance ratio
can be quite high. If a variable area orifice is used with constant pressure
injection, & different curve results, as illustrated. So, theoretically down
in the region of about 1 percent flow ratio, performance ratios of 2 or more can
be achieved.

This variable area injection scheme is the reason for so much activity in
variable area valve development for both the Polaris and the Minuteman.

The Polaris performance follows a curve somewhat similar to one of these.
The thrust vector angle required with the Polaris second stage is 8° per nozzle.
This corresponds to a force ratio of approximately 12 percent and is achieved
using only two of the nozzles on the Polaris.

With Freon 11̂ -6-2, the injectant specific impulse at high injection flow
rates is only around 80 pound-seconds per pound. At lower flow rates it is in
the vicinity of 130 pound-seconds per pound.

The Polaris employs a dump feature; that is, any fluid which is not used
at a certain point in flight is dumped overboard. Herein lies one of the
advantages that makes it possible to use these low performance techniques. The
vehicle actually carries a lower dead weight for the total distance than with a
mechanical thrust vectoring system.
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For fluid injection, the desirable fluid properties are: low specific
heat, low "boiling point, low heat of vaporization, low molecular weight of the
injectant or its reaction products, high density for compact packaging, and
high heat of reaction or exothermic decomposition.

Other things of importance would be high injection pressure. This is an
aid primarily in penetration of the injectant into the main stream. The injec-
tion location is important. It must be pushed as far upstream to take advantage
of the downstream pressure field as possible, but at the same time the reflected
shock condition must be avoided. The pattern is known to be important: mul-
tiple orifice injection gives higher performance than single port injection.
The work of Newton and Spade at JPL indicated what the pressure fields looks
like in a real nozzle - at high injectant flow rates the performance falls off.

Figure 5 shows a concept as it might be applied to a liquid propellant
motor, showing an artist's concept of tapping off from, say, one of the propel-
lant feed lines in a regeneratively cooled motor, through a flow control valve,
and injecting into the main nozzle.

Desirably, something like liquid oxygen would be injected into a fuel-rich
stream in the hope of getting some additional reaction.

Figure 6 is a bipropellant concept which will be discussed in more detail
later. Because this figure was prepared for the benefit of the solid propellant
people, tankage is small. It depicts mixing the two propellants just at the
wall of the nozzle, thereby allowing both mixing and reaction to occur in the
main exit cone of the nozzle.

Figure 7 presents an alternative possibility for mixing with the use of a
premix chamber or precombustion chamber essentially to prepare the propellants
for reaction as they enter the main nozzle. However, if this procedure is
carried too far a hot gas system would result.

Figure 8 shows the same general concept of bipropellant injection; it
depicts the use of a shock-triggered reaction or a standing detonation wave.
If an obstruction is located downstream of the point of injection such that a
shock is created, it may be possible to establish a standing detonation wave.

At NOTS, standing-wave engines have been fired with the main combustion
gases burned fuel-rich, by adding the excess oxidizer either at the throat or
through a special type of injector, and with additional combustion occurring in
a standing detonation wave. So this concept is possible and should offer some
potential for increasing the performance of slowly reacting injectants.

Little work has been done with reactive fluids, and there are little or
no kinetic data available for the combinations of constituents, and these
conditions.

There has been some work done with monopropellants by Lockheed at Sunnyvale
(on the Polaris program) where they injected 90 percent hydrogen peroxide into
a liquid test motor. By comparison, the peroxide gave an injectant specific
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impulse of 116 pound-seconds per pound, compared to about 70 seconds for freon
under the same conditions.

They also tried saturated solutions of sodium perchloride in water, "but
this turned out to be no good. Water is about the poorest injectant that has
been tried. They also injected liquid oxygen as liquid, and achieved a meas-
ured injectant specific impulse of iW- seconds compared to 100 for freon.

In both cases, the liquid oxygen and the peroxide gave performance increases
of approximately V? percent over freon. Under proper conditions over a wide
range of flow ratio freon can give specific impulses up to 1^0 pound-seconds per
pound.

It is conceivable that the increase reported by Lockheed might be due to
other things, especially in the case of liquid oxygen. But this is unlikely,
and they probably were seeing some reaction.

In later tests it was reported that liquid oxygen had given measured injec-
tant specific impulses of around 200 seconds.

Nitrogen tetroxide f̂ OM has been injected. One test conducted at Tullahoma
on the X-2̂ 8 motor gave inconclusive results. The performance of the NgOl^ in
this test was actually lower than had been achieved with Freon which is contrary
to NOTS experience with ̂ 01̂ . in other tests on other motors. No data are avail-
able as yet on some of the tests in which ̂ Olj. has been used on the large solid
boosters.

Figure 9 presents information on the performance of bipropellant injection;
it shows the use of UEMH-KFNA being injected into the exhaust stream of a UEMH-
KFNA test motor. Also illustrated is the performance of several other fluids;
the solid portions of the curves give the actual data span.

The injection scheme used in this particular series of tests was the same as
that shown in the figure where the mixing actually occurs at the nozzle wall as
it flows into the main stream. It was a very poor injector because it was a
single impinging pair, and under these conditions gave rather poor mixing.

However, the performance ratio - in the order of 0.55 - is higher than has
been obtained with any of the other relatively inert fluids on this particular
engine at these conditions. By using slightly recessed mixing points, the per-
formance has been increased under the same conditions to about 0.65- At flow
ratios around 2 percent, performance ratios of 1 have been achieved.

Most of the work, and certainly all of the work that we have done at NOTS on
bipropellant injection, has been performed with nozzles of an expansion ratio of
around 12 to 1̂ . The expansion ratio of the nozzles used by Lockheed on Polaris
was I1*-. The path that the injectant has to flow in the nozzle is quite short, on
the order of 3 to k inches. Hence, only microseconds are available for mixing
and reaction. (The kineticists shudder a bit at this.)

We have also conducted hot gas injection tests at NOTS in an attempt to see
whether or not under these conditions we might get a reaction in our short path
nozzle. Figure 10 shows one liquid test motor which has a water-cooled chamber
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at pressures up to about 1500 psi. The secondary chamber and the main chamber
operate on TJDMH-KFNA, and about 3500 pounds thrust is produced.

The main chamber has been operated at oxidizer-to-fuel ratios as low as
1.58, rather fuel-rich, and the secondary chamber, at the same time, has been
operated at oxidizer-to-fuel ratios of 5-25- In the study, there was no differ-
ence in performance over this range of operation.

As has been stated, there is very little known about the reaction kinetics
that apply. However, the kineticists seem to think that the simple combinations,
or elemental combinations, such as liquid hydrogen and oxygen, or hydrogen and
fluorine, will probably occur in the time span that we have in the larger noz-
zles. Certainly, if a standing detonation wave or shock is established, they
should react.

Some work is being conducted in supersonic combustion. Antonio Ferri, on an
Air Force contract, has found that there is no combustion problem with hydrogen
and air (as related to supersonic combustion ramjets), but that mixing is the
biggest problem. Penetration in the big boosters may be a problem in achieving
sufficient mixing with the quantities of fluid that are required.

Figure 11 is a part of the actual film strip from a test of a Lucite nozzle.

Figure 12, from the same film strip, shows what occurs when Freon 12 is
injected. The injected stream is actually almost half-way across the nozzle and
folds back, and the excess then spills out the nozzle exit. The flow ratio here
is around 15 percent.

It was found, however, that in calculating penetration, the assumption must
be made that the injected material will follow a ballistic path. In other words,
by assuming discrete particles an approximation of what happens in the nozzle can
be obtained. Even with Freon, vaporization was incomplete in these tests.

The potential of reactive fluid injection is essentially wide open - not
enough is known about it to make any knowledgeable guesses about the potential
of reactive fluid injection.

It would appear that the performance in large expansion ratio nozzles can
approach that of primary propellants and probably exceed it at the lower flow
ranges.

To achieve thrust vector angles of 3° or U° in large boosters, the perform-
ance of liquid injectants, even inert liquids, can be quite high.

There are some areas that need further study to answer questions about reac-
tive fluid injection. These studies really should be made before anyone engages
in a large program.

First, systems analysis studies are needed to determine the value or the
trade-offs of fluid injection for the motors being considered, using a broad
range of assumed performance.

Second, theoretical and experimental work is needed to determine the reac-
tion kinetics of possible combinations at motor conditions, and, probably, shock
tube experiments will prove useful as means of obtaining these rate constants
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Third, experimental data are needed to determine the extent of penetration
of the injectant stream into the main exhaust stream to determine the flow
injection pattern, the mixing pattern, and the controlling parameters. Also,
some knowledge of velocities behind the front of this disturbance would "be
useful.

Somewhere in the midst of all this, it might be wise to conduct a very
limited number of tests with reactive fluids with one of the larger engines,
something of the order of the F-l or M-l, simply to generate data for the ana-
lytical types to try to answer why something happened or why it did not happen.
Sometimes such testing activity seems to stimulate research.
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Figure 3-- Liquid propellant applied research
motor-injectant freon 12 position 12.
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5̂ . MECHANICAL SYSTEMS AND DIFFERENTIAL THROTTLING

By Charles F. Zalabak

Lewis Research Center, NASA

Table I is a list of several mechanical systems for achieving thrust vector
control. In the left column are the more desirable schemes; in the right column
are what at the moment appear to be the less desirable schemes. The early
liquid rockets have employed the jetavators, jet vanes, and jet tabs. In gen-
eral, they are too heavy for the current concepts of the liquid engines, and the
modern engines have been gimbaled.

Under the gimbaled engine system are 1 isted two types: (l) the conven-
tional gimbal in which the thrust loads are effectively taken out at a point and
which uses a relatively small gimbal bearing and (2) the cam ring. A part of
the thrust structure, a cylindrical section with nonparallel ends, is rotated
about its axis to provide thrust vectoring. In its more advanced form the cam
ring can provide the same kind of angular motion of the thrust axis that a con-
ventional system produces.

In the right column, the gimbaled chamber concept, first of the less attrac-
tive systems, may have promise for the can-annular plug engine. For liquid
rockets regenerative cooling will be required, particularly in the high engine
pressure regime, and the difficulties of sealing take the canted and the gimbaled
nozzle out of the picture.

The net result is that gimbaling is the attractive form of vectoring among
the mechanical systems. It is a proven concept. It appears to be the lightest.
And studies by Aerojet and Rocketdyne indicate that there are no conceptual dif-
ficulties in extending the capabilities of the gimbaling system to a thrust
level at least as high as 8 million pounds. Therefore, the remainder of this
discussion will be largely confined to the gimbaling system.

Figure 1 is a very rough schematic, intended only to indicate the way the
thrust loads of the various engine types might be transferred to the vehicle.
The bell nozzle has already been described. Thrust loads are most conveniently
taken out in a thrust cone.

In the forced deflection nozzle, thrust loads are distributed over a large
diameter, lightweight structure; therefore, the thrust structure is most con-
veniently represented by a large diameter cylinder.

The same is true with the plug concept.

There are still many problems in regard to the gimbal system proposed for
the M-l, which has a conventional bell nozzle; table II lists some of the items
to be considered. In brackets at the top are the M-l gimbal specifications -
±7-5°, angular rate of 15° per second, and a ringing frequency of something
greater than 7 cycles per second.

The problems associated with the gimbal design are listed: the suction
lines, as they determine the length of the thrust structure and the inter stage;
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the volume compensation requirement as it influences the length; the natural
frequency as determined by the engine packaging and the gimbal-bearing radius;
the gimbal bearing design and whether it is to be ball and socket or roller
bearing; and the choice of an actuator, either hydraulic or pneumatic since we
are now working with the cryogenics.

Figure 2 is a schematic of suction lines. At the bottom is a schematic
representation of the F-l type suction duct which has been used as a design
basis for the M-l engine. The forward and aft U-joints take the angular deflec-
tion of the suction Joint, and the sections on either side of center take the
axial deformation. The section in the middle provides axial expansion when the
sections on each side undergo axial compression, and vice versa.

The length evaluations are depicted in the sketch at the top of the figure.
The correction "called out" is the angle corresponding to the misalignment fac-
tors that occur because of unknown positions of the pump inlet and the tank
flange. When the total vectoring angle is large compared to the angular capa-
bility of the U-sections, the length is determined by the differential angle 9-8
and the amount of lateral displacement. With the differential first established
the duct lengths required were extreme. It has since been determined that the
angular capacity can be expected to be better than that initially used and
acceptable duct lengths are the result.

When the angular capability becomes large enough, the determining length of
the suction ducts is the volume compensator. From some studies in this area at
Lewis and at Aerojet, it has been established that the need for volume compensa-
tion is relatively small; that it is quite reasonable to expect to have suffi-
cient ullage pressure at the time that it is needed. The need is expected to
occur only in the early stages of engine operation as the result of pressure
surges associated with the maximum gimbal motion requirements.

As is indicated in figure 3, the natural frequency is proportional to the
length of the lever arm (the normal distance between the gimbal center and the
actuator attachment point), and to the square root of the ratio of the effective
spring constant to the polar moment of inertia of the engine about its gimbal
center.

The actuator can be designed with high enough stiffness that the effective
spring constant is determined by the vehicle structure and the engine ring-and-
tripod assembly at the actuator attachment points. With a specific value for
the spring constant of the vehicle structure the engine ring-and-tripod assembly
was varied to obtain the best combination of spring constant, weight, and actu-
ator arm length.

Then the engine packaging was varied in order to lower the polar moment of
inertia. The pumps were moved from station 1 to station 2. The inertia about
the center of gravity was lowered. The gimbal center was relocated to posi-
tion 2 by increasing the gimbal bearing radius. The net result was a reduction
of the polar movement of inertia about the gimbal center. For an optimum
arrangement of the actuator arm and ring-and-tripod assembl'y the natural fre-
quency was about 5 cycles/second for the pumps-forward configuration and
7 cycles per second for the pumps-aft configuration.
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Although the M-l plan presently conceived does not include the development
of actuators, some consideration was given to the area and some characteristics
of various types of actuators are listed in table III. Gimbal actuator charac-
teristics for the modern engines are presented in table IV. The actuators for
the H-l, F-l, and KL-10 are hydraulic; those for the <J-2 actuator represents
those of a configuration in the early stages of development. We do not expect
the weight of a pneumatic actuator for the M-l to be extensively different. Cer-
tainly it would not be scaled up according to torque output and engine size. The
primary difference would be the length of the stroke.

Figure ^ is a schematic of this actuator. It comprises a pneumatic motor
driving a planetary transmission and ball screw. There would be no change in
concept for M-l application - only a resizing of the motor, primarily in speed,
and a lengthening of the stroke.

In summary, the problem areas of the gimbaled design are shown in table V.
The angularity limits that are imposed by the suction duct bellows result in high
interstage and thrust structure weight due to excessive line length. The bellows
design and material selection can be improved to give a higher degree of angular
capability. Other concepts, for example, the arched suction line, in which the
motion between pitch and yaw planes is separated, result in a larger angular
capability.

A principal cause of natural frequency is the moment of inertia. This is a
significant problem area with the bigger engines. As a result of lower natural
frequency, there will be problems of coupling with the bending and slosh modes of
the vehicle requiring greater control complexity. Solutions, as pointed out in
the case of the M-l, are component arrangement and a larger gimbal radius. There
are other concepts, one of which is the cam-ring gimbal, that attempt to solve
the problem. The spring-mass system is characterizied by the inertia of a part
of the thrust structure, and torsional vibration modes are excited.

Gimbal bearing friction plus the structural deflection of the engine can
cause the control dead band and resulting control instability. Potential solu-
tions are the selection of suitable materials and lubricant and the bearing
design.

The effort involved in the solution of these problems appears to have been
incidental to each engine design. It is possible that advanced technology
effort in some of these areas could be very helpful.

The thrust vector can be controlled by throttling. Two modes of throttling
are available and impose similar performance penalties regardless of engine type.
One mode is that of plus and minus control for engines on each side of the
vehicle axis, in which case the engines will be subdesign capability during the
nonvectoring time periods. If engine thrust is decreased to the only freedom
allowed, the total vehicular thrust oscillates with vectoring requirement.

With the conventional-bell engine vector, control by throttling is limited
to multi-engine configurations. The control capability can be determined from
the thrust axis and vehicle geometry and the degree of throttling. In the case
of the forced-deflection nozzles with multichambers, the work to date indicates
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only small corrections are available. The same is true for can-annular plug
configurations. The capability can be increased by increasing the control com-
plexity. For instance, control over half the periphery improves the capability,
but with pitch-yaw control require a significant complexity problem is imposed
on the controls. Experimental results indicate a decrease in vectoring capa-
bility for increasing nozzle-pressure ratios.

To define the area of applicability of thrust-vector control by throttling,
experimental studies should be made on the forced-deflection and can-annular
plug configurations to establish the performance at high pressure ratios. The
desirability of a vehicle with this capability should be evaluated. Also, there
is a need to establish the feasibility of vehicle operation with large axial
thrust variations that result from throttling.
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TABLE I

MECHANICAL SYSTEMS FOR THRUST-
VECTOR CONTROL

GIMBALED ENGINE
CONVENTIONAL
CAM-RING
HYDRAULIC-SLIPPER

JETAVATORS

JET VANES

JET TABS

GIMBALED CHAMBER

GIMBALED NOZZLE

CANTED NOZZLE

ASYMMETRIC NOZZLE
EXTENSION

TABLE II

M-l GIMBAL DESIGN

±7^ , 15°/SEC, fn > 7 CPS.

SUCTION LINES
LENGTH
VOLUME COMPENSATION

NATURAL FREQUENCY
ENGINE PACKAGING
GIMBAL-BEARING RADIUS

GIMBAL BEARING
BALL AND SOCKET
ROLLER

ACTUATOR
HYDRAULIC
PNEUMATIC
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TABLE III

ACTUATOR COMPARISON

HYDRAULIC

PNEUMATIC

ELECTROMECHANICAL

WELL DEVELOPED, PROVEN RE-
LIABILITY, CAPABLE OP BEING
SCALED TO SIZES REQUIRED, HAS
REQUIRED STIFFNESS, REQUIRES
TEMPERATURE CONDITIONING AND
AN AUXILIARY PUMP.

OBTAINABLE WITH APPROPRIATE
POWER CAPABILITY, DOES NOT
NEED TEMPERATURE CONDITIONING
OR AUXILIARY POWER SOURCE, STIFF-
NESS IS A PROBLEM IN SOME CON-
CEPTS, IS NOT WELL DEVELOPED.

MOST APPROPRIATE FOR SMALL SYSTEMS,
MANY RESTARTS, FOR APPLICATIONS
WITH READY SOURCE OF ELECTRICAL
POWER.

TABLE IV

ENGINE-GIMBAL-ACTTJATOR CHARACTERISTICS

GIMBAL RANGE, DEG

OUTPUT TORQUE,
FT-LB

OUTPUT VELOCITY,
DEG/SEC

ACTUATOR WEIGHT,
LB

ENGINE THRUST

H-l

±7.5

18,300

19

22.5

190K

F-l

±6

380,000

10

300

1.5M

RL-10

±3

2,770

8

8.9

15K

J-2

±7.5

34,800

9

75

200K

M-l

±7.5

557,280

15

150

1.5M



TABLE V

PROBLEM AREAS ffl QIMBAL SYSTEMS

1. ANGULARITY
LIMITS

2. NATURAL
FREQUENCY

3. CONTROL
DEAD BAND

PRINCIPAL
SOURCE

SUCTION-DUCT
BELLOWS

MOMENT OP
INERTIA

BEARING FRIC-
TION PLUS
STRUCTURAL
DEFLECTION

CONSEQUENCES

HIGH INTER-
STAGE AND
THRUST STRUC-
TURE WEIGHT
DUE TO EXCES-
SIVE LINE LENGTH

COUPLING WITH BEND-
ING AND SLOSH
MODES, CONTROL
COMPLEXITY

INSTABILITY

SOLUTIONS

BELLOW DESIGN,
MATERIAL SELEC-
TION, IMPROVED
CONCEPTS (E.G.,
ARCHED-LINE CON-
FIGURATION)

COMPONENT ARRANGE-
MENT AND GMBAL
RADIUS TO REDUCE
MOMENT OF INERTIA,
IMPROVED CONCEPTS
(E.G., CAM-RING
GIMBAL)

MATERIALS AND LUBRI-
CANT SELECTION,
BEARING DESIGN

EFFORT

INCIDENTAL
TO EACH
ENGINE
DEVELOPMENT
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THRUST-LOAD DISTRIBUTION
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Figure 1
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Figure 2
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NATURAL FREQUENCY REQUIREMENT

fn a. LEVER ARM
SYSTEM SPRING CONSTANT

POLAR MOMENT OF INERTIA

( fn > 7CPS FOR M-l )

Figure 3

PNEUMATIC GIMBAL ACTUATOR

-VALVE AND FILTER HOUSING

-OUTPUT
ROD END

-BALL SCREW -PLANETARY
TRANSMISSION

Figure

377



• • • • • • • fc • • • • • •
• • • • • • • • • • • •
• • •• •• • • ••• »• ••• ••

Page Intentionally Left Blank



35. SUMMARY DISCUSSION

MR. COMPITELLO: An engineer, working for the Navy, is working with what
chemists call perhydrides - I Just call them the heavy hydrides, such as FE-86.
Do you have any plans of using any of these as a propellant reactive fluid,
Mr. McCullough?

MR. McCULLOUGH: At the present time we are essentially - at least I think
we are - phasing out of liquid injection. We are now working on hot gas injec-
tion as applied to solid propellant motors. So we have no plans in this partic-
ular area.

MR. HAWK: Just one comment, Mr. Beheim, not a question, really in that we
have talked about the advanced nozzles today, and all the work on TVC that has
been discussed has been done with the bell nozzle configuration. We have done
a small amount of work with the annular radially outward flow nozzle, and the
correlation does not appear to be very good, primarily due to the fact that at
low pressure ratios, when we have a narrow annular supersonic jet, we are pene-
trating the jet with the secondary flow, and we are limited to extremely small
secondary flow rates. So, at sea level conditions and, say, under 10,000 feet
in our particular application at high chamber pressure, we could not get very
effective K factors with our secondary injection techniques in the advanced
nozzle.

One last point: Our slot performance at altitude seemed to be the best,
but when you consider the practical aspects of building a slot into a rocket
nozzle, it doesn't look attractive.

Dr. Rao, consulting on our program, came up with a relationship between
spacing and sizing in an attempt to simulate a slot. The results were that we
did, in fact, very closely simulate a slot, in some cases getting even better
performance with round holes, which would be easier to work into a practical
configuration.

MR. ZALABAK: One comment with regard to the selection of the vectoring
system for the M-l. There will be a report out in the near future by Aerojet
concerning a system study for secondary injection.
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56. SUMMARY OF PREVIOUS DISCUSSIONS

AND FINAL PROBLEM REVIEW

MR. SLOOP: At the beginning of the meeting I said I would call on the
session chairmen for any comments they cared to make, including a summary of
their particular sessions and any other things that they feel called on to make
about the whole session. I would like to do this in reverse order, since we
went from general to detail.

Since Milton Beheim was just up here, I would like to ask him if he has
any additional comments to make, in general or specifically, about his part or
anything else he has heard.

MR. BEHEIM: On the matter of altitude compensation, conclusions regarding
the importance of external stream effects are certainly influenced by the choice
of chamber pressure. As chamber pressures increase, undoubtedly the problem of
altitude compensation will become less difficult. However, the matter of
achieving the additional base bleed effectiveness has not been achieved and
requires more work. On the matter of thrust-vector control, I think the doors
are still open to all systems. It does appear that the reactive fluid approach
has not been studied sufficiently, but might prove interesting for very large
rocket engines.

MR. GINSBURG: I have no additional comments. I think the last slide this
morning covers in general recommended problem areas that would warrant serious
consideration for additional or extension of technology programs.

MR. MORRELL: I want to re-emphasize that there really isn't a detailed
direction you can give to the advanced technology program. The engines will
just get bigger, and support should be given to anything that leads to better
understanding of larger systems.

I would like to make a proposal, however. I think that a group of people
representing those Centers and NASA Headquarters that have an interest in large
engines ought to go further than the Nova studies, and actually come up with a
real selection for a large engine and vehicle combination, if we had to do the
job right now. This development program should be continued on paper, bringing
in the new technology as it comes along and revising it from time to time, so
that NASA internally has an objective toward which we are moving, so that when
the time comes that we must get financing we will have something ready to go
that is feasible at that time.

Maybe we can do it, maybe we can't. I don't know. We certainly won't do
it in auditoriums. We will have to get some people together who can speak for
their Centers, at least technically, and when they get through with that maybe
they can speak for management and get some approval or disapproval of the idea.
I think we have to have something like this going, otherwise it will always be
a flop.
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MR. BARTZ: I agree with Gerry Morrell on the point of establishing some
kind of direction for a future development direction because what one does about
the cooling is quite dependent on how this beast is going to look.

I think to cover all bets will be too costly and too time-consuming for the
resources that we have until you come to such decisions as will it be one-stage
to orbit, and, therefore, are we talking hydrogen/oxygen, are we really talking
3,000 psi, and so forth. Until matters like this are narrowed down, we are just
going to be taking stabs here and there.

In order to get a more concerted effort toward getting a .complete set of
answers that will do the job at a given time, I think we will have to take the
steps Gerry Morrell just outlined.

In regard to the cooling problem, in general, I have long been opposed to
studying rocket motor heat transfer in rocket motors. I think I will have to
change my attitude when it comes to high-pressure engines because it seems to
me the only real place, the only real hope for very high chamber pressures now -
I will define that as something over 2,000 psi. The only real hope for cooling
such engines, in my opinion, lies in the mass transfer methods, and when we talk
about mass transfer methods, I think we have to study these things in an actual
combustion system because we can't separate the combustion and heat-transfer
problems. They are one and the same, intimately locked together.

Therefore, I think that there needs to be more studies of high-chamber-
pressure combustion and high-chamber-pressure film and transpiration cooling,
if we are really going to be serious about this direction.

As I see it now, we have only one such program in the country, that at
Pratt & Whitney, and it wasn't clear to me that there was an assurance of a
long-range continuous funding on that program. If it should go down the drain,
I am afraid that the last or the only program that I know is specifically
directed at getting that kind of information.

I might make a brief comment in response to something Mr. Thompson brought
up about hot gas thrust vectoring. There could be a heat-transfer problem
associated with that, I think, judging by our experience in diffusers. The
problem is this: When a supersonic boundary layer separates, and then, for
some reason, re-attaches, there is quite a heat transfer because of the very
thin boundary layer where it re-attaches.

I could possibly envision a re-attachment of a separated boundary layer at
the edges of the separated flow that occurs in hot gas thrust vectoring. When
that occurs I could, therefore, envision a very high local heat transfer at the
edge and, therefore, possibly, such a high heat transfer that it would result
in burn-outs.

MR. WEIDNER: From what we have heard today, and yesterday, I believe that
there are too many unrealistic concepts floating around. We must somehow bring
some order into this matter.
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Most people in the field "believe that today's problems are not funded big
enough. So I don't expect the step of advancement that we are always talking
about to be as big as some people hope it to be. I think somehow, once the
chips are down, we will have to be satisfied with something much smaller than
we may hope to be able to do.

I think we cannot go on charging in our research in all directions, but we
have to somehow soon restrict ourselves, and wisely. I think what is going on
in Congress now is an indication that money might not be too plentiful in these
areas in the coming years. And that is more reason to concentrate the dollars
we have in this area which looks promising, and close to a realistic line. Also,
we should somehow make a wise decision, a restrictive decision, and, dropping
some things, say this is where we want to work. This might be a gamble, since
this decision has to be made on not enough knowledge, as we all heard. But the
gamble is a much smaller one, I think, if we do this now, than if we do it a
couple of years from now at a time when we may have to move on a much bigger
scale.

We can't afford, I might say, with this preliminary decision to be wrong.
Though it will not be a killing one, it will be nasty. Therefore, I think' I am
pleading for some sort of pulling together to make such a decision.

This pulling together, I think, must start at the Washington level. I
think people like John Sloop should be the starters. This would be a recommen-
dation on my part. I think the Centers should be willing to help do the job.
I think it is a combined job between the organizations here.

Maybe we should establish some group of people who are at least at decisive
enough levels that they can influence things and are willing to stick their
necks out and say, "This is what we should drop, and this is what we should do."

MR. SLOOP: Thank you, Hermann Weidner.

The data used by vehicle designers and studies must come from engine
people. I think it is our duty to be realistic in furnishing these data to the
user of vehicle designers. Frank Williams has headed this part of our discus-
sion. I think he has taken quite a bit of comment from us, and it is his chance
now for rebuttal.

MR. WILLIAMS: This two-day session has been quite informative to me in
general. I have learned, as I think most of you have, that there is not uni-
versal agreement on the question of what is Nova. To go one step further, it
is not clear, even if we know what basic configuration we would use in Nova,
what propulsion system would be used.

To take this additional step, even if we decided what the vehicle looked
like, what propulsion system we would have in terms of thrust, ISp, if you will,
we still don't know what kind of engine we want, whether it would be ED, plug,
or bell, or what-have-you.
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In fact, as one of the Aerojet engine people, they are still looking at the
low Pc pressure-fed.

Of course, we concentrated on liquid systems. We have not heard anything
from the solid propellants people, and they at least think they are still in the
running and in the minds of many people they are.

Even if we picked the vehicle, picked the propulsion system, picked the
type of engine, it is quite evident to me that there is no agreement on what
Pc level we should have, what kind of cycle we should have, even the number of
pumps that we might need to generate the 20-odd million pounds of thrust. And
even if we picked some of these things, just froze them somewhat arbitrarily,
there is no agreement. At least, that is my impression, after listening to the
sessions, on such things as the various aspects of the pump design, the type of
turbines you would use, and the type boost pumps.

So, in general, I think we have reassured ourselves that there is a lot of
work to do in practically every area.

One thing that concerns me, and it was voiced by several people -
Mr. Weidner just before me - that we can go along working for the next year,
all of us assemble back here next July, hear what has been going on, but still
not have the answer to the question: What propulsion system or engine should
we use for Nova, or what is Nova?

Granted, we might be a lot wiser; we may have a lot more competence level
in many areas of technology, but I still don't think that we will be able to
answer the basic question of what is Nova and its propulsion system.

To a degree I think that we are not really utilizing the vehicle systems
work. I will be the first to admit that we do not have the detailed answers to
all the questions and the various criteria that we have under consideration.
But I do think that if we, NASA, put ourselves into the study, taking a greater
part and participating to a larger extent, can provide much higher competence
level in the trends and the data that are coming out of these. We can use
these as a backdrop to project our programs in advanced technology, particularly
in the propulsion field, because in the overall vehicle system propulsion is our
critical area. It is one where we have the greatest number of unknowns, even
though much is unknown about recovery, the reuse of vehicles, the engines them-
selves, and longevity. But propulsion, per se, is our number one problem, not-
withstanding such problems as money and program approval.

I also think that if all of us take a more active part - and I urge this -
in the vehicle study activity, we would have even higher competence level in
some of the trends and conclusions that I think we can draw. The trends that
we recognize now, and the conclusions that we can draw at the present time, and
that we would be able to have a little better feel for the very mushy areas,
vague areas, throughout the system and, particularly, in the vehicle area.

You may have noticed one thing in our vehicle studies, costs or dollars -
we boil it down to cost effectiveness - is a very important parameter.
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If we plot payload, and pick one over a hundred - if we plot payload
versus Pc - you all know what the curve looks like, I won't bother putting

numbers. It begins to bend over around 3,000 psi. You may have 2,000, maybe
3,000, somewhere along in here.

We also plot versus Pc, the cost, development cost of an engine system,
or the manufacturing cost after it is developed, or, if you will, the total
program cost. We get a curve that may look something like this. If we trade
these things off versus Pc and call this cost effectiveness, if you will, the
cost of the total system, developed and operating over a ten-year period and
getting payload to orbit or people to Mars or what-have-you, we get a curve that
maybe looks like this, if we take our nominal values.

If we take the dispersion, it may look like this. At best it may look like
this. These are the kinds of things we are going through. I feel that you
people, along with the engine people, because GD/A and Martin have people that
are up to date and trying to keep current in the state-of-the-art and propulsion
systems and various elements thereof, but they themselves do not have the ability
in my mind to really define such curves as this, this, and numerous others, which
really boil down to things like this.

And these are the types of criteria, right, wrong, or indifferent, that we
are using at least as a measure of the desirability of one system versus the
other. We take into consideration manufacturing, development risk, launch
facility requirements, all the way across the board. But here is where I feel
we need definite support from you, and we can enhance our competence level in
the final trends and conclusions that come out of the study and we can give
better results in this area.

Another point that I would like to make in looking back into the history
of airplanes or launch vehicles, guided missiles, et cetera, and trying to pro-
ject this into the future, I believe that when the time comes to start major
elements of Nova, the engine, or pumps - or maybe even the Nova program itself -
that we are not going to have absolute proof that what we have selected is the
optimum, or the best. In fact, in some cases even the feasibility of some of
the items that we may have to choose may not be proven.

With that in mind, maybe we should establish a new criterion that would
help us in defining where we go from here. Maybe we should optimize a system to
the minimum distance to which the NASA Administrator must stick his neck out to
get the program approved, or in approving the program itself. In doing so we
have a limited amount of money, we have a large area of technology, particularly
in the propulsion area.

We have a whole area of unknowns in the propulsion area. We can take the
shotgun approach and spend a little money here, there, and everywhere, and
arrive back here next year with a lot of data, feeling better about certain
areas, but still not be able to get from the center of the problem out to a
solution which I think we could if, as Mr. Weidner said, we concentrated our
efforts.
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This takes risk, but in optimizing the total system I think maybe the
risks are better in providing the NASA Administrator the kind of material he
needs to make a decision to approve certain things if we take such approach.

I don't have the ability and doubt that anyone in the audience would like
to take the chance to say where we should spend our money in the coming year in
the propulsion area. But it is within the capability, as voiced by several
people, that if we set our minds to it and not necessarily form a committee -
in fact, I think that may be the worst way to go - but get a working group of
people together and assess the problems, the unknowns, the advantages and dis-
advantages, of various elements, utilizing what we know, some of our technology
work and the vehicle system work, that we could really define this problem.

This is just an example of what I mean. One of the things that has come
out of our study is that we want a two-stage Nova. Maybe a two-stage Nova is
what we want. In the GD/A presentation, they concluded that the first stage
should have lox/RP, should have an ED nozzle, about 2,000 psi with an expansion
ratio such that it is fully expanded at sea level, and about 6 million pounds
of thrust.

The second stage should use hydrogen and oxygen, again an ED nozzle, of a
little bit higher combustion chamber pressure.

Why not go out on competitive bids, on a predevelopment or feasibility
development for these two engines, and select a company for each of them, or
maybe the same company for both of them, and spend a great percentage of this
coming year's advance technology money to really solve the problem of an engine
system, rather than, if you will - and I hope you will pardon me if I offend
you - take the shotgun approach and do a little bit here, a little bit there,
and a little somewhere else.

Maybe I am all wet in this approach, but I think this would direct the
effort along the line such that we would be much farther along in the nearer
future to answering the question of what is Nova. It may not be the very opti-
mum solution because, I don't know, some people have the philosophy - and I
think most of the time I fall into this category - the better is the enemy of
the good. I think we can select a system that when we do get it developed, it
will be a good system, a workable system. And we could have it ready in suffi-
cient time to have the competence level such that the Administrator, when it
comes time to approve this, or help sell it, he will have all the ammunition he
needs to do so.

That about concludes it. I will pull my neck in now. I would like to
invite each of you to Marshall Space Flight Center the latter part of August.
We will have a major Nova systems study review. Right now it is tentatively
set for the 20th, 21st, and 22nd. That will be a two-, possibly three-day
session. Each of you will be informed via the Center representatives that are
members of the Nova management team as to the precise date, time, et cetera. I
would encourage each of you to come. We need your support. I think we can
help you.
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MR. HAVOC: The only comment I had - this is strictly a personal observa-
tion as I don't have any Air Force sanction on this - it is my concern that we
have met here the past two days, and we have discussed major type problems of
combustion instability, advanced nozzles, pumping, et cetera. Needless to say,
these are major problems and need -Immediate and concentrated attention for large
systems. But one thing that has in my opinion always plagued us, so to speak,
are the nickel and dime parts, the subsystem paraphenalia that goes into putting
an engine together - valves, bellows, lines. When we start talking about a
20-million-pound engine and some of the peculiar techniques of putting them
together that have been discussed over the past few days, that we cannot afford
to ignore or pass by these areas which right now seem of lesser importance but
will loom up quite large as we get closer and closer to actual advance tech-
nology or experimental development of such an engine.

MR. SLOOP: There are two headquarters offices quite interested in advanced
engines. The Office of Advanced Research and Technology and the user office, in
this case of the large liquid rocket engines, is the Office of Manned Space
Flight.

Mr. Tischler and I have worked together planning this meeting. I want to
call on him now if he has a few words of wisdom.

MR. TISCHLER: Anything I say may be too much, and I don't want to take too
much time.

I think there has been a flame smoldering for some time - let's call it a
torch - in this Nova concept. It was pretty well squelched a year ago by the
fact that there wasn't money for it, and that condition seems to prevail even
now. I think it can be brought back to a pretty bright flame if we can simply
carry it forward fast enough. I believe that we have been handed this torch,
John, you and I, and I think we have a job to do in bringing together an agres-
sive effort in the technology area, and obviously within the funds that will be
available, with the idea of developing the concept into a clear picture that
can be defined and presented so that it becomes salable to our Administrator
and to the nation as a whole at the earliest possible date.

I believe sincerely that we must do this on a fairly aggressive basis
because, in the long run, whether we continue to operate in space on a large
scale may depend strongly on how much we accomplish in defining our objective.

I think timewise there is a two- or possibly even four-year period in which
this must be identified. I do believe personally that this is adequate to bring
us to the point where we could initiate serious development.

I must take issue with Frank Williams a little in that I don't think this
is the time to start developing a model engine, although that may be a logical
step along the way. I think there are too many problems that haven't been
answered. One of the principal ones is the cycle that should be adopted. The
system concepts - turbopumpwise, particularly and combustion chamber, and
nozzlewise secondarily - must be a part of that cycle concept. So this is one
of the first areas perhaps that needs to be attacked.
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I do agree with his argument in the sense that a hypothetical engine must
be defined at an early date to tell us which technology to pursue to the
greatest degree.

If we find blind alleys here we will have to change this hypothetical
engine to accommodate those blind alleys and develop new areas. But certainly
this is another part of the task.

MR. SLOOP: I hope that we at Headquarters can provide the catalytic
action, but the steam must come from the Centers, because they have the people
and the detailed know-how.

MR. WEIDNER: And money.

MR. SLOOP: And money. We can help with the money.

As many of you know, Henry Burlage has been in research and technology
involving large engines since I960, so, I wonder if he wants to say anything at
this time, about any of his impressions.

MR. BURLAGE: I don't think so. What more can we say?

MR. MELLOW: I think it was very well stated for the time being.

MR. SLOOP: I would like to thank the session chairmen and the speakers
for a very interesting two-day session. I think that it is to your credit as
well as to the audience that we have stuck it out for ten hours yesterday and
about nine today. We have exchanged a lot of information in these two days. I
hope that each session chairman will continue to assist us in looking over the
record here, and in putting it in some form that we can show our colleagues.

I hope that each of you have benefitted from this exchange. I didn't
expect a clear set of future plans to fall out of this meeting; however, I do
think that it has served to sweep out some cobwebs and, perhaps, to jolt us out
of a few of our favorite ideas or approaches. It has given all of us a better
insight into the problem areas that should be funded in the coming year.
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